STEVEN A. BRANDT
RANDALL J. STILES
JOHN J. BERTIN
RAY WHITFORD

Introduction to Aeronautics:
A Design Perspective



FOREWORD

This book is the culmination of an effort to infuse design into the introductory course in
aeronautics taught to all cadets at the United States Air Force Academy. Design is an inherently
motivational activity, because it permits the student to apply his or her creativity and developing
technical knowledge to the task of meeting performance, cost, and other specifications for a device, in
this case an airplane, to meet human needs. The design process is iterative and does not result in only
one “right” answer. Thus it develops the student’s ability to frame and resolve ill-defined problems as
well as fosters intellectual curiosity. Design problems are also ideal for solution by student teams
which encourage the development of interpersonal skills so critical to success in a variety of
professional endeavors. Traditionally, design was viewed as a process which could only be undertaken
once one had obtained a certain level of technical knowledge imparted in a series of coursesin physics,
mathematics and engineering science. By following the traditional approach, the student was deprived
of the motivational experience which is design until late in the post-secondary curriculum. More
recently, educators have come to redlize that even with the limited background available to them,
beginning students can greatly benefit from the challenge of smple design projects with necessary
knowledge and tools being introduced as required to keep the process going. It was this realization
that spurred revison of the Academy’s introductory aeronautics course and the development of this
accompanying text. This introductory course now includes smple whole aircraft design projects and
projects which explore modifications to existing designs to improve performance. These projects
motivate and facilitate students' learning by challenging them to apply theory to practical situations.

It has long been the goal of this department to develop and publish from time to time books
which contribute to the education and practice associated with the broad field of aeronautical
engineering. These publications starting with Aircraft Engine Design by Jack D. Mattingly, William
H. Heiser and Daniel H. Daley; and continuing with Hypersonic Aerothermodynamics by John J.
Bertin, and Hypersonic Airbreathing Propulsion by William H. Heiser and David T. Pratt are all in the
AlAA Education Series. | sncerely hope that this new volume in the series will continue our tradition
by serving as an up-to-date and valuable contribution to the fascinating discipline we call aeronautical
engineering.

MICHAEL L. SMITH

Professor and Head

Department of Aeronautics
United States Air Force Academy
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LIST OF SYMBOLS

1. thespeed of soundinair, a=,/I RT, 2. linear acceleration, a=dV/dt

stream tube cross-sectional area

aspect ratio, AR=b*/ S

wing span

1. wing or airfoil chord 2. specific fuel consumption, S-C, used for reciprocating engines
wing root chord

wing tip chord

wing mean aerodynamic chord, M.A.C.

airfoil (2-dimensional) drag coefficient, cg=d/q$S

airfoil (2-dimensional) lift coefficient, ¢, =1/qS

airfoil pitching moment coefficient, c,=m/qgSc

thrust-specific fuel consumption, TSFC, used primarily for turbine engines
finite wing or whole aircraft (3-dimensional) drag coefficient, Co, =D/ qS
finite wing or whole aircraft (3-dimensional) induced (dueto lift) drag coefficient
whole aircraft (3-dimensional) zero-lift drag coefficient

equivalent skin friction coefficient

finite wing or whole aircraft (3-dimensional) lift coefficient, C.=L/qg$S
finite wing or whole aircraft pitching moment coefficient, Cy =M /qSc
degrees Celsius

airfoil drag

wing or aircraft total drag

wing or aircraft induced drag or drag due to lift

wing or aircraft zero-lift drag

wing span efficiency factor

aircraft Oswald' s efficiency factor

wave drag efficiency parameter, compares actual to ideal wave drag
airspeed compressibility correction factor

force

degrees Farenheit

acceleration of gravity, g = 9.8 m/s* = 32.2 ft/s’

grams

atitude

incidence angle

Joules

induced drag term coefficient, k=k; = 1/(p e AR)

camber influence coefficient in induced drag term

Kelvin

finite wing or whole aircraft (three-dimensional) lift

1. airfail lift, 2. overall length, especially of the fuselage or the entire aircraft
whole aircraft rolling moment

1. airfoil pitching moment 2. whole aircraft pitching moment (used in stability and control)
meters

1. wing or whole aircraft pitching moment, 2. Mach number, M=V /a

1. load factor, 2. whole aircraft yawing moment

normal force

Neutons

1. static pressure, 2. Power, P=TV

power available

power required

specific excesspower, Ps=V(T-D)/W
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LIST OF SYMBOL S (cont.)

dynamic pressure, q="/,r V2

turn radius

1. range, 2. ideal gaslaw proportionality constant (P=r RT)
degrees Rankine

Reynolds number, Re=r Vx/ m

distance along a path

seconds

reference planform area, usually the area of the wing planform
canard planform area

horizontal tail planform area

time
1. thrust, 2. temperature
thrust available

thrust required, Tr=D

x-axis component of velocity

y-axis component of vel ocity

velocity (magnitude)

free-stream vel ocity vector

horizontal tail volumeratio, Vy =Sl / Sc

z-axis component of velocity

axis of coordinate system which is frequently aligned with the aircraft’s longitudinal axis
force component along the x axis

axis of coordinate system which is frequently aligned positive out the aircraft’ s right wing
force component along they axis

axis of coordinate system which is frequently aligned positive down

force component along the z axis

1. angle of attack, 2. thrustlapse, a =T/ Tg

absolute angle of attack, a, =a - a =g

airfoil zero-lift angle of attack

wing zero-lift angle of attack

1. sdedlip angle, 2. weight fraction, b = W/ W;o

1. flightpath angle, 2. ratio of specific heats, g= 1.4 for air
control surface deflection angle

downwash angle

bank angle

wing taper ratio

wing sweep angle

1. air viscosity, 2. rolling friction coefficient

ratio of acircle scircumferenceto its diameter, p = 3.141579...
shear stress

mechanical efficiency

air density

sum

angular velocity, rate of rotation

largest possible number, used as a subscript to denote a great distance away
parallel to
perpendicular to
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INTRODUCTION TO AERONAUTICS: A DESIGN PERSPECTIVE

CHAPTER 1: DESIGN THINKING

“ A scientist discovers that which exists.
An engineer creates that which never was.”
Theodore von Karman

1.1 INTRODUCTION

Imagine the thrill ClarenceL. “ Kdly” Johnson, founder and Chief Engineer of the Lockheed “ Skunk Works,”
felt thefirst timethe YF-12 (forerunner of the SR-71) flew faster than 2,000 miles per hour, or the satisfaction Harry
Hillaker, Chief Designer of the F-16, felt when his creation became the most numerous jet fighter in the United States
Air Forceand in 9 other air forces around the world. Aeronautical engineerslive for the opportunity to design an
aircraft and then, after years of work, to seeit fly. The purpose of this textbook isto teach you how aircraft designers
create the aeronautical marvels we take for granted. In the process, you will learn the basic concepts of aeronautical
science and devel op a working knowledge of the equations which govern aircraft behavior. You will cometo
understand how an aircraft is shaped and optimized by countless design decisions so that it will be able to perform a
specific mission. You will also learn why an aircraft designed for a particular mission looks and performs the way it
does. The basic concepts, theories and analysis methods you will learn will provide a solid basis for more advanced
studies in aeronautical or aerospace engineering.

't =
A~

Figure 1.1 Kelly Johnson and the YF-12 (Courtesy of the National Air and Space M useum)
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Throughout thistext, the emphasiswill be on design. The governing equations and analysis methods will be
discussed in terms of their place in the design process. The analysis will be specific to aeronautics, but the design
thinking and methods you will learn through design problems and examples are applicable to any type of creative
problem-solving situation.

1.2 THE DESIGN METHOD

The purpose of all engineering isto build something. The task may be large or small; the World Trade Center
or adoorstop. The product may be hardware, software, or even something that has no physical existence at all, such as
an organizational plan. Many engineers work solely with the actual building or production of a product, but most are
involved in planning and design..

A product must be planned so that when it is built, the construction process is efficient and makes the best use
of resources, and the product meets the requirements set forth for it. The process of planning the physical
characteristics and construction methods of a product is called design. In the process of creating a new product, design
isthe most important phase. The carpenter’s adage, “ Measure twice, cut once,” applies doubly to design, because the
dimensions and materials of the components which will comprise a product must first be carefully planned and then
measured, fabricated, and assembled in order to make a successful product. The files of consumer protection
organizations are filled with examples of poorly designed and/or poorly constructed products. It isthe primary business
of engineersto plan products which will meet their requirements and to ensure the products are constructed as planned.
In most cases, the engineer who designs the product is not the one who builds it, so that communication of the design to
those who will build it is another important step in the design process.

The Design Process

So how does one begin to design a product? Since design isreally just creative problem solving, the classic
problem solving method often called the scientific method is a great place to start. The stepsin the scientific method are
commonly* understood to be:

Define the problem

Collect data

Create a hypothesis

Describe tests for the hypothesis

Test the hypothesis

If the hypothesis fails the tests, return to 2.

o~ wbhpE

For the design process, the steps must be modified somewhat. In defining a design problem, one must specify
what function the product is to have, what constraints limit possible design choices, and what performance the product
must achieve. The data collected for a design will include information on specific requirements and limits of the
problem, characteristics of similar products, available technology, and the analysis methods available for evaluating the
design. In place of the hypothesis, the designer creates a design or adesign concept. This creative processis also called
synthesis. The design must be described, recorded, and in most cases communicated to others. Figure 1.2 isan
example of atypical aircraft three-view drawing and data block, a common way to record and communicate important
design details.

The test of the design concept will be an analysis to determineif it is manufacturable, economical, and in
compliance with the design requirements. Establishing criteriafor cost, manufacturability, and design performance
therefore must be part of Step 1, defining the problem, and also Step 4, describing tests for the success of the design.
These criteria for design success are called measures of merit. Finally, Step 6 must be modified to reflect the fact that
atypical design processwill



\ Aircraft # 1 Design Parameters

560
WING VTAIL

| AREA 680 FT2 AREA 99 FT2
SPAN 40FT SPAN 21.49 FT
ASPECT RATIO 2.4 ASPECT RATIO 2.4
TAPER RATIO 0.07 TAPER RATIO 0.1
LE SWEEP 47 DEG LE SWEEP 56 DEG
DIHEDRAL 0 DIHEDRAL 40 DEG
AIRFOIL NACA 64,204 AIRFOIL NACA 0004
INCIDENCE 0
TWIST 5 DEG WASHOUT

LANDING GEAR

PROPULSION MAIN GEAR
a7 ENGINES 2 x Pratt & Whitney TIRE SIZE 36x11
| F100-229 STROKE 11IN
MAX THRUST 28,000 LB ROLLING RADIUS 14.7 IN
MIL THRUST 18,450LB  NOSE GEAR
DIAMETER 465N TIRE SIZE 30x7.7
LENGTH 208.1 IN STROKE 111N
WEIGHT 3,300 LB ROLLING RADIUS 12.7 IN

16°

Pilot View Angle z 15°

Nose Gear

Main Landing Gear Tip-Back Angle

Figure 1.2 Aircraft 3-View Drawing

involve many iterations through the cycle from collecting data through analysis, with each analysis producing more data
to help further refine the design. The function of Step 6 in the design process isto make a decision about whether the
design will work, what parts of the design are deficient and must be changed, and/or about which of several designs or
design ideas is the best and should be further developed. With these changes, the design process steps can be stated as
follows:

1. Definethe problem, define the product’ s purpose, trand ate this purpose into
performance parameters, establish measures of merit for product cost,
manufacturability, and performance.

2. Collect data on problem limits and requirements, existing designs, available
technologies, and analysis methods.

3. Create or synthesize one or more design concepts, describe them in words,

parameters, diagrams, drawings, etc.

4. Select the types of analysis which must be performed to evaluate the design(s).

Perform analyses, record and communicate the results.

Make decisions (Will it work? Which ideais best? What must be changed? Arethe

measures of merit reasonable?) If changes are needed, return to Step 1 or 2 as

appropriate and repesat the cycle.

o u

The Design Cycle

Note that the decisionsin Step 6 will certainly send the designer back to Step 2 for many cycles until the design
is completely defined, refined, and built. Thisdesign cycle has been described by Dr. Leland Nicolai? of the Lockheed
Advanced Aeronautics Company (also known as the “ Skunk Works™) using a diagram similar to Figure 1.3. Dr. Nicolai
groups the steps of the design process into three actions; synthesis, analysis, and decision-making. He points out the
sharp differences between the relatively unstructured, often intuitive creative thinking required for synthesis and the
highly structured methodical thinking required for analysis and decision-making. Designers and design teams must be
masters of both types of thought processes to be successful.
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Figure 1.3 Mental Activity in the Design Cycle

Design Phases

The design processis usually described as having three phases. Theinitial phaseis called conceptual design.
The goal of conceptual design isto select a workable concept and optimize it as much as possible. Figure 1.4 illustrates
sketches made by Kelly Johnson in 1937 of nine possible configuration concepts for a twin-engined fighter which
eventually became the Lockheed P-38 Lightning. Natice that the sketches, though crude, clearly communicate the
fundamental configuration choices which Johnson’s design team considered. A photo of a production P-38 isincluded
in Figure 1.4 for comparison.

Figure 1.4 Configuration Sketches Used in the Early Conceptual Design Phase of the L ockheed P-38 (Photo
Courtesy L ockheed-M artin)

Once a concept is selected, further iterations through the design cycle are needed to select the materials and
work out the dimensions, structures, and functions of the design. Computer simulations are performed and physical
models of the design are built and tested. This phaseisusually called preliminary design. Oncethe preliminary
design phase is complete, detail design begins. In the detail design phase the product is prepared for production. The
design is described in complete detail, and the process by which it will be manufactured is also designed. A detailed set
of drawings, a materialslist and a detailed cost estimate are prepared . In later iterations through the design cycle a
prototype is often built and tested. The results of these tests are fed back into further design cycles to improve the
performance and manufacturability of the design. Even after the design isin production, the design cycle continues.
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Information that is learned from continued testing of prototypes and initial operation of the early production modelsis
typically used to further refine and improve later versions of the product. In some cases a design will continue to be
improved for many years and even decades after the first versions have been produced and gone into service.

Optimization

The goal of refining adesign is not just to meet the requirements, but to make the best possible or optimum
design. The concept of optimizing a design toits full potential is crucial to creating a superior product. In many cases,
the results of Steps 5 and 6 will force the designer back to Step 1, because it is determined that one of the original design
requirements is unreasonable or that two of the requirements conflict with each other. When this happens, the measures
of merit must be adjusted to be reasonabl e but with performance that still satisfies the customer. The measures of merit
may also change because the customer’ s requirements change. Thisis particularly common for a design which
continues to evolve for many years after initial production.

The measures of merit for a design are primarily established by the customer. _In fact, the real answer to
“ Where does one begin to design a product?’ is* With the customer.” Indeed, the entire design/build process begins and
ends with the customer. Many designs which have failed have done so because the customer was forgotten somewhere
along the way, and as a consequence, the product failed to meet the customer’s needs. Whenever possible, the customer
must be involved and giving feedback in every step of the design and construction process. In some cases part of Step
1, defining the problem, will include defining who is the customer. For instance, in designing an academic coursein
aeronautics, isthe customer the student or the organization that will eventually employ that student?

1.3 DESIGN EXAMPLE

To see how this process works, consider a very simple design problem, let’s say the design of a pencil. A pencil
isawell-known product which has been around for many centuries, yet new ones are designed every year.

Problem Definition

Firgt, define the problem and list all the requirements which this pencil must meet. The customer may be a
student, a schooal, or even an advertising agency. Each customer will have a different idea of what measures of merit
they will want for the pencil. Since the pencil must be held to be used, the size and shape of the human hand (and the
variability of those dimensions from person to person) will constrain the size and shape of the pencil. The need to
operate for long periods without the availability of a pencil sharpener may be important. Appearance (conventional,
unusual, or attractive) may be important. The performance required of the pencil may include the ability to produce a
certain fineness or quality of line for a set distance. User comfort may be important, as may eraser capacity. Of course,
cost must be kept to an absolute minimum. However, depending on the customer, the cost which is most important may
either be the cost of a single unit or the cost of using pencils over some period of time. Other criteria may include
flammability, heat tolerance, toxicity, chemical stahility, disposability, and similar environmental and safety concerns.
Many designers use a selection matrix such as Table 1.1 to help them tabulate and rank order the design requirements
and measures of merit. This matrix is also used to record and eval uate the results of the analysisin Step 5 and allows a
direct comparison between the performance of several designs. It then formsthe primary basis for the decisionsin Step
6. A few of the possible design concepts for a pencil are listed on the selection matrix toillustrate how it is used

Table 1.1 Pencil Design Concept Selection Matrix

Measures of Merit

Semester Linewidth, | Eraser Volume | Sharpener? | Unit codt, Total Choice
cost, $/$5 avg, mm/5 | (2cc-Actual)/2 1 = needs $ (Low = Good)
I mportance (x 0.30) (x 0.25) (x 0.20) (x 0.15) (x 0.05)
Factor
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Concept
Fixed 4 2 75 1 .25
Wooden (12) (.5) (.15) (.15) (.0125) (.9325)
Fixed 1 16 75 0 .50
Plastic (.30) (.40) (.15) (.025) (.875)
Disposable 1 1.2 8 0 50
Mechanical (-30) (-30) (.16) (.025) (.785)
Reusable .8 1 0 0 3.00
Mechanical (.24) (:25) (.15) (.64) X
(Lg Eraser)

While an actual selection matrix for this design problem would have many more columns, Table 1 does
illustrate how such a matrix would be used. Clearly the weight given to each of the selection criteria on the matrix will
have a profound effect on the final decision. These weight values are established based on the customer’s needs. Figure
1.5 shows a chart called the “House of Quality” which is often used® as a worksheet for establishing the relative
importance of the various design criteria.

Design Feature

Correlation
Matrix
Design Customer
Features Priorities:
—P Weight, Rank
Low Cost Per Semester .30 1
“ Good Line Quality .25 2
;ﬁ Good Eraser Capacity .20 3
T
§ Doesn’t Need Sharpener .15 4
3
© Low Cost Per Unit 05 5
Robust, Not Easily Broken .05 6
—_—
Design Feature
Priorities
Target Values

Figure 1.5 House of Quality Chart for a Pencil with Engineering Student’s Needs and Priorities

Data Collection

In Step 2 you must gather data on the problem to help establish what values the measures of merit should have
and what constraints the operating environment may enforce. Details such asthe
dimensions and shape of the average human hand, the degree to which these dimensions vary in the
population, the physiology of writer’s cramp, the size and shape of other pencils on the market, and the
amount an average writer must erase are all important. Always include cost and maintainability as constraints on the
design. In this case the customer may have a good idea what they are willing to pay for a pencil, but in other situations
amarket survey may be needed. It is often very helpful to look at how other designers have solved similar design
problems, so alook at history and the current competition may bein order.
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The data you have available to you for the design process actually includes everything you have ever learned
and every experience you have ever had. Y ou never know what combination of background and experience will produce
agreat design idea, or a new way to apply an existing technology. The data you need for the design project may also
include some skills or knowledge which you have not yet learned. A good designer finds out what expertise is heeded to
tackle a particular problem and acquires those skills, either through research and training, or by hiring an assistant with
the necessary experience.

Synthesis

Step 3 isthe creative step of creative problem-solving. It isat this point in the process where new ideas emerge
and new products are created. Once you have immersed yourself in the facts and constraints of the problem, give
yourself some time to come up with creative solutions. Many designersfind it helpful at this point to exercise, or relax,
or even “degp on it.” Some designers keep a notebook by their bedside for use in writing down ideas that come to them
in the middle of the night. It seemsthat by allowing the conscious mind to rest or be distracted with a ssimple activity,
the creative part of your brain is better able to make the connections between al the data you have assembled. Draw on
the whole range of your experiences. Some of the best design solutions come from compl etely unexpected combinations
of ideas which no one else has ever thought of. For instance, a military aviator working on a spacecraft project came up
with the ideathat aerial refueling of horizontal-takeoff and -landing spacecraft would greatly reduce the weight needed
for the vehicle' slanding gear. Since the vehicle could takeoff and land at very light weight and then take on the
majority of its propellants once airborne, the landing gear could be built to take much lower loads. This saved weight.
Analysis showed that the weight saved on landing gear would be very significant. Thiswould allow the proposed design
to be much smaller and less expensive while still carrying the same payload as a horizontal -takeoff spacecraft concept
that would takeoff with all its propellants on board. The engineer who thought of this idea combined his experience
with aerial refueling with his understanding of the spacecraft landing gear design problem®.

The success of the creative process can be greatly enhanced by tackling it asateam. In thisway, the combined
experiences and insight of the entire team can be brought to bear on the problem. An unworkable idea by one member
of the team may spark another member to think of an idea which ultimately proves to be the most successful. This phase
of the processis often called brainstor ming or ideation, and it is very important that you not attempt to evaluate the
ideas as they are suggested. Save the evaluation process for Step 5. During brainstorming, let the ideas flow, without
criticism. It may be the idea you know won’t work which givesrise to the best solution of all.

In most cases the design concept must be recorded and communicated. For the pencil, a drawing should be
made with all components, dimensions, and angles clearly labeled.. Materials, manufacturing, and marketing choices
may be simply listed on the selection matrix, or they may need to be described in more detail. Especially for group
work, clear communication of design ideas is essential to the success of the creative process.

The House of Quality chart has a feature which helps focus your creative thinking for certain problems. While
the measures of merit are listed down the left side of the chart, parameters describing various characteristics of your
design are listed acrossthe top. The central grid of the chart is a correlation matrix which lets you identify how strong
an influence each feature of your design has on your design’s ability to meet each measure of merit. The “roof” or
“attic” area of the chart is another correlation matrix which allows you to identify which design features either enhance
or counteract the effects of other features. There is space across the bottom of the chart to write in target values for
parameters which describe the design features. Figure 1.6 shows the House of Quality chart for the pencil with the
design features and correlation data for a college engineering student as the customer.

Symbols are used in the “attic” matrix to identify design features which enhance or interfere with the positive
effects of other design features. No weights are assigned to those correlations. On the central matrix of Figure 1.6,
strong correlations are marked with afilled circle and given avalue of 9. Moderate correlations are marked with an
open circle and given avalue of 3, weak ones an open triangle and avalue of 1, and neutral or negative correlations a
value of zero. These correlation values are multiplied by the weight given to each measure of merit and summed to
yield the weight or importance of each design feature. The sums are written across the bottom of the chart, just above
the design parameter target values. Figure 1.6 shows the design feature priority calculations on the House of Quality
chart for the engineering student’ s pencil.
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Figure 1.6 Completed House of Quality Chart for an Engineering Student’s Pencil

Example Problem 1.1

Consider the House of Quality chart in Figure 1.6. For the design feature “small lead diameter”, strong
correlations (multiplication factor 9) are indicated with the user needs “good line quality” and “doesn’t need sharpener.”
The priorities given by the customer for these needs are .25 for “good line quality” and .15 for “doesn’t need sharpener,”
so the design feature priority is calculated as.

Design Feature Priority =0.25° 9+ 0.15°-9=3.6

Now consider the design feature “lead break prevention deeve.” It has a moderate correlation (multiplication
factor 3) with “good line quality,” aweak correlation (multiplication factor 1) with “doesn’t need sharpener,” and a
strong correlation with “robust, not easily broken.” The priorities given by the customer for these needs are .25 for “good
line quality”, .15 for “doesn’t need sharpener,” and .05 for “robust,” so the design feature priority is calculated as.

Design Feature Priority =0.25-3+0.15°1+ 0.05°9=1.35

The calculations on Figure 1.6 suggest that for an engineering student, the most important pencil features are
asmall lead diameter and the capability of being refilled with lead and reused. The target value for lead diameter is
5mm and for reusability isthat it last one year in normal use. If a pencil concept does not come close to these values,
the high weight given to those two features will probably eliminate that concept from consideration. Of course, a
different customer would give different weights to the design requirements, and that would produce different weights for
the design features. Consider how different the House of Quality would be if the customer was an advertising agency
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who needs pencils to give away to their clients, or to their clients customers. See Reference 3 for more details on the
origin and use of the House of Quality.

The House of Quality chart is an extremely useful tool for organizing, prioritizing and tracking the inputs,
efforts and decisions of diverse, multi-disciplinary design teams. Since team members can’t be experts on every topic,
the House of Quality charts serve to communicate what design parameters are important, and how close the evolving
design’s characterigtics are to the target values. The House of Quality is not perfect, however. In particular, it lacks an
explicit indication of the cost of each design priority and decision.

Analysis and Decisions

Step 4 requires you to determine how you will evaluate your design to see how well it meets the measures of
merit. Usethelist of analysis methods you made in Step 2 to plan a sequence of tests you will perform. Be sureto
involve the customer in this planning and make sure you are testing every characteristic the customer thinksis
important

Next, perform the tests and/or analyses, record the results, and communicate them as appropriate. Based on
the results of these evaluations, you can identify weaknesses of a design and select which of several design ideasiis best
at meseting the measures of merit. Sinceit isunlikely that the perfect solution will be found on the first time through the
cycle, your decisionswill probably send you back to collecting more data, or even re-defining the problem to start more
iterations through the cycle. Repest this process as necessary until you have selected a pencil with al the features and
characteristics to meet the customer’ s needs. The House of Quality chart is a good tool to use to make sure the
characteristics of the concept you have chosen are close to the target values you originally set for the design.

Phases of Design

At this point, the design process for the pencil isfar from complete. A design idea has been selected as likely
to produce an acceptable solution, so the design process is how probably done with the conceptual design phaseand is
ready to proceed with preliminary design. The pencil’ s design must continue to be defined, refined, and communicated
through the preliminary and detail design phases before the product can begin to be manufactured.

Questions

At this point, we must ask “ What have we just done?” We considered a simple problem, applied quite a bit of
thought and effort, and arrived at a simple, sensible answer. Did we really need all that analysis to come to that
conclusion? Because there are so many variables and options in the design of something as simple as a pencil, the
analysis was probably time well spent. And what about more complex design problems, like the design of awhole
aircraft? Though the number of variables and decisionsin designing an aircraft seems totally overwhelming, the
coherent, systematic approach of the design method provides structure and direction to the process. The method
assembl es data, inspires creativity, identifies and focuses attention on decisions, and improves or eliminates
unacceptable concepts. With each iteration of the design cycle it moves toward a more and more completely defined and
optimized design solution.

[1I-Defined Problems

One of the particular strengths of the design method is that it provides away to tackleill-defined problems.
I11-defined problems are those for which only partial information is available and more than one solution may be
acceptable. Under that definition, nearly all design problems areill-defined. Thislack of information which
characterizes most design problems has led Billy Koen, an engineering professor at the University of Texas at Austin, to
define the engineering (design) method® as follows:

“The engineering method is a strategy for causing the best changein a poorly understood
or uncertain situation within the available resources.”

The design method |eads you to resolve ill-defined problems by assembling and reviewing the information you
know, creating and analyzing possible solutions to obtain the information you don’t know, making decisions on the
basis of your preliminary information, and repeating the cycle until you have selected and completely defined an
acceptable (preferably the best) solution. An additional consequence of the cyclic nature of the process and the time
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required to perform it is that as more information is obtained about a design, the time invested in advancing the
definition of a design to the point where it is possible to make a very detailed estimate of its characteristics also makes it
very costly in time and effort to make large changes to that design. In other words, if you get enough detail about a
design to determine that it won’t work, you can't afford the time and effort it would take to go back and redesign it from
scratch. Thisdilemmaisdepicted in Figure 1.7, which shows the design cycle as an upward spiral. The increasing
height of the spiral indicates the increasing understanding of the problem, and the decreasing width of the spiral
symbolizes the reduced ability to make changes in the design.

Increasing
Under standing
'\
e .
Analysis Synthesis
— )&
Decisiony

- o

Radius of Spiral Suggests Range of Feasible Choices

Figure 1.7 The Design Spiral

An example the narrowing of available choices with progression in the devel opment of a design isfound in the
history of thefirst attempt by the United States to build a supersonic transport (SST). In the 1960s a very aggressive
SST design was being devel oped in the United States to compete with the Anglo-French Concorde.  The American SST
was initially planned to have variable sweep wings rather than a fixed wing planform like the Concorde and the Soviet
Tu-144. Asdesign development progressed, analysis made it clear that the extreme weight penalty associated with the
structure and pivoting mechanism required for the variable-sweep wing would make it impossible for the American SST
to be profitable. Unfortunately, the cost of redesigning the aircraft with afixed wing like the Concorde was a so too
expensive, and the entire program was canceled. Concern over the environmental impact of SST operations also
contributed to the cancellation decision, but the high price tag for starting over sealed the program’ s fate.

1.4 DESIGN AND AERONAUTICS

So what does all the above have to do with aeronautics? Aeronauticsisthe science of flight. Every aircraft
that ever flew was designed, though the design process for some was much more lengthy and elaborate than for others.
Like any product, an aircraft design isinitiated because customers have needs. The customers might be airlines,
corporations, private pilots, government agencies, or military services. Their needs are normally specified as one or
more design mission(s) which the aircraft must be ableto fly and a set of constraints or performance requirements
which the aircraft must meet. The process by which these requirements are established and communicated varies
depending on the customer, but all are quite similar. Consider as an example the procurement process for amilitary
aircraft. Figure 1.8 isablock diagram depicting this process.
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Figure 1.8 The Procurement Process

Aircraft Procurement Process

Aswith any design process, procurement of a military aircraft begins with defining the problem or need. The
military services are the customers for military aircraft. These organizations arein the business of creating, sustaining,
and operating forces to meet the needs of their customer, the government of their nation. To do this, they need
equipment and personnel which are capable of performing specific missionsin environments which often include hostile
action by the forces of other nations. For this reason, the current and projected future capabilities and likely actions of
expected hostile forces weigh heavily in decisions about what capabilities a new aircraft must have. The projected
capabilities and actions of other nations and groups comprise what is called the threat. The current state of technology
and new technology which is expected to be available in time to be used in a new design must also be considered, so that
the design is not already obsol ete before it is built.

These needs and capabilities are studied, usually by ateam of government and industry representatives. A very
broad range of possible ways to meet the needs of the customer are considered (synthesis), and feasibility studies are
performed on the most promising alternatives (analysis). Based on the results of the feasibility studies adecision is
made on which courseto pursue. If it is decided that a new aircraft must be procured, the team writes requirements for
the aircraft which represent what is needed by the customer and what they believe achievable with current or soon-to-be-
available technology. The House of Quality chart is becoming awidely used tool for this process. Figure 1.9 isaHouse
of Quality chart which might be made for a multi-role jet fighter aircraft.

The “design features’ of Figure 1.9 are not at the level of design decisions. Most of these design features are

parameters whose val ues are obtained from engineering analysis and testing. They are frequently used as measures of
merit for a given aircraft design, but they are an intermediate step between design decisions and customer needs.
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Figure 1.9 House of Quality Chart for a Multi-Role Jet Fighter

The chaptersthat follow will describe the significance of these aeronautical measures of merit. 1n Chapter 2,
the properties of air, the nature of the atmosphere, and the physics of fluids at rest are discussed. This description of the
environment within which aircraft must operate provides the basis for analysis of aircraft performance capabilities,
significant factorsin the customer needslisted in Figure 1.9. In Chapter 3 the physics of fluidsin motion, especially
fluids moving around and past solid bodies, are discussed. Pressure variationsin fluid flowing around a body can create
a net force on the body which varies with the body shape and orientation. This net aer odynamic force can be both
beneficial and detrimental to the flight of an aircraft. At speeds below but near the speed of sound in air, the flow
around a body is disrupted by shock waves. Aircraft which have high values of critical Mach number, Mq;i;, generally
experience less flow disruption due to shock waves, and the disruption is delayed to higher flight velocities.

For airplanes, flying vehicles which are heavier than air and which are supported in flight by pressure
variationsin fluid flowing over their wings, the component of the net aerodynamic force which counteracts the weight of
theairplane and allows it to stay airborne is known aslift. Inevitably, there is also a component of the aerodynamic
force which is parallel to and opposite to the direction of the aircraft velocity. This parallel component of the forceis
known asdrag. It tendsto dow theaircraft down. Thrust must be produced by the engine(s) to overcome the drag and
allow the airplane to sustain its speed. Theratio of the two components of the aerodynamic force, the lift and the drag,
isameasure of how efficiently the airplane develops thisforce. In a sense, the lift-to-drag ratio, L/D, indicatesthe
price one must pay (in thrust produced and fuel burned) to fly an aircraft of a particular weight. Chapter 4 discusses
methods for predicting an airplane's L/D aswell asthe plane’ s M and the effect of shock waves on its drag and L/D.
Chapter 4 also describes the affect of an airplane wing's aspect ratio (a measure of how short and stubby or long and
skinny the wing is) on the plane’ s maximum achievable lift-to-drag ratio, (L/D)max. Generally, high-aspect-ratio (long
and skinny) wings give airplanes higher values of (L/D)max.. Unfortunately, high-aspect-ratio wings also weigh more,
especially if they must be strong enough to allow the airplane to fly at very high speeds. One of the most important tasks
of an airplane designer is selecting just the right wing aspect ratio so that (L/D)ax. IS high enough but the portion of the
airplane’ s takeoff weight devoted to structure, Wygye/ Who, 1S low enough.
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Chapter 5 discusses methods for predicting an airplane’ s performance once its aerodynamic and thrust
characteristics are known. It also contains information on the various types of propulsion systems which an aircraft
designer may choose. Just as L/D measures an airplan€’ s aerodynamic efficiency, the engine' s thrust-specific fuel
consumption, TSFC, (the ratio of fuel burn rate to thrust produced) measures the engine' s propulsive efficiency. The
net efficiency of the aircraft isinfluenced equally by L/D and by TSFC. Chapter 5 also makesit clear that for any
aircraft configuration and atmospheric conditions, there is a particular flight speed at which the airplane operates most
efficiently. The airplane designer must shape the vehicle so that it operates most efficiently at the speeds and
atmospheric conditions which the customer requires for the design mission. Chapter 5 also introduces methods for
predicting Cimax, the aircraft’s maximum lift coefficient. C max iSameasure of the aircraft’ s ability to fly at slow
speeds, and therefore a measure of its ability to takeoff and land from short runways. A high value of C . indicates a
wing which is able to generate arelatively large amount of lift for itssize. Thisallowsthe aircraft to fly ower. Wing
loading, the ratio of aircraft takeoff weight to wing area, indicates how much lift is required from each square foot of the
wing. Airplanes with low wing loading generally are more maneuverable and have shorter takeoff and landing
distances.

Chapter 6 dealswith stability and control. No customer needs or design featuresin Figure 1.9 deal with
stability and control, yet good aircraft stability and handling qualities are essential. Standards for aircraft stability and
control are generally set by Federal Aviation Regulations, Military Specifications, International Civil Aviation
Organization Standards, etc. It isrequired that any aircraft built by an established manufacturer must comply with the
appropriate standards. Chapter 6 discusses methods for predicting how large an aircraft’ s stabilizing surfaces and
control surfaces must be to give it the necessary stability and aso enough maneuverability to fly all maneuvers and
missions required by the customer.

Chapter 7 discusses fundamental concepts of aircraft structures, and Chapter 8 deals with sizing, determining
how large a particular aircraft configuration must beto fly the design mission. Generally, alarger aircraft can carry a
larger payload (passengers, cargo, weapons, etc.) over alonger distance or range. Another way to increase an aircraft’s
rangeistoincreaseit’s fuel fraction, theratio of fuel weight to total aircraft weight. Thisisdifficult to do. Normally,
either payload weight must be sacrificed or new structural designs, materials, or fabrication methods must save on
structural weight.

Theremaining design featuresin Figure 1.9 deal with more advanced design considerations. The deployment
load requirement is often expressed as the number of transport aircraft missions required to deploy and operate a
squadron of aircraft at an austere (minimum local support facilities) operating base. MMH/FH isthe maintenance
man-hour s per flying hour, a measure of the number of ground crewmen required to keep the airplane flying. RCSis
the aircraft’s radar cross section, expressed as the area of a good radar reflector which would give the same strength of
reflected radar energy. Aircraft with low radar cross sections can approach closer to a search radar before they are
detected. Py isthe probability of Kill, the probability that each weapon will destroy itsintended target. Precision
guidance systems based on radar, optics, lasers, etc. have greatly increased the Py of many bombs and missilesin recent
years.

Chapters 1 through 8 cover al the basic concepts needed for afirst experience with aircraft design. They also
familiarize you with the four major specialties within the profession of aeronautical engineering. These four specialties
are aer odynamics, flight mechanics, propulsion, and structures. Aerodynamics encompasses the topicsin Chapters 2,
3, and 4. Flight mechanicsincludes performance, the topic of Chapter 5, aswell as stability and control as discussed in
Chapter 6. Propulsion is discussed briefly in Chapter 5, and Chapter 7 addresses some of the general relationships
between aircraft configuration decisions and structural weight.
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Figure 1.10 Second Tier House of Quality Chart for a M ulti-Role Jet Fighter

A knowledge of the relationship between airplane and propulsion system physical characteristics and their
performance makesit possible to create a second level or second tier House of Quality chart. On this chart the design
decisions about the aircraft’s desired physical characteristics arefilled in as design features, and the required
performance parameters from Figure 1.9 become the customer needs. Once thisis done, the compl ete links between
decisions and customer needs are charted. Figure 1.10 is an example of a second tier House of Quality for the multi-role
jet fighter.

Figure 1.11 illustrates a typical design mission for the same aircraft. Table 1.2 lists additional design
constraints or requirements which may be specified for the aircraft. Note that the design mission and the constraint table
specify performance which the customer requires from the aircraft. An aircraft design which fails to achieve these
required performance levels will probably not be purchased by the customer.
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Figure 1.11 Typical Design Mission for a M ulti-Role Jet Fighter

Table 1.2 Typical Design Requirementsfor a Multi-Role Jet Fighter

MINIMUM PERFORMANCE REQUIREMENTSCONSTRAINTS
Item Requirement
Combat Mission Radius 400 NM
Weapons Payload 2 AIM-120
4 2000 Ib MK-84
600 rounds 20 mm ammunition
Takeoff Distance 2,000 ft
Landing Distance 2,000 ft
Max Mach Number M = 1.8 at optimum altitude at Wnyyon?
Instantaneous Turn Rate 189%sec at M = 0.9, 20,000 ft MSL® at Wyan
Ps 800 ft/sec, M = 0.9, 5,000 ft MSL at Wman
Sustained g 4-gat M = 1.2, 20,000 ft MSL at Winan
9-gat M = 0.9, 5,000 ft MSL at Wman
a. The maneuver weight (Wipgp) isthe aircraft weight with 50% internal fuel, two AIM-
120 AMRAAM missiles, and full cannon ammunition, but no air-to-ground weapons.
b. Theabreviation MSL signifies altitude above mean sealeve, the average eevation of the Earth’s oceans

The requirements are formally communicated to industry in a request for proposals (RFP). Receiving an RFP
officially initiates the design and development process within a company. The company may have gotten a head start on
this process though, by being involved in the previous feasibility studies and/or similar studies of itsown. Not doing so
places the company at a great disadvantage.

Aircraft Design Phases - Conceptual Design

Asdepicted in Figure 1.12, the process proceeds through conceptual, preiminary, and detail design phases.
For an aircraft, conceptual design involves mostly paper and computer studies, with a heavy emphasis on optimization
and finding the best possible aircraft concept. In this phase constraint analysis (as described in Chapter 5) is
performed to ensure the aircraft meets all of the specified performance requirements or constraints. Mission analysis
(Chapter 8) ensures the aircraft concept has adequate thrust and carries enough fuel to fly all of the required missions
carrying the specified payl oads. These analyses may identify unreasonable or conflicting requirements which must be
resolved to the customer’ s satisfaction before the design can proceed. Initial cost analysis gives feedback on whether
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the concept is likely to meet cost constraints. Typically, some requirements are easier to meet than others. The most
difficult constraints to meet have the strongest influence on the configuration and characteristics of the aircraft. These
requirements are called design drivers.

Performance

Conceptual Design & Cost Goals

Y

Wind Tunne Testing ——| Preliminary Design 4—[

Y

Detailed Design &

-—HAD / CAM .
_ Manufacturing

Flight Testing Computational
¢ Flow Simulations

Production
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Figure 1.12 The Aircraft Development Process

The conceptual design phase also usually includes engine cycle selection, which predicts the type and size of
propulsion system the aircraft will require.  An initial structural concept islaid out and weight and center of gravity
analyses are performed to ensure the aircraft can be built light enough, and that it will balance properly. A heavy
emphasisis also placed at this early stage on designing the aircraft for producability and maintainability. All of this
analysisis repeated numerous timesin an optimization cycle which attempts to select an aircraft configuration which
maximizes performance and minimizes development, production, and operating costs. The representatives of the
government and military services are kept closely involved throughout this and subsequent design phasesto ensure the
evolving design continues to meet the customer’s needs.

Preliminary Design

In the preliminary design phase, the selected aircraft concept is developed and refined.  Wind tunnd,
computer flow simulation, and in many cases subscal e free flight models are built and tested to ensure the aircraft will
be efficient and controllable in the air. Flight and avionics simulators are used to prove and refine the aircraft’s
handling qualities, instrument displays, and pilot comfort and visibility. The aircraft structural concept is greatly
refined, materials for the major components are specified and the structure is analyzed to ensure all components have
adequate strength without excess weight. More refined weight and cost predictions are made, and weight and cost
budgets for the aircraft are maintained. The budgets are used to enforce goals for aircraft weight and costs. In many
cases, if a component’s predicted weight or cost increases as its design becomes more refined, savings must be found
somewhere elsein the design. These savings may be achieved by the use of advanced technology for some components
or possibly by eliminating a component or feature. As the data from these studies become available, they are fed back
through the design cycle and used to improve and correct design characteristics. All of the analyses performed in the
conceptual phase are repeated for the more refined design to ensure all constraints and requirements are still being met.
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Detailed physical and computer-aided drafting / computer-aided manufacturing (CAD/CAM) drawings and three-
dimensional data bases are created. These databases are used to construct maintenance simulators, many of which now
use virtual reality, to ensure al required maintenance functions can be performed safely and efficiently. Maintenance
and system simulations are also used to design and test the built-in test (BIT) software and computer hardware which
will automate much of the trouble-shooting of aircraft malfunctions. At the completion of the preliminary design phase,
the aircraft’ s configuration is quite well defined and is not likely to change significantly.

Detail Design

In the detail design phase, the aircraft is prepared for production. Every one of the thousands or millions of
components, every fastener, every connector, every knob and every linkage must be designed and/or specified in exact
detail. Most modern aircraft companies use CAD/CAM systemsto keep track of all the parts, ensure they fit and move
properly, specify how and of what materials they will be made, and update data bases on weight and cost. Flying
prototypes are built and test flown. Structural, avionics, and systems test prototypes are also built and tested. Wind
tunnel and computer analysis continues, and is gradually reducing the need for prototypes. The main goal of thistesting
isto ensure everything works as planned, so that production of the aircraft can proceed. The CAD/CAM databaseis
used to plan and control all phases of the manufacturing process, including assembly line design and control of
automated milling and machining equipment

Production

Generally, flight testing of the prototype(s) and factory tooling for production proceed in parallel. Early
production models may also be used in the flight test program. Flight test primarily determines that the aircraft is safe
to fly, and that it meets or exceeds the performance required by the customer. After flight test, early production models
go through service trials to verify that the aircraft is suitable for the use the customer plans. If flight test and/or service
trialsidentify problemswith the aircraft, changes are made on the assembly line and retrofit modifications are made to
aircraft already built. These changes naturally involve many more iterations through the design cycle. This process
continues throughout the service life of the aircraft, with changes being required as new problems are found or asthe
customer’s needs change. New versions of the aircraft may be produced and/or existing aircraft may be modified.
These changes are often grouped into a major rebuild, shown on Figure 1.12 asMid-Life |mprovements.

Disposal

With wise use of upgrades and modifications, the service life of a modern aircraft typically extends beyond 20
years. But sooner or later every aircraft reaches the end of its useful life. Metal fatigues and cracks, joints and moving
parts wear out, composites delaminate, even the upholstery wears thin. Frequently the threat, the technology and/or the
mission change so dramatically that the aircraft is no longer useful. Whether obsolete or just worn out, the aircraft must
be removed from service.

When an aircraft isretired from service, it may be stored as a reserve or a source of spare parts, but eventually
the owner must dispose of it. Recycling of aircraft aluminum isroutine, but some of the new composite materials and
components such as lithium batteries require special procedures when disposing of them. The cost of (or in some cases
profit from) disposing of an aircraft isasmall but significant part of itslife cycle costs. The aircraft designer must give
due consideration to thisissue, especially if some materials or components used in the aircraft will pose environmental
hazards.

15 A BRIEF HISTORY OF AIRCRAFT DESIGN
Asan additional aid in establishing the context for your study of aircraft design, consider briefly its history.
This section will acquaint you with the most significant personalities, aircraft, and eventsin the history of aviation and

aircraft design. Asyou read, note how aircraft designs were equally influenced by customer needs and available
technology. Also note the profound influence aircraft designs have had on the recent history of the world.
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TheEarly Years

Man'’s early thinking about flying was undoubtedly inspired by watching and seeking to imitate birds. The first
men to fly were probably Chinese, flying in large manned kites perhaps as much as two millenniaago. Kites are aircraft
which generate lift from pressure changes as air flows past them, but which are tethered to the ground and rely on the
wind to provide the necessary air flow. They were probably devel oped originally as toys, but some inspired ancient
engineer recognized their military potential. Manned kites were developed to meet military needs for el evated platforms
from which to observe their enemies. Kites may also have been used to drop soldiers or spies behind enemy lines.

In Europe, small kites were developed in the thirteenth and fourteenth centuries, but practical man-carrying
kites were not used militarily until the early 1900s. Most Europeans who thought about manned flight imagined
flapping-wing vehicles called or nithopter s with human muscle providing the motive power. In the late fifteenth
century, the famous artist L eonar do da Vinci made many sketches of such vehicles and the mechanisms needed to
trandate human arm and leg motionsinto the flapping of wings. Unfortunately, all of these dreamers and
experimenters did not have sufficient knowledge of aerodynamicsto do analysisto determine if a man could generate
the power those vehicles would require to sustain flight. They also failed to understand the requirements for stability
and control. Though many man-powered ornithopters were built, none were successful.

Thefirst Europeans to fly were Francois Pilatere de Rozier and the Marquis d' Arlandes, who became airborne
in ahot air balloon built by Etienne and Joseph M ongolfier in 1783. In the same year, Professor Jacques Charles
and Marie-Noel Robert were thefirst to fly in a hydrogen-filled balloon. Balloons of both types quickly became
attractions at fairs and other public displays. Like kites, they were also adopted for military observation duties. When
the advent of long-range artillery established the requirement for |ofty vantage points from which observers could
evaluate and correct the artillery’ s aim, hydrogen-filled balloons were most commonly chosen. Balloons served in many
nineteenth-century wars, including the Franco-Prussian War and the US Civil War. They were still used extensively as
observation platformsin World War | and as obstacles to low-flying aircraft in World War 11.

Balloons were acceptable as fair attractions or tethered observation platforms, but potential customers who
would use lighter-than-air vehicles for transportation required the ability to move in any desired direction, even against
thewind, at a reasonable speed. A vehicle with these capabilities was achieved by adding to a balloon or group of
balloons a steering mechanism and a steam engine with a propeller. Such avehicleis called an airship or dirigible. A
French engineer, Henri Giffard, wasthefirst to fly such avehiclein 1852. Development of internal combustion
engines soon provided airships with lighter, more powerful propulsion. Airshipswere used for passenger transportation
and also as bombersin World War |. The German airship Graf Zeppelin flew around the world in 1929. It and the
Hindenburg made regular passenger flights between Europe and the United States until 1937, when the Hindenburg
was destroyed by a hydrogen explosion.
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Figure 1.13 The Mongoalfiers First Manned Free Balloon and the Hindenburg (Courtesy of the National Air and
Space M useum)

The airplane, awinged heavier-than-air vehicle with a propulsion system based on engine-driven propellers
rather than flapping wings, was first conceived in its modern form by Sir Geor ge Cayley. Cayley was aremarkable
scientist and engineer, one of thefirst to tackle the problem of manned flight scientifically. He was the first to propose
separate mechanisms for generating lift and thrust, rather than the combined lift and thrust produced by flapping wings.
In the early nineteenth century, he built a device for testing the lift and drag of wing shapes by attaching them to the end
of a pivoting arm which moved then rapidly through the air. He also worked out the basic requirements for aircraft
gtahility, and built several successful manned gliders with such original inventions as spoked wheels such as are found
today on bicycles. Cayley'stesting and analysis correctly suggested to him that steam engines of the day did not have
high enough thrust-to-weight ratios to enable manned flight. He spent much of his effort devel oping alternative airplane
propulsion systems, but in the end was unsuccessful. However, hiswork provided the solid foundation from which the
Wright brothers succeeded in making the first sustained manned flight of a practical heavier-than-air vehicle lessthan
fifty years after his death.

The Wright Brothers

Sir George Cayley' swork inspired much experimentation with manned flight in Europe and the United States.
Small airplane models powered by twisted rubber bands attached to propellers became very popular and helped establish
an intuition if not a mathematical basis for aircraft stability requirements. Several steam-powered airplanes were built,
and some made short hops but not sustained flights. At this point, only two basic el ements were lacking, an adequate
propulsion system and an understanding of aircraft control requirements.

Beginning in 1891, a German engineer named Otto Lilienthal began flying manned gliders. Hisintent wasto
develop a powered ornithopter, but his glider flights were more useful in establishing an understanding of reguirements
for aircraft control. Lilienthal achieved contral of his gliders by shifting hisweight. Unfortunately, in 1896 this method
of control proved inadequate when awind gust upset one of Lilienthal’s gliders. He was unable to regain control and
was killed in the ensuing crash.

A French-born American, Octave Chanute, included Lilienthal’swork in a history of aviation experimentation
published in 1894. Chanute tested several manned gliders beginning in 1896, but more importantly, he became the
foremost promoter of manned flight in the United States at the turn of the century. When Wilbur Wright contacted him
in 1901, Chanute enthusiastically provided information, assistance, advice, and encouragement. He also was well
acquainted with Samuel Pierpoint L angley, the Wright brothers' closest competition for making the first manned
powered flight.
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Langley had a head start on the Wright brothers, and as Secretary of the Smithsonian Institution had won a
$50,000 contract from the US Government (prompted by the Spanish-American War) to develop a flying machine. He
employed Charles M anley and Stephen M. Balzer as mechanics. Their most important achievement wasto build the
most advanced gasoline engine of its day, with a power-to-weight ratio which was well in excess of what was needed to
allowed manned flight. Unfortunately, Langley failed to consider the need for control of the aircraft. Hisairplanes (or
“aerodromes’ as he called them) lacked landing gear because they were launched by catapult from atop a houseboat in
the Potomac river. Langley successfully flew several small aerodromes powered by steam engines, but the structure of
his full-size man-carrying model failed on launch and the machine plunged into the river. It was probably just aswell,
because had the aerodrome been successful at commencing sustained flight, its lack of any control system could have
resulted in more serious consequences for the occupant, Charles Manley.

Figure 1.14 The Langley Aerodrome on its Houseboat L auncher (Courtesy of the National Air and Space
M useum)

Langley’sfinal attempt was made just days before the Wright brothers’ first powered flight. Wilbur and
Orville Wright had approached the problem of manned flight very scientifically, and had originally used tables of air
pressure data published by Lilienthal. Their initial glider experiments convinced them Lilienthal’ s data was erroneous,
so they built their own wind tunnel and tested a number of airfoil shapes. They debated the cause of Lilienthal’ s fatal
accident, and finally decided on the need for moveable control surfaces which allowed them much greater control than
just shifting weight. So convinced were they of the paramount need for control that they deliberately built their
airplanes to be unstable, so that constant control adjustment was required to keep the planes on a desired path.
Extensive gliding experience gave the Wrights an understanding of air manship, the science and art of flying, which
was unequaled anywhere elsein theworld at thetime. This understanding or fed for flying allowed the Wrightsto
build an airplane which not only could carry a man, but which was controllable so that the pilot could maneuver it in
any desired direction. This capability was a distinct advantage of the Wright machines over Langley’s or any other
airplanes up to that time. Unable to find a willing engine manufacturer, the Wrights built their own gasoline engine.
Its power-to-weight ratio was not nearly as good as Manley’ s engine, but it was adequate. By repeated cycles of testing,
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analysis, and refinement of their designs, plus the flying training and insight they received from their glider flights, the
Wright brothers finally achieved the first sustained manned flight of a heavier-than-air aircraft on December 17, 1903.

Figure 1.15 The 1903 Wright Flyer (Courtesy of the National Air and Space M useum)

In the years that followed, many engineers and inventors in addition to the Wrights began building successful
manned airplanes. Most notable of these were Glenn Curtissin the United States and Henri Farman, Gabriel Voison,
LoisBleriot, and Alberto Santos-Dumont in Europe. These other designers chose to make their aircraft stable. Asa
result, they were easier to fly though less maneuverable than the Wright “flyers’ and they became more popular. The
Wrights sold relatively few of their unstable, difficult to control airplanes. They became embroiled with Curtissin
patent litigations over their control systems, a dispute which was finally settled by a merger of the Wright and Curtiss
aeroplane companies. At the same time, aeronautical science was progressing rapidly in Europe, so that practical
military observation aircraft were available early in World War 1.

World War |

The requirement for fagt, far-ranging observation, fighting, and bombing aircraft to contest the skies and
support the land forcesin World War | led to tremendous expansion and acceleration of aviation science and industry.
The United States lagged far behind developmentsin Europe. In 1915 the National Advisory Committee for
Aeronautics (NACA) was formed to help U.S. aviation science catch up. The most advanced aerodynamic studies were
performed in Germany and led to the devel opment of advanced airfoil shapes. Whereas the wings of most planes since
the Wright brothers had relatively thin cross-sections (airfoils), the new German sections were thicker and had better
lift-to-drag ratios and higher values of C_ax. The thicker sections also had structural advantages. These aerodynamic
refinements gave German aircraft superior performance, even though their engine technology lagged behind the Allies.
So impressive was the Fokker DV 11, a German fighter which appeared late in the war, that it was made a prize of war by
the Versailles Treaty. The Germans were required to provide a number of Fokker DVIIsto the Allied nations for
evaluation and duplication. Several Fokker DVIIswere flown by the U.S. Army Air Corpsin the early 1920s.
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Figure 1.16 Comparison of the Relatively Thin Airfoil on the Sopwith Camel and Other Allied Aircraft During
World War | with the Thicker Airfoil Used by the German Fokker DVII (Photos Courtesy of the National Air
and Space M useum)

The Airlines and L ong-Distance Flights

Spurred by the expl osive advances during World War | in aerodynamics, propulsion, and structures and the
huge increase in the number of trained flyers, aviation expanded rapidly in the post-war years. Airlines and airmail
services proliferated. Barnstormers flew from town to town, popularizing aviation by giving rides and air shows. Prizes
were offered by various newspapers, industrialists, and aviation organizations for long-distance flights. One of the best-
known of these was the first non-stop flight from New Y ork to Paris. Most of the aircraft competing for this prize were
large, because conventional technology required a large airplane to have the required range. An American airmail pilot
named Charles Lindber gh contracted with the Ryan Airplane Company to build a relatively small, aerodynamically
clean monoplane (having one wing as opposed to the biplanes used by the Wright flyer and the Fokker DVII) with a
large fuel tank and a new high-efficiency engine. The single wing, with itsthick airfoil and lack of external bracing
wires, gave the plane arelatively high L/D. Thelarge fud tank allowed a high fuel weight fraction, and the new
Wright Whirlwind engine had arelatively low S-C and high reliability. Careful analysis had shown that these design
features and new technology would give the plane, The Spirit of . Louis, the necessary range. Lindbergh made the
flight solo in 33 hours and 39 minutes from May 20-21 1927, and instantly became a world celebrity.

Figure 1.17 The Spirit of St. Louis (Courtesy of the National Air and Space M useum)

Flights such as Lindbergh’s further popularized aviation, and proved the feasibility of world-wide passenger
flights. Airlines grew and demanded aircraft with greater speed, range, and payload. Industry responded with improved
aerodynamics, all-metal monoplane airliners, retractable landing gear, and improved engines. The N.A.C.A. performed
numerous wind tunnel studies and published extensive data on the aerodynamic characteristics of families of airfoil
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shapes, and on methods for reducing drag. One of the most outstanding aircraft developed during this period was the
Douglas DC-3, the venerable “ Gooney Bird.” The DC-3 was a progressive development and enlargement of previous
Douglas twin-engined all-metal airliners. It'stwo 1,200 hp Pratt and Whitney Twin Cyclone Engines allowed it to
carry up to 28 paying passengers for 2,000 miles at 200 miles per hour. DC-3s were extremely popular with the airlines
and were built in large numbers as military transports for World War [1.

Figure 1.18 The Douglas DC-3 (Courtesy of the National Air and Space M useum)

World War 11

The return of global war in 1939 added fuel to an already frantic pace of aviation development. The newest
fighter planes produced in Germany and the United Kingdom in 1939 were obsolete by 1941. The United States
initially lagged behind in military aircraft technology, but experience with advanced airliners and military airplane
orders from Europe soon allowed American technology to catch up in many areas. German research in jet engines,
rockets, and high-speed aerodynamics enabled production of jet- and rocket-powered fighters and bombers such asthe
Messerschmitt 262 which far out-performed Allied aircraft. The vast scale of Allied aircraft production overwhelmed
the German Air Force, however.

A technological achievement of particular interest during World War 11 was the development of along-range
fighter aircraft no bigger nor less maneuverable than its contemporaries. Two such aircraft are notable for the different
approaches designers took toward meeting the requirement. The Japanese Mitsubishi A6M Zero-Sen achieved the
necessary high fuel fraction without sacrificing performance by using light-weight structures and eliminating armor
protection for the pilot. The North American P-51 Mustang sacrificed performance and handling qualities at heavy fuel
weightsinstead. By the time Mustangs reached their distant combat areas, the extra fuel was burned off, and their
performance and maneuverability equaled or exceeded that of their short-ranged opponents.
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Figure 1.19 Two L ong-Range Fighters of World War |1: The Mitsubishi A6M 2 and the North American P-51
Mustang (USAF photos)

Jets

Advancesin jet-powered aircraft during World War 11 continued post-war with development of several
generations of jet fighters, bombers, and transports. Improved understanding of high-speed flight was made possible by
supersonic wind tunnels and ambitious flight tests. The victors of World War |1 aso took advantage of test data, aircraft
prototypes, and scientists captured in Germany at the end of thewar. By the early 1950s, the first generation of
supersonic jet fighters was developed. The Cold War prompted governments to continue to ask for aircraft which could
fly higher, farther, and faster with little concern for the cost. By the 1970s, jet fighter performance was limited
primarily by the maximum acceleration and extremes of altitude pilots could endure. Eventually, economic concerns
forced a more pragmatic approach to military aircraft procurement, so that any military aircraft built in the future will
have to comply with strict cost constraints. In many cases cost has become more important than performance. A new
consideration which has influenced the design of the latest generation of combat aircraft islow observables or “ stealth”
technology. Designing aircraft to reduce their radar, infrared, and visual signatures has significantly changed their
appearance.

Figure 1.20 First Generation Supersonic Fighters. The Convair F-106 Delta Dart and M cDonnell-Douglas F-4E
Phantom I1. (USAF photos)

Jet airliners, beginning with the De Haviland Comet and Boeing 707, have literally changed the world. Travel
between far-distant capitals and trade centers has become commonplace. Supersonic airliners, the Anglo-French
Concorde and the Soviet Tu-144, have been devel oped and used extensively. A new-generation High-Speed Civil
Transport (HSCT) is being planned in the United States. Airline customers have become impatient with flight times
between cities which would have seemed incredible 50 yearsago. Airlines are also seeking new aircraft with improved
technology which will lower their operating costs and allow them to remain competitive in a rapidly-growing market for
low-cost air fares.
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Fuel-efficient high-bypass-ratio turbofan engines, computer-designed airfoils, and advanced materials and construction
methods have made this possible.

e

Figure 1.21 Jet Tanker/Transport, Fighter, and Stealth Bomber. A KC-10 Military Tanker Version of the
M cDonnell-Douglas DC-10 Commer cial Transport Preparesto Refuel a B-2 Stealth Bomber asan F-16A, a
Second Gener ation Super sonic Fighter, Fliesin Formation. (USAF Photo)

1.6 CONCLUSION

Design isan essential part of aeronautics, and aeronautics permeates the aircraft design process. How natural
then to learn the two disciplines together. Asyour appreciation grows for the complexities of the problems which must
be tackled to design a successful aircraft, hopefully so will your facility with the fundamental methods used to solve
those problems. The result should be a heightened understanding of both design and aeronautics, and a solid
preparation for further study.
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CHAPTER 1HOMEWORK PROBLEMS

Synthesis Problems
S1.1 Motorcycleriders need a secure method of storing their helmets when their vehicleis parked, for examplein a
university parking lot while therider/student isin class. Brainstorm at least five possible ways to secure the helmet with
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the motorcycle while they are unattended. Remember, write down all ideas, no matter how outlandish they may seem at
first.

S1.2 Braingtorm at least five ways to eliminate the need for pencils, pens, and paper in college engineering classes.

S1.3 A person making ajourney by private aircraft generally hasto use ataxi or public transportation to get from the
landing airport to the final destination. Brainstorm at least five ways to combine in one vehicle the high-speed, long-
distance capabilities of an airplane with the automobile' s ahility to deliver a passenger to a specific addressin a crowded
neighborhood.

S-1.4 Thelift and propulsive forces of abird are derived from a single mechanism--the bird'swings. Early attempts to
fly were based on this same principle incorporated in machines called ornithopters. Who was the first to propose
separate mechanisms for producing the lift and propulsive forces for flight?

S-1.5 What present day aircraft combines the lift and propulsive forces in the same mechanism?

S-1.6 Why didn't the Wright Brothers' aircraft achieve more worldwide use after its devel opment?

S1.7 The House of Quality chart below shows customer needs and priorities for an action motion picture. Fill in the
design features section of the chart with what you fed are the five most important design features of a good action
movie. Alsofill in the two correlation matrices with what you believe are the appropriate symbols.

rrelations K .
Co : il Design Feature
@ sSrongRostve @ Stong (9) Correlation
O Postive O Moderate (3) Matrix
X Negative & ek (D)
X swong Negative
Design Customer
Features Priorities:
— Weight, Rank
Box Office“ Hit” .30 1
" Audience Wantsto See Again .25 2
g Audience Will Buy Theme Items .20 3
T
5 Audience“ On Edge of Seat” .15 4
o}
=3
o Audience L eaves Happy 05 5
Critics Give Good Reviews .05 6
—
Design Feature
Priorities
Target Values

Figure S-1.1 House of Quality Chart for Action Movies
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S-1.8 Pick one of the following aircraft and describe what you think its design mission was like. Generally, aviation
history books give good indications of why a famous aircraft was designed and what its performance capabilities were.
Be careful. In some cases an aircraft became famous performing a mission which was completely different from the one
it was designed for. Draw adiagram similar to Figure 1.11 for your aircraft.

Wright Flyer Lockheed P-38 Lightning North American F-86 Sabre

Fokker D VII Boeing B-17 Flying Fortress North American F-100 Super Sabre
SP.A.D. Xl Douglas DC-3/C-47 Dakota Convair F-106 Delta Dart

Sopwith Camel Republic P-47 Thunderbolt Boeing B-52 Stratofortress

The Spirit of St. Louis ~ North American P-51 Mustang  Lockheed C-5 Galaxy
Boeing P-26 Peashooter Messerschmitt 262 Schwalbe Lockheed SR-71
The Graf Zeppelin Lockheed P-80 Shooting Star McDonnell-Douglas F-15 Eagle

S-1.9 Pick one of the following types of aircraft and write design specifications for it similar to Table 1.2. In general,
the specifications should be written so that the aircraft is competitive with airplanes of the same era which had similar
missions.

First flight across the English Channel World War 1l fighter plane Jet Airliner
World War | fighter plane World War 11 bomber Sailplane

World War | bomber Intercontinental jet bomber Supersonic fighter
First non-stop flight across the Atlantic Air-sea rescue amphibian Private airplane

Analysis Problems
A-1.1 On the House of Quality chart you filled out in Problem S-1.6, calculate the Design Feature Priorities. What do
these priorities tell you about designing a good action movie?

A-1.2 Pick two familiar action movies (e.g. the original Star Wars and Raiders of the Lost Ark) and rate your
perceptions of the weight or emphasis given in each movie to the design features you identified in Problem S-1.6.
Compare with the design feature priorities you calculated in A-1.1. Can you identify ways in which the movies you
chose could be improved? Try this exercise with one good movie and one you consider poor. Can you identify
differencesin the design feature priorities?

Note: Thisis another important use of House of Quality charts. Companies use these charts® to compare new designs
with their previous products and with their competition. Thisinformation is useful to design engineers as they try to
improve their designs. The comparisons can also be used by sales representatives to sell new products.

A-1.3 TheHouse of Quality chart below shows customer needs and priorities as well as design features and their
correlations for alight general aviation aircraft. Calculate the design feature priorities.
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Priorities
Target Values 150ft 7 20deg

Figure A-1.1. House of Quality Chart for a General Aviation Aircraft

A-1.4. Choosefiveaircraft with similar configurations but different sizes, the Boeing 737, 747, 757, 767, and 777 for
instance, and make a graph plotting the maximum range of each aircraft vs its maximum takeoff gross weight. What
trend do you notice?

A-1.5. For theaircraft you chosein A-1.4, make a graph plotting each plane’ s maximum payload weight vsits
maximum takeoff grossweight. Isthetrend here similar to that in A-1.4?

Note: Analysis of historical trends such as the relationship between range and size of a class of aircraft isan important
part of the collecting data step of the aircraft design method. Thisinformation can be used to give the aircraft designer
an initial estimate of how large a new aircraft design must be, based on the range and payload capabilities specified by
the customer.

A-1.6. Anairlinerequires anew airliner which can carry 300 passengers and has a range of 4,000 NM. Based on your
analysesin A-1.4 and A-1.5, estimate the maximum takeoff weight of the new aircraft.

INTRODUCTION TO AERONAUTICS: A DESIGN PERSPECTIVE
CHAPTER 2: THE OPERATING ENVIRONMENT

“It isour duty not to rest until we have attained to a perfect scientific conception of the problem of flight.”

Otto Lilienthal
2.1 DESIGN MOTIVATION
The Sour ce of Aerodynamic Forces

Figure 2.1 depicts the forces acting on an aircraft in flight. The motion of the aircraft is determined by its mass
and vel ocity, and by the directions and magnitudes of these forces. Three of the four forces; lift, drag, and thrust, result
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from the interactions of the aircraft and its propulsion system with the air around it. Lift and drag are called
aerodynamic for ces, because they result from the mation of the aircraft through the air. The aircraft designer shapes
and optimizes the aircraft to control the production of these forces, maximizing the lift and thrust extracted from the air
while minimizing the penalties paid in drag and fuel consumption. The characteristics of the air through which the
aircraft isflying heavily influence the magnitudes of these forces. For this reason, the aircraft designer must understand
the characteristics and interrel ationships of the properties of air.

Thrust <

Figure 2.1. ForcesActing on an Aircraft

A Standard for Comparison

The performance requirementslisted in Table 1.2 specify altitudes and Mach numbers which must be
achieved. To facilitate documentation of a particular aircraft’s performance, and to ensure fair comparisons between
competing designs, a standard model for the earth’ s atmosphere has been defined. This widely-accepted model is called
the standard atmosphere. By referenceto it, any two engineers evaluating aircraft performance at a specified altitude
will useidentical atmospheric conditions. An understanding of how the standard atmosphere model is defined, and how
atmospheric conditions for an arbitrary altitude are determined is therefore an essential tool of the aircraft designer.

The Basisfor Altitude M easur ement

Once amode for pressure variation in the atmosphere is established, a simple pressure-measuring device can
be used to indicate to the pilot the altitude at which an aircraft isflying. Virtually all standard altimeter s (altitude
indicating instruments) are simply pressure gauges calibrated in units of altitude instead of pressure. Nearly all uses of
indicated altitude in the operation and control of air traffic are based on this simple concept.

2.2 THE CHARACTERISTICSOF THE ATMOSPHERE

The Language

A discussion of the atmosphere is gresatly facilitated by first defining afew terms.  Of particular interest to a
study of the atmosphere are four fundamental quantities called properties which describe the condition or state of the
air. Thesefour properties are density, pressure, temperature, and velocity.

Density isthe amount of mass per unit volume. It is commonly designated by the symbol r and has units of
kilograms per cubic meter (kg/m°®) or slugs per cubic foot (slug/ft®.) A slug isthe unit of massin the English system of
measurement. On earth, a dug of matter weighs 32.2 pounds because W= mg where g is the acceleration of gravity.
Slugs are units of mass and pounds are units of force in the English system just as kilograms are units of mass and
Newtons are units of force in the metric or Sl system. |f one cubic meter of space contains 1 kg of air, then the average
density of that air is 1 kg/ m°.

Air is composed of nitrogen, oxygen, carbon dioxide, and very small amounts of other gases. On a molecular

level, the mass of air in a given space is the number of the various types of molecules in the volume multiplied by their
molecular masses. These molecules arein constant motion, colliding with each other and bouncing off to collide again.
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Temperatureisameasure of the average kinetic energy of the air molecules as they move and collide with
each other. If the average speed of the moleculesis high, we sense this as a higher air temperature. Temperatureis
given the symbol T. The most commonly used units of temperature are degrees Celsius (° C), degrees Fahrenheit (°F),
Kelvin (K), and degrees Rankine (° R).

Pressureisthe force exerted by afluid (liquid or gas) per unit area. Air pressurein an inflated balloon pushes
outward on the walls of the balloon and stretches them. If you attempt to squeeze the balloon, air pressure resists.
Because the air exerts aforce per unit area, you will have to push much harder to flatten a balloon with your whole hand
than to just depress a portion of thewall of the balloon with your finger. The pressure, (the force per unit area)
multiplied by the area of the balloon surface you are depressing equals the force you must exert. Pressureis denoted by
the symbol P and has units of Newtons per square meter or pounds per square foot.

On amolecular leve, air pressure arises from countless collisions between individual air molecules and the
molecules of the surface on which the pressureis exerted. The mass of the molecules, their speed when they collide with
and bounce off the surface, and the rate at which these collisions occur determine the rate at which momentum is
transferred from the air moleculesto the surface. Thisrate of momentum transfer iswhat we call pressure.

Velocity isthe net motion of the air. While density, temperature, and pressure are scalars, velocity is a vector.
It has both a magnitude and a direction. The velocity of an air massisthe average of al the velocities of all of the
individual molecules added vectorially. Wind isair in the atmosphere with a net velocity. The magnitude of the
velocity is given the symbol V. An arrow over avariable will be used in this text to indicate a vector, so the symbol for
velocity (direction and magnitude) isV .

Velocity isrelative. That isto say, the velocity of any object, air for instance, is measured relative to some
frame of reference. For example, if you stand facing a 10 m/s breeze and hold up your hand, the air has the same
velocity relative to your hand asif you wereriding abicycleat 10 m/sin still air (or for that matter if you rode a bicycle
at 5 m/sdirectly into a5 m/sbreeze)) In each case, the frame of reference is fixed to your hand and the air velocity is 10
m/srelativetoit.

The four properties just mentioned can be used to describe the average conditions of any size volume of air.
Because the values of these properties are not very uniform in the atmosphere, especially in the vicinity of a moving
aircraft, it isuseful to consider the limit of these values as the size of the volume being considered shrinks to zero.
These limit values are called point properties. Point properties can have different values at every point in avolume.
Henceforth in thistext, we will deal with density, temperature, pressure, and velocity as point properties.

The Equation of State describes the relationship between the density, temperature, and pressure of agas, or a
mixture of gases such asair. Since temperature measures the average kinetic energy of the individual molecules and
density measures the number and mass of molecules in a volume, the pressure (the rate of momentum transferred by the
molecules) is proportional to the product of density and temperature. The proportionality constant is called the gas
constant and is given the symbol R. The equation of state iswritten:

P=rRT (2.1)

Each gas or mixture of gases has a unique value of the gas constant. For air the value of Ris given as.

_ 1726 (f(0b)

87—
(kg)(K) (dug)C°R)

Equation (2.1) does not always hold for all gases.  Under conditions of very high density, the molecules interact with
each other when they collide, and intermolecular forces are strong enough to cause a gasto fail to follow (2.1). Gases
which obey (2.1) are called perfect gases, and the equation is often referred to as the perfect gaslaw. All gases
discussed in this text will be assumed to be perfect gases.

Example 2.1
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An aircraft’s instruments measure an air temperature of 15° C and an air pressure of 100 kPa. What isthe air
density for these conditions?

Solution: Using the perfect gas law, Equation (2.1):

P _ 100,000 N / m? 100,000 N / m?

RT ~ [2873/ (kgk)J(15°C)  [287N m / (koK)|(288 K) ~ 12kg/m’

r =

The Hydr ostatic Equation

Consider an infinitesimal mass of air in astatic (all velocities are zero) atmosphere. As shown in Figure 2.2
the height of the volume the air occupiesis dh and the horizontal area of the top and bottom faces of the volume are dA.
The pressure on the lower surfaceis P, and to allow for variation in pressurein the air, the pressure on the upper surface
isP+ dP. Themassof theair isthe air density at that point multiplied by the volume. The weight of the air isthe
mass multiplied by the acceleration of gravity, g. Since the mass of air is stationary, the net force on it must be zero.
Summing the forcesin they direction:

y
N (P+dP)dA
. dA

éFy:rna,:O
dh
PdA- (P+dP)dA- rg(dh)(dA) =0
L (P+dP)dA- rg(dn)(@A)
T dP=-rgdh (22)

PdA

Figure 2.2 Force Balance on a Static Air Mass.

Equation (2.2) is known asthe hydr ostatic equation because it describes a static fluid. The derivation for (2.2)
isidentical whether thefluid isair, another gas, or any liquid. Thereationship in (2.2) between pressure and height in
afluid can be used as the basis for a number of useful tools for aeronautical engineers.

2.3 PRESSURE MEASUREMENT

M anometry

Consider a U-shaped tube filled with water as shown in Figure 2.3. Each end of the tubeis connected to a
reservoir of air, with the two reservoirs at different pressures. If we break the fluid in the tube into two parts at Point 1,
itisclear that the pressure at Point 1 must be the same as Py, or the fluid in the lower portion of the tube would not be
gtationary. Next, apply (2.2) to the vertical column of fluid which extends from Point 1 to Point 2. Unlike gases which
obey (2.1), liquids such as the water in the tube do not change density significantly with small changesin pressure. We
can therefore treat r as a constant and integrate (2.2) from Point 1 to Point 2.
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dP =-rgdh

2 2
P =-rgggh
T + 1 1 1
Pz- P]_:-rg(hz- hl) (23)

I g = CONSt

Figure 2.3. A Manometer

The device depicted in Figure 2.3 is called a manometer, and Equation (2.3) is called the manometry
equation. Manometers connected by tubing to openings called pressure ports on the surfaces of wind tunnel models
are used to measure pressure differences on themodel.  Until recently, it was very common in aeronautics laboratories
to see banks of 50 or even 100 manometer tubes connected to pressure ports all over amodel. Now, pressure transducers
connected to automated data collection systems have replaced most manometers in many laboratories.

Barometers

A barometer isaspecia type of manometer in which one end (the higher end) of the tube is completely sealed
off and filled with fluid. When the fluid in this end of the tube fallsto an equilibrium level, the pressure P, is essentially
zero. Theheight of the column of fluid then gives an absolute reading of the pressure P; rather than the difference
between P, and P, given by a manometer. Barometers are usualy filled with mercury and are often used to measure
atmospheric pressure. These atmospheric pressures are often specified in inches of mercury, the height of the column of
mercury in the barometer.

Example 2.2

A manometer filled with water is connected between two chambers. Thetop of the water column in the first
tube of the manometer is 11 cm lower than the collumn in the second tube. What is the difference between the pressures
in the two chambers?

Solution: Using (2.3), the pressure difference is given by:

R- R=-rg(h- h)=-(1000kg/ m’)(98 m/s*)(11cm) = - (1000 kg/ m*)(98 m/ 5*)(011 m)
P,- B =-1078(kgm/s’)/ m? =- 1078 N/ m?,

so the pressure in the first chamber is 1078 N/m? higher than the pressure in the second.

Example 2.3
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A barometer filled with mercury is exposed to an atmospheric pressure of 2116 Ib/ft?. What is the height of the
collumn of mercury in the barometer?

Solution: The sealed end of the barometer tube is a vacuum, so the pressure there, let’scall it Py, iszero. The other end
of the barometer is the zero reference height for the mercury, h, = 0, and the air pressure at this end, P, is 2116 |b/ft.
Using (2.3), the height of the mercury collumn is given by:

P- R=-rg(h-h)=21161b/ft*- 0=- r g(0- h,)

2116 1b/ ft?

= 24931t = 2092in
263dug/ ft*)(32.2ft/*)

-
h=- o

24 THE STANDARD ATMOSPHERE

Definition

Thetools are now in hand to define the standard atmosphere. The hydrostatic equation is used in defining the
variation of pressure with atitude in the standard atmosphere. However, unlike the assumption for water density in the
integration which resulted in the manometry equation, air density in the atmosphere cannot be assumed to be constant.
The atmosphere is assumed to be static so that velocity in the model is everywhere zero. The other three point
properties, density, pressure, and temperature; must be determined everywhere in the atmosphere to define the model.
With three unknowns, Equation (2.2) is not sufficient. The equation of state can also be used, but that still leaves two
equations and three unknowns. Therefore one of the three point properties must be specified everywhere in the model.

Observations of atmospheric conditions have been made for many decades, and averages of these conditions are
used as a starting point for the standard atmosphere and to define a variation of temperature throughout the moddl. The
gtarting point is established at mean sea level (MSL), an altitude representing the average el evation of the ocean’s
surface. Standard sea level conditions are defined as follows:

T, © 28816K ° 51869°R
) N ) Ib
P, © 101,325 %n ,© 21162 /ﬁ .

ro 1225k%3 ° 0002377 dug/ ft®

Temperature M odel

An algebraic model is defined for the variation of temperature with altitude in the atmosphere. This model
represents roughly an average of atmospheric temperatures measured at each altitude by countless weather balloon and
sounding rocket flights. Figure 2.4 is agraph of this temperature model.
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Figure 2.4 Standard Atmosphere Temperature M odel.

Notice that the temperature variation model is composed of segmentsin which the temperatureis either
congtant or elseincreasing or decreasing linearly. The altitude bands where temperature is changing are called gradient
layers. The gradient layer in the model which is closest to the earth’s surface represents the layer in the atmosphere
known asthetroposphere. Therate of decrease in temperature with altitude is called the temperature lapserate. The
altitude bands where the temperature is constant are called isothermal layers. Theisothermal layer in the mode just
above the troposphere represents the lower part of the stratosphere. Nearly all manned aircraft flying occursin the
troposphere and the stratosphere.

I sothermal Case

The simplest of the two types of altitude bands or layers of the standard atmosphereisthe isothermal layer. All
three properties must be specified at the base or lowest altitude of the layer, which we will label h;. The pressure here
will belabeled P; and the density, r; . Thetemperature, T, will be constant throughout the layer. The hydrostatic
equation and the perfect gas law are then used to define the variation of the density and pressure. To begin, divide (2.2)
by (2.1) toyield:

®_ 9 (24)
P RT
Integrating (2.4) from h; to any arbitrary atitude, h, in the isothermal layer:

or:

P o wminm (2.5)
P,

Then, applying the perfect gas law to the numerator and denominator of the left side of (2.5):
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— = g (g/RT)(h-ha) (2-6)
r

Equations (2.5) and (2.6) define the variation of pressure and density with altitude in an isothermal layer for known
values of these quantities at the base of the layer.

Example 2.4

The tropopause, the boundary between the troposphere and the stratosphere, occurs at 36,152 ft in the standard
atmosphere. Above this altitude, up to over 82,000 ft, the temperature stays constant at 389.99 °R. If the standard
atmospheric pressure is 453.9 Ib/ft? at 37,000 ft and the density there is 0.000678 slug/ft?, what are the standard
atmospheric pressure and density at 40,000 ft?

Solution: The conditions at h = 37,000 ft are used as the starting point for the calculation. Using (2.5):
P= Pe— (g/RT)(h- h1) - 4539 Ib/ ftz e (32.2ft/s2 /1716/389.99° R)(40,000ft- 37,000ft) - 3931 I b/ ftz
1

Since temperature and pressure are now known at this atitude, density is easily found using (2.1):

2
P 39311b/ft = 0.000587 slug / ft?

" RT " (1716 ft1b/ slug °R)(389.99 °R)

Gradient Layers
In atitude bands where temperature varies, the variation with atitudeislinear and given by:

T=T +T,(h- h) (2.7)
where T, isthe temperature lapse rate defined as.
T, © ar _ T-T (2.8)
dh  h-h

The subscript h is a shorthand notation for a derivative with respect to h.  This notation will be used for derivatives
throughout thistext. Solving the definition of Ty, for dh we have:

dh=—dT
Th
Then, substituting this expression into (2.4) yields:
@ __ g dr 2.9)
P RT, T

Aswith the isothermal layer, we integrate (2.7) from the base to an arbitrary altitude within the layer:

|n£: - iml

R TR T
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or:
P a&T§ [(a/TR)]

—=&9 (2.10)
P %Tlﬁ
and, once again using (2.1):
P rRT rm
Pl r 1RT1 r 1T1
o)
(T aro @
r,T, 8T1ﬂ
or:
-[(g/TR+1
r _®rg (2.12)
r, ngra

Equations (2.7), (2.10), and (2.11) define the variation of propertiesin a gradient layer, once the properties at the base of
the layer are known. The definition of the standard atmosphere model starts with the average sealevel conditions. The
troposphereis built from theseinitial conditions using the gradient layer equations and the value of T, for the
troposphere shown on Figure 2.2. The properties at the top of the troposphere are used as the base properties for the
lower part of the stratosphere. Equations (2.5) and (2.6) and a constant temperature are used to build the isothermal

part of the stratosphere. The properties at the top of thisisothermal layer are used at the base of the next layer (the
upper part of the stratosphere), and so on until the entire model is built.

Example 2.5

In the troposphere portion of the standard atmosphere, temperature decreases lineaarly from 518.69 °R at sea
level t0 389.99 °R at the tropopause, an atitude of 36,152 ft. If the standard atmospheric pressure is 499.3 Ib/ft® at
35,000 ft and the density there is 0.000738 slug/ft?, what are the standard atmospheric pressure and density at the
tropopause?

Solution: The temperature lapse rate in the troposphere, Ty, is:

T,-T °R - 0
1o To- T _ 38009 518. 69 "R _ 00356 R
h,- h, 36,152 ft - ft

The temperature at 35,000 ft is:

015 (35,000ft- 0) =39409 °R

T, =T,+T,(h,- h)=51869 °R- 000356

S0, using (2.9):
P &T [ 9/TR )]
8T1ﬂ
(oA z 32.21t 0
o- 1?1_ _ 499_3|b/ft2£89 99 °RO g( -0.00356 °R/ft) (1716 ft Ib/slug °R) 5 = 4795 b/ 2
§39409 °Ro
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Asin Example 2.4, density is found using (2.1):

P 4725 b/ ft?

" TRT (1716 ft Ib/ slug °R)(389.99 °R)

= 0.000706 slug / ft°

Example 2.6

On Mars, the atmosphere is composed mainly of carbon dioxide. The value of the gas constant for the Martian
atmosphereis 192 Jkg K, and the acceleration of gravity thereis 3.72 m/s’. At the average level of the Martian surface,
the average temperature is 228 K, the pressure is 774 Pa, and the density is 0.01768 kg/m®. At an altitude of 1km
above the surface, the average temperatureis 225 K. What are the pressure and density at this altitude?

Solution: Equation (2.9) applies on Mars aswell as on Earth. The temperature lapse rate between the surface and 1 km
dtitudeis:

T,-T, 225K- 228K K
T =27 1= =-00032
h-h  1000m- 0 m
- [(TR)] §+m’szg
p= Plgelg = 774N/ ng@Q Looosm)23kaa _ 2105 N/ m?
T10 2289
Asin Example 2.5, density is found using (2.1):
2
(=L - 710SN/m = 0.01645 kg / m®

RT (192 J/kg K)(225 K)

Standard Atmosphere Tables

For convenience in using the standard atmosphere, the values of the various propertiesin the model have been
tabulated". Examples of standard atmosphere tables in both English and Sl units are included in Appendix B at the end
of this text.

2.5 DENSITY, PRESSURE, AND TEMPERATURE ALTITUDES

The properties of the standard atmosphere are used frequently as reference conditions for aircraft performance
predictions. It iscommon to refer to these conditionsin terms of the altitude within the standard atmosphere mode! at
which those conditions occur. For example, aircraft takeoff performance dependsin part on the air density. The density
for a given takeoff calculation is often given as a density altitude. Density altitude, which is given the symbal h;, is
that altitude in the standard atmosphere which has the corresponding density. If the density is, for instance, 0.00199
dug/ft® , then the density altitude would be given as 6,000 ft. Likewise, pressure altitude, hp, isthat atitudein the
standard atmosphere with the corresponding pressure, and temper atur e altitude, hy, isthe standard atmosphere altitude
with the appropriate temperature. If the pressure altitude is given as 4,200 m, then the atmospheric pressureis 60,072
N/m?. A temperature altitude of 10,000 ft specifies a temperature of 483.1 °R or 23.1°F.

Example 2.7
Instruments on an aircraft at the USAF Academy airfield measure an air temperature of 80° F and a pressure
atitude of 7,000 ft. What isthe density altitude?
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Solution: 80° F = 540° R. From the standard atmosphere table in Appendix B, at a pressure altitude of 7,000 ft, the air
pressure is 1633 Ib/ft2. Then, using (2.1):

2
i 16331b/ t - 0001756 slug/ ft°

RT  1716(ft Ib)/(slug °R) 542 °R

r =

and from the standard atmosphere table, the density altitude, h, = 10,000 ft.

Altimetry

A standard aircraft altimeter is simply a pressure gauge, connected to an orifice exposed to the atmaospheric
pressure around the aircraft. The gaugeis calibrated in units of altitude instead of pressure, however. Thisis possible
because the standard atmosphere provides a model for the variation of pressure with altitude. Of course, the actual
variation of pressure with atitude on a given day is seldom exactly as prescribed in the standard atmosphere moddl. As
ameans of partially correcting for this, most altimeters have a knob on them which allows the pilot to adjust the
reference pressure on which their altitude indications are based. When the reference pressure is adjusted to the standard
sea level pressure of 29.92 inches of mercury, then the altitude indicated by the altitmeter is pressure altitude. Weather
services use radios to provide information to pilots on the current reference pressure which they should use to get
accurate atitude indications in the area in which they are operating. Figure 2.5 shows a schematic of an aircraft
altimeter.

Pressure Port

AVATAN

gy —

Reference Preﬂsure/ Atmospheric Pressure

REFERENCES

Figure2.5 Altimeter Schematic

1. Minzner, RA., K.SW. Champion, and H.L. Pond, The ARDC Model Atmosphere, AFCRC-TR-50-267, 1959.
CHAPTER 2HOMEWORK PROBLEMS

Synthesis Problems

S2.1 Brainstorm at least five ways to indicate to a balloonist the height of the balloon above mean sea level (MSL).

S22 A university aeronautics laboratory needs a visual indication of the pressures at 100 discrete points on the
surface of awind tunnel model. The pressures may be displayed on the surface of the model or on any type of device or
display outside the tunnel. The mode is a hollow shell which is easily opened up to install sensors, wiring, tubing, etc.
Brainstorm at least five design concepts for such a display system.

S2.3 Suggest at least five measures of merit for a surface pressure display system asin S-2.2 above.
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S-2.4 An earth resources and pollution monitoring agency requires an estimate of the total mass of the earth’s
atmosphere. Suggest at least two methods for making this estimate. Can the hydrostatic equation and standard sea level
pressure be used in this process?

S2.5 Inyour own words, why do aeronautical engineers and pilots need a standard atmosphere?

Analysis Problems

A-2.1 One of the design requirements for the multi-role jet fighter listed in Table 1.2 is a maximum sustained |oad
factor of 9 g'sat 15,000 ft MSL. What atmospheric conditions (P, T, and r) would you usein calculations which
determine if a proposed design can mest this requirement?

A-2.2 Standard sealeve pressureis 2116.2 psf. How high would a column of mercury in a barometer be at sea level
on astandard day? What would the height be if the barometer fluid were water?

A-2.3 Takeoff performance testing of a new aircraft produced the following data:

Air Density, kg/m® Takeoff Distance, m
1.2 1000
1.1 1091
1.0 1200
0.9 1333
0.8 1500

Present these data in terms of density atitude instead of air density.

A-2.4 An aircraft flying at a geometric altitude of 20,000 ft has instrument readings of
P =900 Ib/ft2 and T = 460 °R.

(8 Find hp, hy, and h; tothe nearest 500 ft.

(b) If the aircraft were flying in a standard atmosphere, what would be the relationship among hp,
hr, and h, ?

A-25 a If you are standing at the edge of a pool at sealevel, standard day conditions, what pressure
would you fedl ?

b. What isthe pressure a swimmer would fedl at the bottom of a 10 foot pool? The density of
water is1.94 d ugs/ft3.

c. If theair pressure remained the same and the air temperature was 70 °F, what is the density of
the air near the surface of the water?
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A-2.6 A scubadiver’s depth gauge has failed, and she asks you to make something which she can use as a subgtitute.
The only materials you have available to use for this project are a graduated glass cylinder and an indelible marker.

Y ou have the idea that by trapping some air in the glass cylinder and keeping it inverted under water, you can use the
changein trapped air volume with water pressure as an indicator of depth. The graduated cylinder has markings every
0.1 ml up to 200 ml. If you start with 200 ml of air in the cylinder at standard sea level conditions, where on the
cylinder should you put the marks for 5, 10, 15, and 20 meters depth? Assume the water temperature isthe same as the
air temperature. Brrr!

A-2.7 A fairing for an optically perfect window for an airborne telescopeis being tested in awind tunnel. A
manometer is connected to two pressure ports, one on the inner side of the window and one on the outside. The
manometer isfilled with water. During testing at the maximum design airspeed for the window, the column of water
in the tube connected to the outside pressure port is 12 inches higher than the column in the tube connected to the inside
port.

(a) What is the pressure difference between the inner and outer surfaces of the window?

(b) If thewindow has atotal area of 4 square feet, how much total forceison it in this situation?

A-2.8 If the hydrostatic equation is integrated from the earth’s surface to the top of the atmosphere, the resulting
equation states that the force on one cubic meter of the earth’s surface is equal to the total weight of the air in a column
which is one meter square and as high as the atmosphere. If sealevel pressureis 101,325 N/m? and the area of the
earth’s surface is 5.09 x 10™ m?, then what is the total weight and mass of the earth’ s atmosphere?

INTRODUCTION TO AERONAUTICS: A DESIGN PERSPECTIVE
CHAPTER 3: AERODYNAMICS AND AIRFOILS

“lsn't it astonishing that all these secrets have been preserved for so many years just so that we could discover them !!”
Orville Wright

3.1 DESIGN MOTIVATION

The Physics of Aerodynamic Forces

Figure 3.1 shows a cross section view of an aircraft wing. A wing cross section like thisis called an airfoil.
Lines drawn above and below the airfoil indicate how the air flows around it. The shape of the airfoil and the pattern of
airflow around it have profound effects on the lift and drag generated by the wing. Aircraft designers choose a
particular airfoil shape for awing in order to optimizeitslift and drag characteristics to suite the requirementsfor a
particular mission. It isessential that an aircraft designer understand how the changes that occur in air asit flows past a
wing create lift and drag, and how airfoil shape influences this process.
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Streamlines

Airfoi/

Figure 3.1. Flowfield Around an Airfail

The Basisfor Airspeed Indication

The changes which occur in the properties of moving air asit encounters obstructions provide the basis for the
airspeed indicating systems used on most aircraft. An understanding of how these systems work is essential to anyone
who designs, builds, or operates aircraft.

3.2 BASIC AERODYNAMICS

The Language

A number of terms must be defined to facilitate a discussion of aerodynamics. Thelinesin Figure 3.1 which
indicate how the air flows are known as streamlines. Each streamline is drawn so that at every point along its length,
thelocal velocity vector istangent toit. A tube composed of streamlinesis called a stream tube. In a steady flow, each
streamline will also be the path taken by some particle of air as it moves through the flowfield (aregion of air flow). A
steady flow is defined as one in which the flow properties (pressure, temperature, density and velocity) at each point in
the flowfield do not change with time. If, asin Figure 3.2, a streamline runs into an obstruction, the airflow along the
streamline comes to a stop at the obstruction. The point where the flow stopsis called a stagnation point, and the
streamline leading to the stagnation point is called a stagnation streamline.

Front Stagnation Point (V=0)
Aft Stagnation Point (V=0)

Stagnation Streamline

Figure 3.2. Stagnation Point and Stagnation Streamline
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If, at each point along a streamline, there is no variation in the flow propertiesin a plane perpendicular to the flow
direction, the flow is said to be one-dimensional. Figure 3.3 illustrates a flow that is one-dimensional at stations 1 and
2.

Pl’Tl’rl’andVl are Pz,Tz,rz,and\fz are
all constant in this plane all constant in this plane

e 7

Station 2
Sation 1

Figure 3.3. Flow Which is One-Dimensional at Station 1 and Station 2

The Continuity Equation

Figure 3.3 depicts aflow in a stream tube. Because the walls of the stream tube are composed of streamlines,
the velocity vectors are everywhere tangent to the walls of the tube, so no air can pass through the tube walls. Therate
at which massis flowing through a plane perpendicular to a one-dimensional flow is given by:

m=rAV (3.1)

where m isthe mass flow rate and A isthe cross-sectional area of the stream tube. In nature, in the absence of nuclear
reactions, matter is neither created nor destroyed. Therefore, mass which flows into the tube must either accumulate
there or else flow out of the tube again. The case where matter is accumulating in the tube like air filling aballoon isan
unsteady, time-varying flow. If theflow isa steady flow, then therate at which massisflowing into the tube at station
1 must just equal the rate at which massis flowing out if the system at station 2:

rAV =1,AV, (32

Equation 3.2 isknown as the continuity equation. It isa statement of the law of conservation of mass for
fluid flows. Applying this equation to the flowfield shown in Figure 3.3 reveals a phenomenon which is very important
to the production of aerodynamic forces. If we assume that the flow isincompressible ( density is constant everywhere
in the flowfield ) or at least that the changesin air density are small, then (3.2) makesit obvious that the reduction in
stream tube area at station 2 will produce an increase in the velocity there relative to the velocity at station 1. A simple
demonstration of this effect occurs when an obstruction such as a person’s thumb is placed over the end of a garden hose
which has water flowing out of it. The obstruction of the flow reduces the area of the stream tube and forces the fluid to
acceleratein order to maintain the mass flow rate. Figure 3.4 shows a stream tube in a portion of the flowfield around
an airfail. Theairfoil isan obstruction to the flow. It reduces the area of the stream tube and forces the flow to speed up
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asit flowsaround it. The changeswhich occur in the properties of the air asit flows past the airfoil produce
aerodynamic forces.

1 2

All'foll

Figure 3.4 A Stream Tubein Air Flowing Past an Airfail

Example 3.1

Air flows through a tube which changes cross-sectional area similar to the oneillustrated in Figure 3.3. Ata
point in the tube (Station 1) where the cross-sectional areais 1 m? theair density is 1.2 kg/m*and the flow velocity is
120 m/s. At another point in the tube (Station 2) the cross sectional areais.5 m? and the air density has decreased to
1.0 kg/m*. What is the mass flow rate through the tube and what is the flow velocity at station 2?

Solution: Using (3.1), the mass flow rateis:
m=rAV = (12kg/ m®) (1.0m?) (120m/s) =144kg/ s
Then, solving (3.2) for V, :

v _AV . m 144 kg/s

, = 3 =288m/s
r,A, r,A, (L0kg/m7)(05m/y9)

Euler’s Equation

To understand the changes which occur in the flow properties of afluid asits velocity changes, consider an
infinitessimally small particle of air moving along a streamline in a steady flow, as shown in Figure 3.5. A number of
forces may act on this particle. Gravity and magnetic fields may exert body forces on it. Viscous shear forces may
retard the particle s motion. Pressure imbalances may also exert anet force. If we consider only flows of relatively
lightweight gases which do not have large vertical components and no strong magnetic attractions, then the effects of
body forces may beignored. If we consider only inviscid (frictionless) flows, then viscous shear forces can also be
ignored. For such a situation, the only significant forces remaining are due to pressure imbalances along the streamline.

+s
__—
PdA
—_— | (P+dP)dA
ds
4

Figure 3.5. Forceson a Fluid Element

Applying Newton’ s second law to the motion of the particle along the streamline, the sum of the forcesin the
streamwise direction, S , isequal to the mass of the fluid particle multiplied by the rate of change of its velocity:

arF :m?j—\t/:PdA- (P +dP)dA



now the volume of the fluid particle isthe infinitesimal streamwise distance, ds, multiplied by the area of the
perpendicular face, dA, so:
m=r dsdA

Also, since the velocity vector is everywhere tangent to the streamline, the direction of dsis everywhere paralléd to the
local velocity, so:

av _dvds _ dv
dt dsdt  ds

which yieds: PdA - (P +dP)dA = r dAdsV C;—V
S

or:
-dP =rvdVv (3.3)
Equation (3.3) iscalled Euler’s equation, after the eighteenth-century Swiss mathematician,
who first derived it. The differential equation is a statement of Newton's second law for a weightless, inviscid fluid. It
essentially statesthat for any increasein afluid' s velocity, there must be a corresponding decrease in its pressure.
Because it relates the rate of change of a fluid’s momentum to the forces acting on it, (3.3) is also known as the
momentum equation.
Bernouilli’s Equation
For many purposes, theintegral form of (3.3) will be more useful to us. For a compressible fluid, the integral
of the right-hand side requires arelationship for density. However, many useful flow problems can be solved with
reasonabl e accuracy by assuming density has a constant value throughout the flowfield. Thisisan extremely accurate
assumption for liquids. It also gives reasonable results for air if the velocities throughout the flowfield remain below
100 m/s or 330 ft/s. With r assumed constant (incompressible flow,) integrate (3.3) from some arbitrary point along
the streamline, station 1, to another point, station 2 to yield:

2

2
odp = - r gvdVv
1 1

or:
P1+%rV12: P2+%rV22: P (349

Equation (3.4) is known as Bernouilli’s Equation after another e ghteenth-century Swiss mathematician, Daniel
Bernouilli. The two terms on each side of Bernouilli’ s equation are given descriptive names. The pressureterm is called
the static pressure. The velocity squared term is called the dynamic pressure, and is often identified by the symboal q.

q° %r V 2 ° dynamic pressure (35)

The sum of satic pressure and dynamic pressureis called total pressure. It isidentified by the symbol P,. Total
pressurein aflow governed by (3.4) isinvariant along a streamline.




P+=>rV?=P+q=P + P

static

dynamic = Po = Ptotal

When using (3.4), it isimportant to remember that_it is only valid for the steady flow along a streamline of an
inviscid, incompressible fluid for which body forces are negligible. Together with the continuity equation, Bernouilli’s
equation provides the key to understanding such diverse concepts as how wings generate lift and how airspeed
indicating systems work.

3.3 BASIC AERODYNAMICSAPPLICATIONS

Airspeed Indicators
One of the simpler applications of the aerodynamic equations developed to this point isthe analysis and design
of common airspeed indicating systems. These systems function by using the relationship between pressure and vel ocity
described by Bernouilli’ s equation. Figure 3.6 shows a schematic
P¥

\

A
P¥

o
, Dh

<

Figure 3.6. A Pitot-Static Tube and M anometer

The system consists of a Pitot tube, one or more static ports, and a device for indicating differential pressure
(amanometer in Figure 3.6.). The Pitot tube is named for itsinventor, Henri Pitot, an eighteenth-century French
scientigt. It is placed in aflowfield with its opening perpendicular to the flow velocity so that if its opposite end were
open, air would flow directly through it. Since the opposite end of the Pitot tube is blocked by the differential pressure
indicator, theair in the tube cannot flow, and a stagnation point exists at the entrance to the tube. We assumethat if we
look far enough upstream in the flowfield, the flow becomes essentially undisturbed by the Pitot tube and any shape to
which it is attached. The undisturbed flow is called the free stream, and the properties of this undisturbed state are
called the free stream conditions. Free stream conditions are usually identified by a subscript infinity, eg. V, . Since

total pressureis constant along a streamline, the total pressure for the stagnation streamline leading to the stagnation
point at the entrance to the Pitot tubeis:

P=PR +%r Vv,° (3.6)

Velocity is zero at the stagnation point, so (3.4) requires that the static pressure thereis equal to thetotal pressure. The
Pitot tube therefore measures the total pressure of the flow and transmitsit to one side of the manometer.

The static ports are oriented parallel to the flow velocity so that no stagnation point devel ops and the pressure
they measureis as close to the free stream static pressure as possible. Aircraft designers use great carein placing static
ports, and they often use multiple portsin order to get good approximations to the free stream static pressure. The static
portsin Figure 3.6 are placed on the sides of the Pitot tube to form a Pitot-static tube. The static pressureis transmitted
through the connecting tube to the other side of the manometer. Solving (3.6) for Vv, yields:
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Example 3.2

A manometer connected to a Pitot-static tube asin Figure 3.7 has a difference in the height of the two collumns
of water of 10 cm when the Pitot-static tube is placed in a flow of air at standard sea level conditions. What isthe
velocity of the airflow?

Solution: In anormally functioning Pitot-static tube, the pressure measured at the static port will always be lower than
or equal to the total pressure measured at the stagnation point, so the collumn of water connected to the static port will
be higher than the other. Using the manometry equation, with the subscript o identifying total pressure and the
subscript ¥ identifying the freestream static pressure approximated at the static port:

P- R, =-r g(h,- h,)=- (1000 kg/ m*)(9.8m/s?)(-0.Lm) =980 N / m?

Then, substituting the required valuesinto (3.7):

_ 2
V¥ = 2(P° P¥) = 2(980N/n; ) =404 m/s
r 12kg/m

The manometer or other differential pressure device measures the difference between the total pressure and the
gtatic pressure of the free stream. According to (3.6), this difference isthe dynamic pressure. If theair density is
known, then the dynamic pressureis a direct indication of the free stream velocity. In aircraft, a differentia pressure
gaugeis normally used instead of a manometer. In the differential pressure gauge, the static and total pressurelines are
connected to opposite sides of ametal diaphragm. The pressure difference causes the diaphragm to deflect. A linkage
connected to the diaphragm moves a needle on the gauge dial when the diaphragm moves. By calibrating the dial scale
in terms of velocity instead of pressure, the differential pressure gauge becomes an air speed indicator. Figure 3.7
shows a schematic of an airspeed indicator connected to a Pitot-static tube.

|;Tota| Pressure Port r Static Pressure Port

<TETA

L\ T

!

Total Pressure

Static Pressure
Figure 3.7. Schematic of an Airspeed Indicating System

I1CeT
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The airspeed which the needle on the airspeed indicator points at for a given set of flight conditionsis called
theindicated airspeed. If the airspeed indicator is geared and calibrated based on (3.6), then it is accurate only at
speeds below 100 m/s or 330 ft/s where the flow isincompressible. Aircraft built prior to around 1925 operated
exclusively at incompressible airspeeds and had incompressible airspeed indicators. Incompressible flow indicators are
inaccurate for high speed flight and are no longer used. The Euler equation may be integrated without assuming
incompressible flow. The details of thisintegration go beyond the scope of thistext, but the result is a compressible
form of Bernouilli’s equation. Virtually all modern airspeed indicators are geared and calibrated to represent the
compressible analog of (3.7) which is:

1

7PG&€P P,) 935_u
ee P, o

: th

(3.8)

NONC
=,

i
|88

V. = 1
¥ }g

Note that (3.8) is not a simple equation to engineer into a mechanical instrument. In addition, valuesof r are difficult
to measure accurately in flight. For these reasons, it is difficult to build a simple and reliable airspeed indicator based
on (3.8). Engineers surmounted this problem, however, by simplifying the equation. Airspeed indicators are
manufactured with gears calibrated to use sea level standard atmospheric valuesof P and r. In effect, an airspeed
indicator is calibrated to solve the expression:

\ T
_ |ae 106 éa"{P R) (S} (3.9)
R v i S A

where V. iscalled the calibrated airspeed. Yet, thisistill not what isindicated on the airspeed indicator. The static

ports on the aircraft may be located such that they do not accurately measure the freestream static pressure. Thisis
referred to as position or installation error. Additionally, there may be small inaccuracies in the machining of the
instrument. To account for these discrepancies, errors are quantified during flight testing and equated to a vel ocity
change ( DVp) called position error. Therelationship between what is displayed on the airspeed indicator (indicated

airspeed - V;) and the calibrated airspeed is given as.

V, = V+DV, (3.10)

On a perfect airspeed indicator, with zero position error, a pilot reading indicated airspeed would also be reading
calibrated airspeed. However, in most cases DV, does not equal zero, and indicated airspeed will be slightly greater or
less than calibrated airspeed.

In order to obtain true airspeed (3.8) from calibrated airspeed (3.9), two corrections must be made, one for the
actual existing pressure and the other for the actual existing density. Making the pressure correction yields equivalent
air speed which is defined as:

el 6 AP - R) g W

V, = |fe—=7R&te g w (3.11)
jéra® & R 2 J
| e qD
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Note that the actual static pressureisused in (3.11), as opposed to the sea level valuesin (3.9). Theratio between Vg and

V. isgenerally called the compressibility correction factor and is given the symbol f :

where:

V., = fV
bt s Sdp.p) sm W
He 9734% 2 RO 1%
ra? £ R '
[ e q)
i é Y ¥
@106, @R-R), 0%
18[‘ 7P5_§é PS_ +lg ll,Jy
i %

(3.12)

(3.13)

Notethat f variesonly with (P,- R, ) and R, . All other variablesin (3.13) are constant. B, can be obtained by setting

astandard sea level reference pressurein the aircraft altimeter, and (P, - R, ) can be obtained from knowing the

calibrated airspeed. In thismanner, atable of f factors such as Table 3.1 can be produced which apply for any aircraft.
It is normally more convenient to find avalue for f from thetable than to evaluate (3.13).

Table3.1. Compressibility Correction f Factors

Pressure
Altitude Calibrated Airspeed (knots)
(ft)
100 125 150 175 200 225 250 275 300

5000 0.999 0.999 0.999 0.998 0.998 0.997 0.997 0.996 0.995
10000 0.999 0.998 0.997 0.996 0.995 0.994 0.992 0.991 0.989
15000 0.998 0.997 0.995 0.994 0.992 0.990 0.987 0.985 0.982
20000 0.997 0.995 0.993 0.990 0.987 0.984 0.981 0.977 0.973
25000 0.995 0.993 0.990 0.986 0.982 0.978 0.973 0.968 0.963
30000 0.993 0.990 0.986 0.981 0.975 0.970 0.963 0.957 0.950
35000 0.991 0.986 0.981 0.974 0.967 0.959 0.951 0.943 0.934
40000 0.988 0.982 0.974 0.966 0.957 0.947 0.937 0.926 0.916
45000 0.984 0.976 0.966 0.956 0.944 0.932 0.920 0.907 0.895
50000 0.979 0.969 0.957 0.944 0.930 0.915 0.901 0.886 0.871

For the density correction, observe that:
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and V, =V, s (3.14)
r¥

Sincethedensity ratio r /r, isusualy lessthan or equal to 1, V, isusually 3 Ve Noticethat when flying at sea
level onastandardday r,/r = 1, and V, = Ve Recall that dynamic pressureis given by

q = %rvgg2 (3.9)
So that:
2
x (0]
q =L, LGV, fal = lr&vj (3.14)
2 e ry g 2

Equivalent airspeed may be alternately defined as that airspeed that would produce the same dynamic pressure at sea
level asis measured for the given flight conditions. It will become apparent later on in this chapter and in Chapter 4
that, in the absence of compressibility effects, aircraft with identical configurations and orientation to the flow will
produce the same aerodynamic forces if the dynamic pressures they are exposed to arethe same. Since Ve isadirect
measure of dynamic pressure, it is avery useful indicator of an aircraft’ s force generating capabilities. Thisfact isvery
useful to both engineers and pilots.

Groundspeed
It isworthwhile at this point to recapitul ate the process for correcting an indicated airspeed. The steps are as
follows:

V, = V+DV, (3.10)

Vv, = fV, (3.12)
r S

vV, =V, [-% (3.14)
r ¥

Theresult, V, , iscaled true airspeed. The series of corrections from indicated to calibrated to equivalent to true

airspeed is often called an 1CeT (“iceteg”) problem, with the lower case e being used as a reminder that equivalent
airspeed is usually less than the other airspeeds. However, true airspeed is frequently not very useful until another
correction ismade. V, isthe magnitude of the aircraft’s true velocity relative to the air mass. However, the air mass
itself may be moving relative to the ground. The velocity of the air mass relative to the ground is the wind velocity.
This must be added vectorially to the true velocity relative to the air mass in order to determine the aircraft’s ground
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speed, V. Ground speed is the magnitude of the aircraft’s velocity relative to the earth’ s surface. To help distinguish
between true airspeed and groundspeed, consider the following example:

Example 3.3
An aircraft flying at 300 knots true airspeed has a 50 knot tailwind. What isits groundspeed?

Solution: To obtain groundspeed, use vector addition: \7G =V, +\7‘MmI (3.15)
— . — - >
Vy = 300 kts V. = 50kts V= 350 kts
wind g

This exampleillustrates the important concept that an aircraft’s motion relative to the earth may be
significantly different in both direction and magnitude from its motion relative to the air mass. Whereas motion relative
tothe air massis most important for generating sufficient aerodynamic forcesto sustain flight, it is usually motion
relative to the earth that allows an aircraft to fulfill its mission. In situations where headwind vel ocities approach the
same magnitude as an aircraft’ s true airspeed, its usefulness compared to surface transportation can be greatly
diminished. The following example gives a complete demonstration of the ICeT (actually ICETG) method:

Example 3.4
An aircraft flying at 20,000 ft pressure altitude has an indicated airspeed of 205 knots. If the outside air
temperature is -20°F, position error is -5 knots, and thereis a 40 knot headwind, what is the aircraft’ s groundspeed?

Solution: Using (3.10):

V. =V, +DV, =200kts- 5kts=195kts

C
Then, from Table 3.1, for this altitude and calibrated airspeed, f=.987 and using (3.12):

VvV, = fV,=0987>200kts = 197.4 kts

e

Now, from the standard atmosphere table in Appendix B, the pressure at a pressure atitude of 20,000 ft is
973.3 |b/ft?, so solving (2.1) for the density:

P 973.31b/ ft? 973.31b/ ft?

TRT 1716t Ib/ (slug °R})|(- 20° F) i 1716 1t Ib/ (slug °R)|(440°R)

=0.001289 slug / ft*

Note that it is not a standard day for the given conditions because the temperature is colder and therefore the density is
higher than in the standard atmosphere at 20,000 ft. Using r = 0.001289 slug/ft3in (3.14):

3
V, =V, |2 =197.4 ks [QO0Z3TTSUGII _ oeg s
ry 0.001289 slug / ft

Now for the“ G” step in ICeTG, the correction for wind velocity to determine groundspeed. The aircraft has a direct
headwind of 40 knots, so its groundspeed is calculated from (3.15) as:
V, =V, +V,,, =268 kts - 40kts = 228 kts

L ow-Speed Wind Tunnels
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Wind tunnels are devices used to study the aerodynamics of aircraft and other shapesin alaboratory
environment. The object to be studied is mounted in the test section of the wind tunnel as shown in Figure 3.8. A fan or
pump at one end of the tunnel createsaflow of air. Air flowsinto the tunnel through an inlet or settling chamber,
accelerates through the nozzle, flows through the test section, and deceleratesin the diffuser. The velocity of the air
changes asit flows into sections of the tunnel with different cross-sectional areas as required by the continuity equation.
The pressure of the air changes with changing velocity in accordance with Bernouilli’s equation. Of course, the
velocities and pressures predicted by these equations will only be correct if the assumptions made in deriving them are
satisfied. For wind tunnels which operate at maximum test section velocities below 100 m/s or 330 ft/s (so the
incompressible assumption is valid), these predictions are reasonably accurate.

1 2

Settling
Chanriber

Diffuser

Nozzle

—

Dh

Figure 3.8. Low-Speed Wind Tunnel Schematic

The velocity of theair in awind tunnel’ s test section is usually measured either by a Pitot tube placed in the test
section or by two static ports, one in the settling chamber and one in the test section. The second method has the
advantage that static ports do not intrude into the test section and therefore are less likely to interfere with the mounting
of amodel to betested. Assuming incompressible flow, (3.3) can be solved for V; toyield:

V, =V, % (3.16)

Subgtituting (3.16) for Vy in (3.4) and rearranging to collect liketermsyields:

x,
Q -0

which can be solved for V, to yield:
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_|_2(R-P) (3.17)
2 é 520
e Fab

Since the required measurement is a differential pressure, the two static ports may be connected to the two sides of a
manometer to create a test section velocity indicator.

\Y

Example 3.5

A low-speed wind tunnel similar to the one shown in Figure 3.8 has a settling chamber cross-sectional area of
10 m? and a test section cross-sectional area of 1 m?. When the wind tunnel is run at its maximum velocity in standard
sea level conditions, a manometer connected between static portsin the walls of the settling chamber and the test section
as shown in Figure 3.8 has a difference in the heights of its fluid columns of 50 cm. What is the maximum test section
velocity and the mass flow rate through the test section for this tunnel and these conditions?

Solution: The manometry equation is used to determine the static pressure difference between the settling chamber and
the test section. Since the velocity in the test section must be higher than the velocity in the settling chamber, the
pressurein the test section will be lower and the height of the manometer fluid column which is connected to the test
section will be higher:

B- PR =-r g(h- h)=-(1000kg/ m*)(9.8 m/s’)(-05m)=4900 N/ m’

Once the pressure difference is known and the air density is obtained from the standard atmosphere table, (3.17) may be
used to determine the test section velocity:

2P - P 2(4,900 N / m?
2 = ,(1 2)2\= ( , /) ;5= 89.9m/s
e 5°U 3§ _ (Im
r G- /Q, 1225 kg / m ( 10m)’
& gA Ao 4 € ¢
Since the test section velocity is below 100 m/s and the settling chamber velocity must be even dower, the assumption of

incompressible flow is confirmed as valid and the analysis may proceed. The density in the test section istherefore
approximately the standard sea level density, and (3.1) may be used to predict the mass flow rate:

\%

m=r,AV, = (1225kg/ m°)(Lm?)(899 m/s) =1101kg/s

Airfails
The continuity equation and Bernouilli’ s equation may also be used to explain how airfoils generate lift.
Consider the steady, inviscid, incompressible flow of air past an airfoil as shown in Figure 3.9.
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Figure 3.9. Flow Past an Airfail

The entire flowfield is not shown in Figure 3.9, only two stream tubes; one which passes above the airfoil and one
passing below it. At Station 1, which isfar upstream of the airfail, the flow is one-dimensional. Asthe flow moves
downstream, the orientation of the airfoil causes more of an obstruction to the flow above it than it does to the flow
below it. This obstruction to the flow causes the stream tube above the airfoil to be constricted. The stream tube below
the airfail, on the other hand keeps a nearly constant cross sectional area all along its length, and in fact expands
dightly asit approaches the underside of the airfoil leading edge. The continuity equation requires that the flow in the
upper stream tube must accelerate to get past the airfoil while the flow in the lower stream tube does not and may even
decelerate.

Because the flow is one-dimensional far upstream of the airfail, the same flow conditions, and therefore the
same total pressure, will exist on every streamline at Station 1. We have made the appropriate assumptions so that
Bernouilli’ s equation will apply along each streamline. Therefore, total pressure will be the same everywhere in the
flowfield. Since, to satisfy continuity, the air will be moving faster at 2a than at 2b, the static pressure will be lower at
2athan at 2b. This pressure difference produces lift.

Pressure, Shear, Lift, and Drag

There are only two ways in which afluid can impart forcesto a body immersed in it. Thefirst way, asjust
described, is by exerting pressure perpendicular to the body’s surface. If the pressures on opposite sides of a body are
not equal, then a net force such aslift is exerted on the body. A portion of the drag on a moving body likewise results
from pressure imbalances, but a significant portion also results from shear stresses exerted paralléel to the body surface
due to the viscosity (resistance to flowing) of the fluid. In reality, lift and drag are components of atotal aer odynamic
for ce on the body which isa sum of the net force due to pressure imbal ances and the net force due to shear stresses. We
have arbitrarily chosen to define lift as that component of the total aerodynamic force which is perpendicular to the free
stream velocity direction and drag as that component which is parallel to the free stream. Figure 3.10 illustrates
pressure, shear stresses, lift, drag, and the total aerodynamic force on an airfoil.
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Total Aerodynamic Force
(Sum of Pressure and Shear)

Figure 3.10. Pressure, Shear, and Total Aerodynamic Force on an Airfoil

Pressure and Lift

A more detailed analysis of Figure 3.9 gives further insight into the distribution of the pressure over the surface
of theairfail. If the continuity equation is applied at many points along the stream tubesin Figure 3.9, a plot of velocity
vs chordwise distance in each tube similar to Figure 3.11 may be generated. Notethat in Figure 3.11, zeroveocity is
assumed to exist at the front and rear stagnation points on the airfoil, even though the stream tubes do not have infinite
area at those points. Thisis possible because the stagnation points are on the side walls of the stream tubes. Applying
Bernouilli’s Equation to these velocity plots yields plots of surface pressure distribution such as Figure 3.12.
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Figure 3.11 Velocity Distributionsin Stream Tubes Above and Below Airfail
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Figure 3.12 Typical Airfoil Surface Pressure Distribution

Note that Figure 3.12 isfor an airfoil with a chord length of 1 meter. If the airfoil span isalso 1 meter, then
since the pressure distributions are plotted vs chordwise location, the area between the upper and lower surface pressure
curvesisthe net force due to pressure perpendicular to the airfoil chord line, the normal force. Figure 3.13 shows the
relationship between normal force and lift. The angle between the chord line and the free stream direction is called
angle of attack, and is given the symbol a .

lift ‘. . normal force

a

,,,,,,,,,,, chordwise
force

Figure 3.13 Normal Force and Lift on an Airfail

Figure 3.14 shows the pressure distribution as arrows drawn perpendicular to the surface of the airfoil. Arrows
drawn outward from the surface indicate pressures lower than free stream static pressure, while arrows drawn in toward
the surface indicate pressures lower than free stream static.
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Figure 3.14 Surface Pressureson an Airfail

The net normal force on a portion of the airfoil surface isthe pressure on that portion multiplied by its area.
Because the airfoil surfaceisnot, in general, paralle to the chord line, then if dsisthe length of an infinitesmally small
portion of the surface and dx is the length of the component of ds along the chord line (see Figure 3.15), the contribution
of its surface normal force to the total force normal to the chord line for an airfoil of unit span is:

dn= Pds% = Pdx (3.18)
ds
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Figure 3.15 The Component Normal to the Chord Line of the Force Due to Surface Pressure

So the magnitude of the total normal force on the airfail is:
C
n= dP, - P,)dx (3.19)

which is exactly the same as the area between the two pressure lines on Figure 3.12. As shown in Figure 3.13, the lift
on the airfoil isthe component of normal force perpendicular to the free stream velocity vector (plus a negligible
component of the chordwise force on the airfoil which will be ignored):

| = ncosa (3.20)

Figure 3.14 shows an interesting situation which is commonly achieved by many airfoils. The very low
pressures on the rounded leading edge of the airfoil produce a net force in the chordwise direction which is positive
forward. This effect isknown as leading-edge suction or leading-edge thrust. On airfoils which are fairly thick and
have relatively large leading-edge radii, leading-edge suction frequently has a significant component opposite the drag
direction for arange of useful angles of attack. This reduces the net drag on these airfoils, making it a very desirable
feature. One of the advantages of the relatively thick airfoil used by the Fokker DVII in World War | over the thinner
airfoils on fighters of the Allies was greater leading-edge suction and therefore less drag.

3.4 VISCOUSFLOW
Viscosity is the tendency for afluid to resist having velocity discontinuitiesin it. Viscosity in aliquid results

from strong intermolecular forces which resist the motion of molecules relative to each other. The intermolecular forces
between faster-moving molecules and slower ones cause vel ocity differences to be quickly equalized in a viscous liquid.
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Asa liquid heats up the individual molecules have more energy relative to the intermolecular forces, so the viscosity of
the liquid decreases. In agas, on the other hand, viscosity results from the diffusion of momentum. Sinceagasis
composed of free-moving molecules with relatively weak intermolecular forces, the excess velocity of a faster-moving
portion of a flowing gasis spread to the slower portions by collisions between faster and slower molecules and by actual
movement of the higher-energy molecules into the slower-moving regions. As aresult, when a gas heats up, the average
speed of its molecules increases, and the rate at which momentum diffuses does also. Hence, a gas becomes more
viscous asits temperature increases. But aside from these differences, the actions of viscosity in gases and liquids are
quite similar.

Viscous effects are most important when a fluid isin contact with and moving relative to a solid body such as
an aircraft. That portion of the fluid which isin direct contact with the solid body cannot movereativetoit. Thisis
dueto the fact that on a molecular scale, even the smoothest polished surface is very rough and full of peaks and valleys.
The sides of these peaks and valleys are barriers to the motion of the fluid molecules which are flowing next to the
surface. The molecules strike these barriers and impart their excess momentum to the body, so that the fluid closest to
the body must move at the same speed as the body. The exchange of momentum between the fluid and the body is the
actual mechanism of viscous shear stress. Viscosity causes the velocities of fluid layers further from the body to also be
reduced. Thisreduction in velocity decreases with increasing distance from the body.

The Boundary L ayer

Theregion next to a body in which the flow velocities are less than the free stream vel ocity is know as the
boundary layer. Figure 3.16 shows a velocity profile for atypical boundary layer. The edge of the boundary layer is
normally defined as the point where the vel ocity reaches 99% of the free stream velocity. Boundary layers on modern
aircraft can be from a few millimeters to several metersthick. Table 3.2 indicates typical values of boundary layer
thickness for avariety of objects. Virtually al important viscous effects occur in the boundary layer. Asaresult, the
rest of the flowfield can be treated asinviscid. This greatly simplifies the aerodynamic analysis task.

X
|

Figure 3.16 Boundary Layer Ve ocity Profile

Table 3.2 Typical Boundary Layer Thicknesses

Object Flowing Fluid Flow Velocity Order of Boundary
Layer Thickness
Supersonic Fighter air 500 m/s afew millimeters
Aircraft Wing
Glider Wing with 1 m air 20 m/s afew centimeters
Chord Length
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Ship 200 m Long water 10 m/s im

Smooth Ocean air (wind) 10 m/s 30m

Land air (wind) 10 m/s 100 m

Skin Friction Drag

Several viscous effectsin the boundary layer are very important to the aircraft designer. Thefirst isthe
production of viscous drag, which isalso called skin friction drag. Skin friction drag typically comprises about 50% of
thetotal drag on acommercial airliner at its cruise condition. Since drag must be overcome by thrust, reducing viscous
drag will reduce the amount of thrust needed and hence the fuel burned. A designer has several methods for reducing
viscous drag. One method is to reduce the surface area of the aircraft which isin contact with theair. Thisareaiscalled
the wetted area, aterm borrowed from ship designers. Design engineers pay a great deal of attention to minimizing an
aircraft’ s wetted area while keeping enough internal volume so that everything which the airplane must carry will fit.

A second method for minimizing skin friction drag is controlling the shape of the boundary layer profile.
Figure 3.17 shows the changes a boundary layer undergoes as it flows over a surface. Theinitial boundary layer which
forms at the front or leading edge of the surface is very orderly, with all velocity vectors parallel and only the velocity
magnitudes decreasing with proximity to the surface. Thisisknown asalaminar boundary layer, becauseit is
composed of orderly layers. Asthe flow moves further down the body, the orderly flow breaks down and transitions
into aswirling, mixing flow known as a turbulent boundary layer. The turbulent boundary layer isthicker than the
laminar boundary layer.

Edge of boundary layer

v
— l »
T B A
_’
3 /
2
! 3
4
Transition Separation

Figure 3.17 Boundary Layer Transition and Separation

Figure 3.18 compares the profiles of the turbulent and laminar boundary layers. Notethat, though it is thicker
for the same conditions than the laminar boundary layer, velocitiesin the turbulent boundary layer are higher closer to
the surface. Thisisdueto the fact that the swirling flow in the turbulent boundary layer allows large quantities of
faster-moving air to travel en masse down close to the surface, a much more effective way of transferring momentum
than diffusion in the orderly laminar boundary layer. Because the velocitiesin the turbulent boundary layer are higher
closeto the surface, more momentum is transferred to the body, hence more skin friction drag.
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Laminar Turbulent

Figure 3.18 Laminar and Turbulent Boundary Layer Velocity Profiles

The actual mathematical expression for the shear stress, t, is.

t = mgﬁ_VQ (3.21)

dya

where misthefluid viscosity, and y is the direction perpendicular to the body surface. The rate of change of velocity

with y distance, 8@'V9 iscalled the velocity gradient, and the subscript y=0 indicates that the gradient of interest isthe
dyo
one at the body surface. The skin friction drag for abody isgiven by:

D, ="t ds

where D; isthe skin friction drag, dSis a differential surface area, and Sy isthe total wetted area of the body. The
skin friction drag is often expressed as a dimensionless coefficient, C; , which is defined as:

Df
U Se

(3.22)

Ci

where ¢, isthefree stream dynamic pressure.

Equation (3.21) shows the same difference between laminar and turbulent boundary layersin the shear stress
they produce as was described above. Since the turbulent boundary layer profile has a higher velocity gradient at the
body surface than the laminar boundary layer, it produces greater shear stress and hence more skin friction drag.
Smooth body surfaces tend to delay transition from laminar to turbulent flow. If the pressurein the flow is gradually
decreasing with distance along the surface (corresponding to a gradual increase in flow velocity outside the boundary
layer,) thisalso tends to delay transition. The condition of decreasing pressure with distanceis called afavorable
pressure gradient, because such a pressure field will help the flow accelerate. Designers can achieve favorable pressure
gradients over alarge part of abody by placing the point of maximum thickness of the body as far aft (to the rear) as
possible.
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Of course, a body must eventually end, and the part of the body downstream of the point of maximum thickness
will necessarily have an adverse pressure gradient as the pressure returns from it’s low values to freestream pressure.
Figures 3.12 and 3.14 both show that on the upper surfaces of airfoils at moderate angles of attack, the region of adverse
pressure gradient begins upstream of the point of airfoil maximum thickness.

The sloping part of the surface in Figure 3.17 represents aregion of adverse pressure gradient. The flow
around the body reaches its maximum speed as it passes the body’ s point of maximum obstruction to the flow. The
adverse pressure gradient on the rear of the body isjust enough to slow the flow back down to free stream velocity at the
rear end of the body. The flow in the boundary layer has lost momentum compared to that outside the boundary layer.
However, the boundary layer flow still faces the same adverse pressure gradient. Therefore, at some point prior to the
trailing edge (rear) of the body, the flow in the boundary layer slows to a stop, and then reverses. Stagnant or reverse
flow acts like an obstruction to the rest of the normal forward flow, so it must detour around the obstruction. Since the
reverse boundary layer flow is next to the body surface, the detouring flow moves away from the body, a condition
called separation or separated flow.

Notice the third boundary layer profile, the one just downstream of the beginning of the sloped part of the
surface. The velocities in the boundary layer close to the surface at this point are zero, but no reverse flow has started.
The velocity gradient at the wall for this profileis also zero, so thereisno skin friction drag. This condition signalsthe
beginning of separation. However, for very controlled conditions, a carefully designed airfoil can maintain a zero-
gradient velocity profile from its point of maximum thickness all the way to itstrailing edge. Since the pressure on the
rear of the airfoil is returning to free stream values, airfoil designers call this area the pressure recovery region. The
zero velocity gradient, zero shear stress pressure recovery is called a Stratford recovery after B.S. Stratford, the first
engineer to study such a phenomenon®.

Pressure Drag

The static pressure at the forward stagnation point on a body is free stream total pressure. Thereis an aft
stagnation point on the body aswell. For inviscid flow, the static pressure at the aft stagnation point would also be free
stream total pressure, and there would be no net drag. When the flow in the boundary layer 1oses momentum, it also
loses total pressure. The static pressurein the flow outside the boundary layer is transmitted to the boundary layer and
through it to the body surface. Therefore, when the boundary layer separates, its pressureis generally less than or equal
to free stream static pressure. Thisis always less than total pressure at the front stagnation point. The differencein
pressures at the front and rear of the body produces a net forcein the drag direction which iscalled pressuredrag. This
isalso called drag due to separation.

Pressure drag can be reduced by delaying separation. The turbulent boundary layer has higher velocities close
to the wall and a more effective mechanism for replacing low momentum fluid with faster-moving molecules from
outside the boundary layer. A turbulent boundary layer is therefore more resistant to separation, more able to maintain
forward velocity for alonger distance against an adverse pressure gradient. Therefore, designers will sometimes use a
bumpy surface near the front of a body in order to force boundary layer transition. The higher-energy turbulent
boundary layer which results, although it has greater skin friction drag, will separate further aft on the body, reducing
pressuredrag. A golf ball isagood example of this design decision. The round shape of the golf ball resultsin very
high adverse pressure gradients on the rear surfaces, compared to a more tapered, streamlined, rear section. The high
adverse pressure gradient causes separation to occur very early, just aft of the point of maximum thickness, for alaminar
boundary layer. Thisresultsin very high pressure drag. Figure 3.19 illustrates how the bumpy surfaces of golf balls
cause earlier transition to delay separation, reducing pressure drag and allowing the balls to fly farther.

B -Ixviii



Separated Flow v,
—~ .y Separated Flow
-, 0
C ly _
e
ﬁ

(a) Smooth Surface (b) Dimpled Surface

Figure 3.19 Effect of Dimpled Surface on Separation Point on Golf Balls

Reynolds Number

Separation on a smooth golf ball occurs so early partly because the momentum of the air flowing past the ball is
relatively low compared with the viscous shear which tendsto slow it down. A non-dimensiona parameter called the
Reynolds number is used as a measure of these relative magnitudes of momentum and viscous forces. It is named for
Osborne Reynolds, a pioneer researcher in viscous flow phenomena. The parameter is given the symbol Re and defined
as.

r VX
m

Re® (3.23)

where x is a characterigtic reference length or distance (such as the chord length of awing or the distance from the
leading edge of a surfaceto a particular point in a boundary layer) which describes a particular body or surface. The
termsin the numerator of the expression for Reynolds number indicate the magnitude of the momentum of the flow,
while viscosity in the denominator is a measure of the viscous forces present.

Research has shown that the characteristics of a boundary layer can be described as functions of Reynolds
number. This meansthat two bodies with the same shape and orientation to the flow, but with different sizesand in
different flow conditions will have the same type and shape of boundary layer profile and the same transition and
separation characteristics if they have the same Reynolds number. Thistype of relationship is called a similarity rule.
It provides an important basis for wind tunnel testing, since the flowfields around small wind tunnel models will match
those around large aircraft if the Reynolds numbers and other relevant similarity parameters are matched. Wind
tunnel testing of this sort inspired and proved design concepts such as the Stratford pressure recovery.

Thecritical Reynolds number isused to predict transition. Critical Reynolds number is defined using the
distance from the start of a boundary layer as the reference length. When a distance (e.g. x coordinate) rather than a
characteristic length (e.g. chord length) is used to define a Reynolds number, it is sometimes referred to as alocal
Reynolds number. To see how critical Reynolds number is used, consider the boundary layer for air flowing over aflat
plate, similar to the left half of the surface in Figure 3.17. The critical Reynolds number for such a body might be
around 500,000, depending on the surface roughness. If the flow velocity and density are high and the viscosity is|ow,
critical Reynolds number will be reached and transition will occur only a short distance from the start of the boundary
layer. On the other hand, if the flow is slow-moving, more viscous, and less dense, it will take a much larger value of
the distance from the start of the boundary layer before local Reynolds number equal s the critical Reynolds number.
Look again at the equation defining the Reynolds number to see why thisis so. In this second case, the boundary |ayer
will remain laminar much further along the surface. Thiswill have a profound effect on drag and separation
characteristics of the boundary layer. Thisisone of the primary reasons why engineers conducting wind tunnel tests
attempt to match Reynolds numbers with the full-scale flight conditions they are modeling. Laminar boundary layers
cover only approximately thefirst 5-15% of atypical aircraft’swing.

Example 3.6
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An airfoil in awind tunnel test section has a critical Reynolds number of 600,000. If thewind tunnd is
operating in standard sea level conditions with atest section velocity of 90 m/s, how far aft of the airfoil’ s leading edge
will transition occur?

Solution: Solving (3.23) for x (in this case X¢ansition) @nd substituting in the test section velocity and standard sea level
values of r and mobtained from the standard atmosphere table;

_ Re,, m_ 600,000(0.00001789 kg / m sec)

o =0.097 =97
transition rv (1225 kg/ m3)(90 m/ S) m cm

X

3.5 AIRFOIL CHARACTERISTICS

Shape

The differencesin velocities and pressures which produce aerodynamic forces on an airfoil, and also its
boundary layer profiles, transition, and separation characteristics are caused by the airfoil’ s shape and orientation.
Aircraft designers spend a great deal of effort finding just the right shape for the airfoils they use on a particular design.
Currently, many of these airfoil shapes are generated and optimized by computer programs. However, for many
applications, airfoil shapes may be chosen from geometry and performance data published by airfoil designers. Airfoils
of this sort are often grouped into families of similar shapes, distinguished from each other by gradual variation of one
or more of the parameters which describe their shape. Figure 3.20 illustrates atypical airfoil shape and the parameters
which describeit.

z A Max thickness
Max camber Mean camber line
\i
Leading edge Iy
radius \/!
| A >
X
Chord line
- Chord >
x=0 X=C
Leading edge Trailing edge

Figure 3.20 Airfoil Shape Parameters

The chord line shown in Figure 3.20 is defined as a straight line drawn from the airfoil’ s leading edge to its
trailing edge. Thelength of thislineis called the chord or chord length and is given the symbol c. A curved line drawn
from the leading edge to the trailing edge so as to be midway or equidistant between the upper and lower surfaces of the
airfail is called the mean camber line. The maximum distance between the airfoil’s chord line and mean camber lineis
called the airfoil’s maximum camber or just camber. An airfoil whose lower surfaceisamirror image of its upper
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surfaceis said to be symmetrical or uncamber ed, and its mean camber lineis coincident with its chord line. The
airfoil is described by athickness envelope wrapped around the mean chamber line. Thickness envelopeisusually
described by parameters which include the maximum thickness as a fraction of the chord length, the point where this
maximum thickness occurs, and the leading edge radius.

Lift and Drag Coefficients

Thelift and drag generated by an airfoil are usually measured in awind tunnel and published as coefficients
which aredimensionless. Lift and drag coefficients are defined as follows:

o 3.24
G ;r V32S (3.24)
co_ 9 (3.25)
“ Irv’s

wherel and d are the lift and drag measured on the airfoil and Sisthe airfoil’s planform area. Planform areaisthe
area of a projection of the airfoil’ s shape onto a horizontal surface beneath it, similar to the airfoil’ s shadow when the
sun isdirectly overhead. Now, we originally defined the airfoil asa dlice of awing, and as such it would have no
planform area. When airfoils aretested in awind tunnel, a section of wing is used which is frequently long enough to
reach from one side of the test section to the other, asillustrated in Figure 3.21.

V.

¥

e G

L L
z X Side View

Figure 3.21 Three-View Drawing of Rectangular Wing Section in a Wind Tunnel Test Section

Thelength of the section of the wing, i.e. the distance which it must reach across the test section, iscalled its span. The
wing has the same airfoil shape and size everywhere along its span, so that the same amount of lift and drag per unit
span will be generated by any dice of thewing. A wing section such asthis has afinite rectangular planform area
which isused in defining the airfail lift and drag coefficients. The flow around such awing section is said to be two-
dimensional, since flow properties vary in the str eamwise (x) and vertical (y) directions, but not in the z or spanwise
direction. Airfail lift and drag coefficients are said to be two-dimensional coefficients.

Front View
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Angle of Attack

Figure 3.22 shows streamlines around an airfoil asits angle of attack ischanged. In thefirst drawing, the
airfoil isat zero angle of attack. Sincetheairfoil is symmetrical, the flowfield above it isa mirror image of the flowfield
below it, so no net lift is produced. Note that as angle of attack increases the stream tubes above the airfoil become more
congtricted, so the vel ocities above the airfoil must increase. Thiswill produce lower static pressure there, and
consequently more lift. The lower static pressure above the middle of the airfoil will also produce a stronger adverse
pressure gradient on the rear portion of the airfoil’s upper surface. Note that the second drawing shows flow separation
on the airfoil upper surface just ahead of the trailing edge. In the third drawing, the point of separation has moved
upstream, due to the stronger adverse pressure gradient.

(b)

Figure 3.22 A Symmetrical Airfail at Three Angles of Attack

Lift and Drag Coefficient Curves

Figure 3.23 shows plots of lift coefficient and drag coefficient as functions of angle of attack for the airfoil
shown in Figure 3.22. Thelettersin parentheses on thelift coefficient curve correspond to the lettersin Figure 3.22.
Note that for smaller angles of attack, the lift coefficient increases linearly and drag changes very gradually with
increasing angle of attack. The rate of change of lift coefficient with angle of attack on this part of the curveis called
thelift curve slope:
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G ° Ta (3.26)

At higher angles of attack, the point of separation on the upper surface of the airfoil moves forward so far that
it spoils some of the extrallift created by the additional constriction of the stream tubes. This causes the lift coefficient to
increase more slowly with angle of attack and eventually reach a maximum. The earlier flow separation also produces
more pressure drag. This causes the drag coefficient to increase much more rapidly at higher angles of attack. At the
point on the lift curve where maximum lift coefficient is reached, further increasesin angle of attack result in |ess ift.
This phenomenon is called stall, and the angle of attack for maximum lift coefficient is called the stall angle of attack,

Or aga-

a gall

Figure 3.23 Symmetrical Airfoil Lift and Drag Coefficient Curves

Cambered Airfoils

Figure 3.24 shows the flowfield around a cambered airfoil for an angle of attack of zero. Notice that even
though the airfail is not inclined relative to the free stream direction (a = 0), its shape causes the stream tubes above the
airfoil to be more constricted than those below. This, of course, causes faster flow velocities and lower pressures above
theairfoil. Asaresult, acambered airfoil produceslift at zero angle of attack. Asangle of attack increases, it hasthe
same effect as for a symmetrical airfoil. However, since lift was already being generated at zero angle of attack, the
cambered airfail’ s lift curve remains above the symmetrical airfoil’s curve. Adverse pressure gradients and flow
separation also develop sooner for the cambered airfoil, so its stall angle of attack islower.

B -Ixxiii



Figure 3.24 Cambered Airfoil at Zero Angle of Attack

Figure 3.25 shows lift and drag coefficient curves for a cambered airfoil and a symmetrical one. Notethat ¢, is
approximately the same for both airfoils. Also note that ¢ma iS higher for the cambered airfoil, even though it occurs at
alower angle of attack. The angle of attack for which the cambered airfoil generates zero lift isnegative. Itiscalled
the zer o-lift angle of attack and is given the symbol a,-o. The drag coefficient curves of Figure 3.20 are plotted against
lift coefficient instead of angle of attack in order to facilitate the comparison. Notethat, unlike the symmetrical airfail,
the cambered airfoil hasits minimum drag at a non-zero value of ¢;.

cambered

\ Effect of Camber
1

[
o

Figure 3.25 Lift and Drag Coefficient Curvesfor Cambered and Symmetrical Airfoils
Moment Coefficient and Aerodynamic Center

The distribution of pressure and shear stresses around an airfoil often produces net lift and drag forces, and it
may also produce a net torque or moment. Thisisreferred to as pitching moment and is given the symbol m. Pitching
moment tends to rotate the nose or leading edge of the airfoil either up or down. A nose-up pitching moment is
normally defined as positive. A pitching moment coefficient, ¢y, is defined as follows:
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m
Cn =T (3.27)
2V <

where cisthe airfoil chord length. Note that the equation defining ¢, differsfrom thosefor ¢, and ¢4 in having an
additional variable, the chord length, in the denominator. This extra quantity in the denominator is required to make c,
dimensionless, since moment has dimensions of force times distance.

The magnitude and sense of the moment generated by the airfoil will be different depending on what point is
chosen as the moment reference center. In most cases, it is possible to choose a moment reference center for which the
moment iszero. Such apoint is called the center of pressure. The center of pressureis not very useful, however,
because its location must shift with changes in angle of attack in order to keep the moment zero. A more useful
moment reference center is the aerodynamic center. The aerodynamic center is a fixed moment reference center on the
airfoil for which the moment does not vary with changesin angle of attack, at least for that range of angles of attack
wherethelift curveislinear. Figure 3.26 showsthe variation with ¢, of ¢, for asingle airfoil using three different
moment reference centers. Note that when summing moments about the aerodynamic center, the value of ¢, isnot zero
for cambered airfoils, but it remains constant for most of the range of lift coefficients.

Cn Aft reference point

Reference at aerodynamic center

[ 4

¢

Forward reference point

Figure 3.26 Variation of Cambered Airfoil Pitching M oment Coefficient with Lift Coefficient for Three Choices
of Moment Reference Center

Reynolds Number Effects

Figure 3.27 shows lift and drag coefficient curves for an airfoil at two different Reynolds numbers. As
Reynolds number increases, transition from alaminar to a turbulent boundary layer occurs closer to the leading edge of
theairfoil. This causes more skin friction drag, but delays separation and reduces pressure drag. At lower angles of
attack this change in the relative magnitudes of skin friction and pressure drag may result in either higher or lower total
drag at higher Reynolds numbers. At higher angles of attack, where separation and pressure drag dominate, the
reduction in pressure drag due to delayed separation generally resultsin lesstotal drag at higher Reynolds numbers.
Figure 3.27 shows an airfail that for higher Reynolds numbers has aimost the same drag at low angles of attack, but less
drag at higher a'sand a higher agy,.
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PR d Re = 3,000,000

Figure 3.27 Airfoil Lift and Drag Coefficient Curvesfor Two different Reynolds Numbers

Reading Airfoil Data Charts

Figure 3.28 shows atypical page of wind tunnel airfoil data charts. Data such asthese are published in a
variety of books?® and technical papers*®®. Appendix B in this book contains several similar data pages. Reading one
of these chartsis easy, if you pay attention to the details. First, note the airfoil designation at the bottom of the chart.
NACA isthe acronym for the National Advisory Committee for Aeronautics, a US Government agency, forerunner of
NASA, which performed many wind tunnd tests of airfoils and other shapesin the 1930'sand 40’'s. The 4-digit code
identifies the particular airfoil shape. NACA used a series of codes with 4, 5, and more digitsto systematically classify
the airfoils they tested.
For instance, thefirst digit in the 4-digit seriesidentifies the airfoil’s maximum camber in per cent of the chord. The
second digit indicates where on the airfail the point of maximum chamber occursin tenths of the chord length aft of the
airfoil leading edge. Thethird and fourth digits indicate the airfoil’ s maximum thicknessin percent of the chord length.
Thus, a NACA 2412 airfail has 2% camber, its point of maximum chamber islocated at its 40% chord point, and its
maximum thicknessis 12% of its chord length. If an airfoil with a NACA 2412 section had a chord length of 4 m, its
maximum thickness would be 48 cm. See Reference 2 for more details of the various NACA airfoil series and
designations.

A drawing of the airfoil is on theright half of Figure 3.28. The airfoil section lift coefficient vs angle of attack
curves are on the left half. Curves for drag coefficient and the coefficient of pitching moment about the aerodynamic
center are plotted against lift coefficient on the right half of thefigure. A legend on the right half identifies curves for
three different Reynolds numbers. The curves for standard roughness are for airfoils which have a surface texture like
sand paper on their leading edges. Generally, the data for smooth airfoils (not standard roughness) for an appropriate
Reynolds number are used when designing an aircraft.
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Figure 3.28 Lift, Drag, and M oment Coefficient Data for a NACA 2412 Airfail
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Example 3.7

A NACA 2412 airfoil with a2 m chord and 5 m span is being tested in awind tunnel at standard sea level
conditions and a test section velocity of 42 m/s at an angle of attack of 8 degrees. What isthe airfoil’s maximum
thickness, maximum camber, location of maximum camber, and zero-lift angle of attack? Also, how much lift, drag,
and pitching moment about its aerodynamic center isthe airfoil generating?

Solution: Airfoil maximum thickness, camber, and location of maximum camber depend only on the NACA 2412 airfoil
shape and the length of the airfoil chord. Thefirst digit of the 2412 designation specifies a maximum camber which is
2% of the 2 m chord = 0.04 m. The second digit indicates that the location of the point of maximum chamber is0.4 ¢ =
0.8 m &ft of theleading edge. Thelast two digits specify a 12% thick airfoil, so the maximum thicknessis:

trax =0.12°2m=0.24 m

The aerodynamic properties of the airfoil may depend on the Reynolds number, which for standard sea level conditions
and atest section velocity of 42 m/sis:

_r Ve _1225dug/ft*(42m/s)(2 m)

Re
m 0.00001789 kg / m sec)

=5,751817

so the airfoil data curves for Re = 5.7 million (not standard roughness) will be used. Thevaluesof a ..o andthec ata =
8° do not, in fact, vary with Reynolds number. Their values can be read from Figure 3.28 as;

a=o=-2° aa=8, ¢=105
Also from Figure 3.28, for ¢, = 1.05 and Re = 5.7 million:

Cqs = 0.0098 and Cre = -0.05
.C.

The dynamic pressure for thetest is:

q = %rvf:%(1225kg/m3)(42m/s)2: 1,080N /m?

The airfoil’ s planform areaisit’s chord multiplied by its span:
S=b'c=5m 2m=10m°
Thelift, drag, and moment about the aerodynamic center are then given by:
| =¢ qS= 1.05 (1,080 N/m?) (10 m?) = 11,340 N

d = cgq S= 0.0098 (1,080 N/m?) (10 m?) = 105.8 N
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Mo = €, _4SC = -0.05 (1,080 N/m’) (10m”) (2m) =-1,080N m
.C.

Compressibility Effects

Thelift curve and drag datain charts like Figure 3.28 are valid for relatively low speeds. At higher speeds, the
large pressure changes which the air undergoes as it flows around an airfoil cause significant changesin the air density.
These density changes in turn magnify the effects of the pressure differences which produce lift and pressure drag.
These changes in the magnitudes of the lift and drag are called compressibility effects, since they result from the fact
that the air’ s density is changing.

Mach Number

Understanding and predicting compressibility effects requires working with a flow parameter called M ach
number, M. Mach number is hamed for the Austrian scientist and philosopher Earnst Mach, the first person to point
out the significance of this parameter. It is defined astheratio of the flow velocity to the speed of sound in the air.
Free stream Mach number, M, , istheratio of the aircraft’s flight speed (and therefore the magnitude of the free

stream velocity) to the speed of sound:

M, = Ve (3.28)
a

The speed of sound is represented by the symbol a. Itsvalueis given by the expression:

a=./gRT (3.29)

whereg = c,/c, istheratio of specific heats (see Reference 7 for more details). For air, g = 1.4.

Understanding why the speed of sound should depend on temperature and no other flow propertiesis useful in
understanding other Mach number effects. The explanation draws on the discussion in Chapter 1 of the origins of
pressure and temperature in the random motions of molecules. The phenomenon called sound is actually fluctuationsin
air pressure which move through the air much like waves on the surface of apond. Asdescribed in Chapter 1, air
pressure hasits originsin the collisions of air molecules which transfer momentum from the moving moleculesto a
body or to other air molecules. A sharp rise in pressure which moves as a wave through the air isreally asurgein the
momentum of the molecules which istransmitted from one part of the air mass to another through a series of collisions.
The rate at which the momentum surge can move through the air (in other words, the speed of a sound wave) is limited
primarily by the average speed of the molecul es between collisions. But recall that temperature is a measure of average
molecular kinetic energy, which depends on the average speed of the molecules. So temperature measures average
mol ecul e speed, and average mol ecule speed determines the speed at which sound can be transmitted.

Prandtl-Glauert Correction
Correctionsto airfail lift coefficient data to account for compressibility effects are made using an expression
known as the Prandtl-Glauert correction:

CI = CI(M¥ =0) (330)
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where Cl(M¥ isthelift coefficient read from the airfoil data chart (assuming airfoil dataisfrom alow- speed test), ¢

=0)
istheairfail lift coefficient corrected for compressibility, and M, isthe flight Mach number for the conditions to which
the airfoil datais being corrected. Notethat (3.30) isvalid only for M, < 0.7 or so. Also, the correction made by

(3.30) becomestrivia for M, < 0.3. Also note that since the Prandtl-Glauert correction appliesto all lift coefficients

on thelift curve, the lift curve dope can also be corrected:

¢ =_2(M=0 (3.3

Example 3.8

A NACA 2412 airfoil with a0.5 m chord and 2 m span is being tested in awind tunnel at standard sea level
conditions and a test section velocity of 168 m/s at an angle of attack of 8 degrees. What isthe airfoil’ slift coefficient
curve slope and how much lift isit generating?

Solution: The aerodynamic properties of the airfoil may depend on the Reynolds number, which for standard sea level
conditions and a test section velocity of 168 m/sis:

_rVc _1225dug/ ft3(168 m/s)(0.5 m)
m 0.00001789 kg / m sec)

Re =5751817

so the airfoil data curvesfor Re = 5.7 million (not standard roughness) will be used. Asin Example 3.7 , the values of
a,-o and the ¢, at a = 8 degrees do not vary with Reynolds number. Their values can be read from Figure 3.28 as.

a—o=-2° and ¢, =1.05ata =8
Since the lift coefficient curve appears linear between a,-o = - 2°and a = 8°, thelift curve slope may be etimated asthe
changein lift coefficient divided by the change in angle of attack:

_ 1.05-0

C =—— — =0105/°
R (-20)

The test section velocity is greater than 100 m/s for this test, so compressibility corrections must be made. The Mach
number for thetest is calculated by substituting test section velocity and standard sea level speed of sound into (3.19):

a 340.3m/s

Then, applying the Prandtl-Glauert correction to both lift coefficient and lift curve slope;

CI - Cl(M¥—0) - 105 _1.2, Cl — Cla(M¥=o) - 0105/0 :012/0
J1- M2 V1- 0492 toJ- M2 V10492

The dynamic pressure for thetest is:

q = %rvgg2 :%(1225kg/m3)(168m/s)2 = 17,287 N/m’
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The airfoil’ s planform areaisit’s chord multiplied by its span:
S=b'c=2m 05m=1m’

Thelift is then:
| =¢ qS=1.2(17,287 N/m? (1 m?) = 20,745 N
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CHAPTER 3HOMEWORK PROBLEMS
SYNTHESISPROBLEMS

S3.1 Braingtorm at least five concepts for a simple, light-weight means of indicating to the pilot the airspeed of an
ultra-light aircraft.

S32 Sateat least three measures of merit for the airspeed indicator in S-3.1.

S3.3 Stateat least three measures of merit for an airfoil to be used on a high-performance sailplane.

S3.4 Fromtheairfoilslisted in Appendix B, select an airfoil to be used on a high-performance sailplane. The airfail
will operate on-design at a section lift coefficient of 0.4 and a Reynolds number of 3.0 million. Justify your choicein
terms of the three measures of merit you listed in S-3.3.

S35 Theaft end of external fuel tanks carried by the Lockheed-Martin F-16 are truncated rather than tapering to a
point. Based on your understanding of skin friction, pressure drag, and boundary layer separation, why do you think
this design decision was made?
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ANALYSISPROBLEMS
Analysis Problems
A-3.1 Defineincompressible flow and give airspeeds that allow this assumption to be made for air.

A-3.2 Define steady flow. Give an example of steady flow and one of non-steady flow.

A-3.3 A wind tunnd has the following flow properties at theinlet {Hint: Draw a sketch!}:
P = 101,000 N/m?2 A=1m?2 T =2838K V =200 m/s

and in the test section: A =0.25m? V =900 m/s
a. What is the mass flow rate through the wind tunnel?
b. What isthe density in the test section?
c. Istheflow compressible or incompressible? Why?

A-3.4 Define one-dimensional flow and give an example.

A-3.5 Air flowsintotheinlet of alow speed jet with the following properties, P = 14.5 psi, A = 2.65 ft2,

V=300 ft/sand r =0.0024 slug/ft3. At the end of the inlet is the compressor face where P = 15 psi. Assume the flow
is steady, incompressible, one-dimensional and inviscid.

.

—>
—» + Inlet :
—> Compressor face —

\/

a What isthe mass flow rate?

b. Determine the area at the compressor face.
A-3.6 A generator on aresearch aircraft requires 0.2 slugs per second of cooling air. A cooling air scoop for the

generator is designed to be operated while the aircraft is cruising at 200 mph at 20,000 ft above sea level in standard
atmospheric conditions. The scoop connects to an opening on the generator casing which has an area of 2 ft%.
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Determine the required area of the inlet of the scoop. Also determinethe air vel ocities and pressures at the scoop inlet
and at the connection with the generator casing.

A-3.7 A high-pressure washing system’s pump supplies 1 gallon of water per second at 100 psi pressure.  The nozzle
should be designed so that the static pressure of the water asit exits the nozzle is the same as the atmospheric pressure.
If theinside diameter of the hose leading from the pump to the nozzleis 2 inches, what should the diameter of the
nozzle exit be? What will be the velocity of the water at the exit of the nozzle?

A-3.8 You are concerned about the moon roof on your new sports car. It seemsto flex when driving at high speeds.
Calculate how much net force the moon roof must withstand and in what direction. Assume the moon roof is flat with

an area of 0.5 m2 and the pressure and vel ocity over the moon roof is constant. Your driving speed is 20 m/s and the
velocity over the moon roof is 30 m/s. The pressure inside the car is 90,500 N/m2 and the freestream pressure and
density in front of the car are 90,000 N/m2 and 1.1 kg/m3. {Hint: Draw a sketch!}

A-3.9 AnF-106isflying from Minneapolis, MN to Charleston, SC, a distance of 1400 NM. The pilot reads an
indicated airspeed of 300 knots at a pressure atitude of 50,000 ft MSL. If position error is negligible, what isthe
aircraft’strue airspeed? If itisflyingin a50 knot tailwind, what is the plane's groundspeed, and how long will the
1400 NM flight take?

A-3.10 During aflight test, an indicated airspeed of 98 knotsis observed at a pressure altitude of 5,000 ft MSL. If
position error for these conditionsis +2 knots, what is the dynamic pressure for thistest? Hint: Remember the alternate
definition of equivalent airspeed.

A-3.11 Under what circumstances would the following be true?

a V=Vg =V b. V=V, c Vo= Ve

A-3.12 A T-38 at 20,000 ft standard day has an indicated airspeed of 305 knots. The flight manual gives a position
error correction of -5 knots for these conditions. What isthe T-38's true velocity?

A-3.13 A Cessna Citation has an equivalent airspeed of 200 knots at an unknown atitude. What isits dynamic
pressure?

A-3.14 A C-130 pilot desiresto fly alow level navigation mission at 4 NM/minute (240 knots ground speed). Winds
are forecast out of the north (blowing south) at 20 knots, the pressure atitude is 10,000 ft, and the temperatureis 80 °F.
What indicated airspeed should the pilot fly on a northbound leg if the position error is negligible?

A-3.15 Aninstrument used to measure the airspeed on many early low speed airplanes during the 1910-1930 time
period, was the venturi, sketched below. This simple device is mounted at a specific location on the airplane where the
inlet velocity is essentially the same as the free stream velocity. With aknowledge that Aq/A5 = 4 and Pq - Po = 4000

N/m2. Find the airplane's velocity at sealeve.
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A-3.16 Assume standard day conditions for the following questions.

11

e

a. What isthe speed of sound at sea level in ft/sand m/s?

b. What isthe speed of sound at 30,000 ft in ft/s and m/s?

¢. What isthe Mach Number of an aircraft flying at 600 ft/s at sealevel?

d. If an aircraft's Mach Number is 0.7 at 30,000 ft, what isit's true velocity in knots?

A-3.17 A new wing design is being tested in alow speed wind tunnel and in aflight test. Both teststake placein
standard day conditions at an altitude of 2000 m. The velocity in thewind tunnel test section is 90 m/s and the true

velocity of the flight test aircraft is90 m/s. (Draw a sketch!)

a. What are the atmospheric conditions for these testsin Sl units?

b. Calculatethetotal pressure at the leading edge stagnation point for the airfoil in the wind
tunnel. Assume no total pressure loss.

c. Calculate the total pressure at the leading edge stagnation point of the flight test wing. {Hint:
Use a reference attached to the aircraft.}

d. Will the aerodynamic forces (such aslift) on the two wings be the same or different? Why?

A-3.18 Anaircraftisin flight in 10,000 ft standard day conditions at V = 400 ft/s. Itswing hasachord of 4 ft and a
critical Reynolds number of 8x10°.

a. Find the overall or total Reynolds number for the wing.
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b. Find the distance back from the leading edge at which transition occurs.

A-3.19 A wing section with arectangular planform and a chord of 2 ft spans the entire 10-foot-wide test section of a
low-speed wind tunnel. The wing section uses a NACA 2412 airfail. It ismounted at an angle of attack of four degrees.
If thetunnel is operated at atest section velocity of 200 feet per second in standard sea level conditions, how much lift
and drag will the wing section generate?

A-3.20 Calculatetheloca Reynolds number at a point 2 ft aft of the leading edge of awing, which is being tested at sea
level, standard day conditions, and at 800 ft/strue airspeed. What type of boundary layer exists at this point? Assume

Regyit = 5 X 10°.

A-3.21 The sketch below illustrates velocity profiles of the boundary layer at afew locations along a plate with
distancesin they direction greatly exaggerated.

Edge of boundary layer

l R

il <

a. What type of boundary layer exists at point A?

b. What type of boundary layer exists at point B?

¢. Transition occurs between what two profiles?

d. Reverseflow isevident in which profiles?

e. Where does separation occur?

f. Which direction would the transition point moveif:
(1) Pressure gradient is made more favorable.
(2) Surface roughnessisincreased.

(3) Freestream turbulenceis reduced.

A-3.22 a What isan adverse pressure gradient and where does it occur on an airfoil ?
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b. What causes the flow to separate from an airfoil ?

¢. What are the two major consequences of flow separation?

d. Why do golf balls have dimples?

e. What isthe difference between flow transition and separation?

A-3.23 a. A NACA 2415 airfoil hasachord of 1.4 m. Give the maximum camber, its location, and the maximum
thickness of theairfoil in units of meters.

b. A NACA 0015 airfoil hasa 0.152 m chord. Give the camber, its position, and the thickness of the airfoil in
units of meters.

A-3.24 Draw atypical ¢ vsa curvefor apositively cambered airfoil and label the following features:
a. theaxes (¢, anda)
b. alphaat lift=0
C. Ca
d. the stall angle of attack

€. C max
A-3.25 Consider aNACA 2415 airfoil section in alow speed wind tunnd. Assume Re= 9x106.
a. What isthe zero lift angle of attack?

b. Doesthisairfoil have negative or positive camber?

o

What isthe stalling angle of attack?

o

What is the maximum value of ¢|?

(0]

What isthelift curve dope?

A-3.26 a. What isthe center of pressure (c.p.) of an airfoil ?

b. What is always true about the sum of aerodynamic force moments about the center of
pressure?

A-3.27 a. What isthe aerodynamic center (a.c.) of an airfoil ?
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b. A NACA 4412 airfoil has a chord of one meter. For Re = 3x1056, how far from the leadi ng edgeisthe
aerodynamic center located? Does the location change with changesin Reynolds number?

A-3.28 Consider arectangular wing mounted in awind tunnel. The wing model completely spans the test section so
that the flow sees essentially an infinitewing. Thewing has a NACA 4412 airfoil section, a chord of 3.0 m and a span
of 20 m. Thetunnd is operated at the following test conditions:

P = 101,000 N/m? T=30°C V=48m/is m= 1.86x10°kg/(m"s)
a. Determine the operating Reynolds number.

b. Calculatethelift, drag, and moment about the aerodynamic center for an angle of attack of 8°
and Re= 9 x 106,

c. At aReynolds number of 3 x 106:
(1) What isthe stalling angle of attack for this airfoil?
(2) What isthe angle of attack for zero lift?

(3) What isthelift curve slope?

A-3.29 Consider arectangular wing mounted in awind tunnel. The wing model completely spans the test section so
that the flow sees essentially an infinitewing. Thewing has a NACA 4412 airfoil section, a chord of 1.0 m and a span
of 20 m. Thetunnd is operated at the following test conditions:

P = 101,000 N/m2 T=30°C V=144m/s m= 186x10°kg/(m"9)

Calculate thelift for an angle of attack of 8° and Re =9 x 106,
INTRODUCTION TO AERONAUTICS. A DESIGN PERSPECTIVE

CHAPTER 4: WINGSAND AIRPLANES

“ After running the engine and propellers a few minutes to get them in working order, | got on the machine at 10: 35 for
thefirst trial. Thewind, according to our anemometers at this time was blowing a little over 20 miles; 27 miles
according to the government anemometer at Kitty Hawk. On dlipping the rope the machine started off increasing in
speed to probably 7 or 8 miles. The machine lifted from the truck just asit was entering the fourth rail.”

From the Diary of Orville Wright for December 17, 1903

4.1 DESIGN MOTIVATION

The Lift and Drag of Wings

The study of airfoilsin Chapter 3 gave insight into how wings generate lift, but it did not tell the whole story.
The flow over awing near the wingtipsis very different from the two-dimensiona flow around an airfoil. The
differences have profound effects on the lift and drag generated by awing. Understanding these effectsis crucial to the
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aircraft designer who must shape an aircraft’ s wing to optimize its performance. Section 4.2 discusses wing lift and
drag theory and analysis methods.

Whole Aircraft Lift Curve

Other components besides the wing contribute to an aircraft’ slift. Thelift contributions of the aircraft’s
fuselage, control surfaces, high-lift devices, strakes, etc. must all be considered in order to accurately predict an
aircraft’ slifting capability. The aircraft’s maximum lift coefficient is one of the governing factorsin an aircraft’s
instantaneous turn capability, landing speed and distance, and takeoff speed and distance. Section 4.3 describes a
variety of devices for increasing an airplane' s maximum lift coefficent, while Section 4.4 presents methods for
estimating the lift curve dope and maximum lift coefficient of a complete airplane, including the effects of strakes,
high-lift devices, control surfaces, etc.

Whole Aircraft Drag Polar

Thedrag of al aircraft components must also be included when estimating whole aircraft drag. The variation
of an aircraft’ s drag coefficient with itslift coefficient is called the aircraft'sdrag polar. The drag polar isthe key
information about an aircraft needed to estimate most types of aircraft performance.  Aircraft maximum speed, rate and
angle of climb, range, and endurance depend so heavily on an aircraft’s drag polar that a 1% changein drag can make a
huge difference in ajet fighter’s combat effecitivenes or an airliner’ s profit potential. Section 4.5 presentsasimple
method for predicting an airplane s drag polar at low speeds, while Section 4.6 describes how high flight Mach numbers
change an airplane’ s aerodynamics. Section 4.6 also presents methods for estimating a complete airplane slift curve
dope and drag polar at high flight Mach numbers. Section 4.7 is an example of an aerodynamic analysis for a
supersonic jet fighter aircraft. The analysis predicts aircraft lift and drag characteristics for Mach numbers ranging
from 0 to 2.0.

4.2 WINGS

The Language

Figure 4.1 illustrates a view of awing planform with some of the important dimensions, angles and parameters
used to describe the shape of an aircraft wing. Thewing span , b, ismeasured from wing tip towing tip. The symbol ¢
isused for the chord length of an airfoil at any point along the wing span. The subscript r indicates the chord length at
thewing root or the aircraft centerline. The subscript t denotes the wing tip chord. The overbar denotes an average
value of chord length for the entirewing. The symbol AR isused for a parameter called aspect ratio. Aspect ratio
indicates how short and stubby or long and skinny thewing is. The symbol L is used for wing sweep angle with the
subscript LE denoting the wing leading edge. The subscript 25 denotes the line connecting the 25% chord positions on
each airfoil of thewing. The symbol | isused for thewing taper ratio, or ratio of tip chord to root chord.
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Figure4.1 Finite Wing Geometry Definitions

Figure 4.2 shows a side view of thewing to illustrate the angle of twist. Wings which are twisted so that the
wing tip airfoil isat alower angle of attack than the wing root airfoil are said to have washout. Wing twist in the
opposite sense from washout is washin. Wing twist of this sort isalso called geometric twist. An effective twist of the
wing can also be achieved by changing the airfoil shape along the wing span. If the airfoil at the wingtip has less
camber than the airfail at the root, this has much the same affect on the wing lift asif the airfoils were the same but the
wingtip airfoil was at alower angle of attack than the root. Changing airfoils along the wing span in thisway is called
aerodynamic twist.

Angle of Twist

Figure 4.2 Wing Twist

Wingtip Vortices

The flow around a wing section which spans the test section of awind tunnel approximates the flow around a
wing with an infinite span, no twist, and a constant chord length along its span. In Chapter 3, this type of flow was
label ed two-dimensional, because flow properties did not vary in the direction. The flowfield around a finite wing, or
wing with afinite span is not two-dimensional. The majority of differences between the flow around a finite wing and
that around an infinite wing result from flow phenomena which occur at the wingtips. Figure 4.3 shows afront view
of theflowfield around afinitewing. Note that the differences between the pressures above and below the wing which
produce lift also produce a strong flow around the wing tip. The arrowsin Figure 4.3 are intended to illustrate a front
view of flow streamlinesin the plane of the 50% chord point on thewing. The lengths of the tails of the arrows do not
indicate the magnitude of the velocity vectors. Of course, the actual magnitudes of the velocity vectors must be such that
thereis no flow through the surface of the wing.
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Downwash

TOP SURFACE
(relative low pressure)

(relative high pressure)
BOTTOM SURFACE

Figure 4.3 Front View of Wing with Flow Around the Wing Tips

Asshown in Figure 4.4, these circular flow patterns around the wing tips become concentrated into very strong
tornado-like swirling flows known as wingtip vortices or trailing vortices. The trailing vortices generated by large
aircraft persist for many miles behind them and can pose serious hazards to smaller aircraft which encounter them. Air
traffic controllers must allow sufficient spacing between aircraft so that the action of air viscosity and turbulence can
dissipate a preceeding plan€' s trailing vortices before the arrival of the next one. This spacing requirement to allow
vortex dissipation isthe limiting factor on traffic density at most commercial airports.

Figure4.4 Trailing Vortices

Downwash
Also notein Figure 4.3 that the circular flow pattern around the wingtips results in a downward component to

the flow over thewing. This downward flow component is called downwash. Figure 4.5 shows that downwash adds
vectorially to the freestream vel ocity to change the direction of the flow velocity. Notethat the resulting total velocity
vector still resultsin flow parallel to the wing surface, but the orientation of the effective free stream vel ocity direction
relative to the airfoil isaltered.
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Effective free stream direction
in vicinityof thewing Downwash
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Figure4.5 Downwash

The changein flow direction due to downwash is called the downwash angle, and is given thesymbol e The
angle between the airfoil chord line and the local flow velocity vector is called the effective angle of attack, ag. Each
individual wing section’slift, drag, and angle of attack vary with the airfoil’ s orientation to thislocal flow direction, but
the whole wing’slift, drag and angle of attack must still be defined relative to the free stream direction. Figure 4.6
reveals that, as a consequence of the change in effective flow direction caused by the downwash, the effective angle of
attack of the airfail is reduced, and the lift generated by each airfoil has a component in the wing's drag direction. This
component of lift in the drag direction is called induced drag. The reduction in effective angle of attack dueto the
downwash causes the wing to produce less lift than it would if there were no downwash.

Lift

Chord line Induced Drag, D,

Local flow
direction

Parallel to
chordline

Figure 4.6 Downwash Angle and | nduced Drag

Figure 4.7 ilustrates lift coefficient curves for an airfoil and for afinite wing with the same airfoil section
shape. Notethat ¢, denotes two-dimensional airfoil lift coefficient while:

C.=L/gS (4.4)

isused for the three-dimensional finite wing lift coefficient. This same convention will be followed for ¢4 and:
Co=D/qgS (4.5)
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The reduction in effective angle of attack due to downwash decreases lift at any given a and delays stall to higher
valuesof a. Asin Chapter 3, slopes of thelift curves are defined as.

colG ad ¢ o1G (46

c, and C,

Airfoil

/

Figure 4.7 Two-Dimensional and Three-Dimensional Lift Coefficient Curves

Spanwise Lift Distribution

Unlike the two-dimensional flow around an airfoil in awind tunnd, the flow around a finite wing variesin the
spanwise direction. This spanwise variation is primarily due to the inability of the wing to support a pressure difference
at itstips (the cause of trailing vortices). It may be influenced by wing taper, wing twist, or even differencesin airfail
shape at different spanwise positions on thewing. Spanwise variation of airfoil shapeis called aer odynamic twist.
But even an untapered, untwisted, unswept wing still has spanwise variation of the flowfield around it. Thisis because
thetrailing vortices on such awing have a stronger effect and produce more downwash near the wing tips than they do
far from thetips. Asaresult, even though the wing is not twisted, increasing downwash reduces effective angle of
attack and therefore lift near the wing tips. Tapering the wing or giving it wash out can help reduce this effect. In fact,
awing which is tapered and/or twisted to give an dliptical spanwise distribution of lift will have a constant downwash
at every spanwise position. Figure 4.8 shows an dliptical spanwiselift distribution. An untwisted wing with an
eliptical planform will have an dliptical lift distribution. Asshown in Figure 4.9, the famous Supermarine Spitfire and
Republic P-47 Thunderbolt fighter aircraft of World War |1 both used elliptical wing planforms. Such wings are
relatively complex and expensive to build, so straight-tapered wings are much more common.
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Figure 4.8 Elliptical Lift Distribution

Figure 4.9 The Supermarine Spitfire and Republic P-47 Thunderbolt Fighter Aircraft of World War |1 Both Had
Elliptical Wing Planforms (Photos Courtesy National Air and Space M useum)

Finite Wing Induced Drag
Figure 4.6 shows that induced drag is a component of the three-dimensional lift in the drag direction:
D =Lsne o C, =C_sne (4.7)

It can be shown that the induced angle of attack everywhere along the span of wings with elliptical lift distributionsis
given by:

e= G, radlans=5 3G, degrees
p AR AR
For esmall, sine » e(inradians) and :
C c’
C, =Ce=C ——=—" (4.8)
' p AR p AR

Span Efficiency Factor
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Equation (4.8) applies only to wings with dliptical lift distributions. However, it is possible to modify (4.8)
dightly to make it apply to any wing by using a span efficiency factor, e, such that:

C 2
b = — (4.9)
" peAR
Thevalue of eis 1 for dliptical wings and between .5 and 1 for most common wing shapes.
Finite Wing Total Drag
Thetotal drag of thewing isthe sum of profile drag and induced drag:
C 2
C,=¢c, + L (4.10)
p eAR

Recall, however, from Chapter 3 that profile drag is composed of skin friction drag and pressure drag. Figure 4.10
illustrates the variation of each type of drag with lift coefficient.

Total Drag

Induced Drag

Pressure Drag

Skin Friction Drag

CL

Figure 4.10 Finite Wing Total Drag

Wingletsand Tip Plates

A variety of devices have been used on aircraft to reduce induced drag. Figure 4.11(a) shows three such
devices. Of thethree, the winglet isthe most effective and most widely used. In addition, jet fighter aircraft which
carry fuel tanks or air-to-air missiles on their wingtips experience a small reduction in induced drag when such wingtip
storesarein place. All of these devices inhibit the formation of the wingtip vortices and therefore reduce downwash and
induced drag. Figure 4.11(b) shows awinglet on the wingtip of a McDonndll-Douglas C-17.
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Drooped TiP

(a) Three Induced-Drag-Reducing Wingtip Devices

(b) Winglets on a C-17 (USAF Photo)

Figure 4.11 Wingtip Devicesfor Reducing I nduced Drag

Of course, just extending the wing to increase its span and aspect ratio will have asimilar effect. However, the
increased lift far out at the end of the wing will increase the bending moment at the wing root and create greater |oads
on the wing root structure. The winglet increases wing span only slightly. It is preferred because it achieves an
effective increase in aspect ratio without significantly increasing wing root structural loads.

Finite Wing Lift

Since the the induced angle of attack for awing with an eliptical lift distribution is constant everywhere along
the span, it isrelatively easy to determine the lift of such awing. If thewing hasan dliptical planform and no
geometric or aerodynamic twist, it will have an dliptical lift distribution for a wide range of angles of attack. A twisted
rectangular or tapered wing will normally achieve atrue dliptical lift distribution at only one angle of attack. The
eliptical planform wing's zero-lift angle of attack will be the same as for its airfoil section. At an arbitrary positive
angle of attack below stall, an elliptical wing's effective angle of attack will be given by:

57.3C,
p AR

(4.11)

ay =a-e=a-

Asshown in Figure 4.7, the airfoil and finite wing lift curve slopes may be represented as.
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= (4.12)
N (a -a L:O)

“Tla-aw)

where a isany arbitrary angle of attack in the linear range of the lift curves. C, and ¢, arethelift coefficients at that
arbitrary value of a. From Figure 4.7 we recognize that:

5713C,
p AR

C.=C (@-a0)=¢ (@g-a.)=¢(a- a ) (4.13)

Combining (4.12) and (4.13), the expression for C,_ becomes:

G
CL=—pon—
L. 5735,

p AR

Following the same convention asin (4.7) for non-elliptical wings, the expression can be written:

G
CL=—pon—
L. 5735,

p e AR

(4.14)

Note that in general for a given wing, the value of e required for (4.14) is not the same as that required for (4.7). The
two values are typically quite close to each other, however.

Example 4.1

A wing with arectangular planform, a NACA 2412 airfoil, a span of 5m and achord of 2 misoperating in
standard sea leve conditions at a free stream velocity of 42 m/s and an angle of attack of 8 degrees. If the wing’s span
efficiency factor is 0.9, how much lift and drag isit generating?

Solution: The aerodynamic properties of the airfoil may depend on the Reynolds number, which for standard sea level
conditions and a free stream velocity of 42 m/sis:

_r Ve _1225dug/ft*(42m/s)(2 m)

Re
m 0.00001789 kg / m sec)

=5,751817

so the airfoil data curves for Re = 5.7 million (not standard roughness) will be used. Thevaluesof a ..o andthec ata =
8° do not, in fact, vary with Reynolds number. Their values can be read from Figure 3.28 as;
al—o=-2° aa=8° ¢=105

Since the lift coefficient curve appears linear between a, -, = - 2°and a = 8°, thelift curve slope may be etimated asthe
changein lift coefficient divided by the change in angle of attack:
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_1.05-0

C|a —ﬁ=0.105/0
8- (-2°)

Also from Figure 3.28, for ¢, = 1.05 and Re = 5.7 million:
cq = 0.0098

The dynamic pressure for thetest is:
1 2_1 3 2 2
q = Erv¥ :5(1225kg/m)(42m/s) = 1,080N/m

The airfoil’ s planform areaisit’s chord multiplied by its span:
S=b'c=5m 2m=10m?

Its aspect ratio is determined using (4.2):

and the finite wing lift curve dopeis predicted by (4.14):

C 0105/°
C = a = = 00567/0
L 14 573c, 14 (57.3 °/ rad)(0105/°)
p e AR p (09)(25)

Thelift coefficient is then calculated using (4.13):
C = CLa (@a-a ,)=00567/°(8°- (-2°))=0567

If the wing had an dliptical planform, the airfail lift coefficient everywhere on the wing would equal the finite wing lift
coefficient, and a different value of ¢4 could be read from the airfoil chart for thislower ¢, value. However, for a
rectangular planform, ¢, varies, and as a conservative estimate of the average value of cq, the value of ¢4 read from the
airfoil data chart for ¢, = 1.05isused. The finite wing drag coefficient isthen calculated using (4.10):

2 2
G 00098+ 99" _(0s5
e AR p (09) (25)

C,=¢c,+

Thelift, drag, and moment about the aerodynamic center are then given by:

L =C.,qS= 0.567 (1,080 N/m?) (10 m*) = 6,124 N

D = Cp g S= 0.055 (1,080 N/m?) (10 m?) = 597 N
It isinteresting to compare these results with the forces generated by an airfoil in awind tunne with the same geometry
and free stream conditions, but purely two-dimensional flow around it, as calculated in Example 3.9. The decreasein

lift and increase in drag caused by the three-dimensional flow around the finite wing’ s tipsis significant.
4.3 HIGH-LIFT DEVICES
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Relatively thin airfoils with low camber generally give low drag at high speeds. Unfortunately, theseairfoils
also typically have relatively low values of maximum lift coefficient. Most aircraft are equipped with devices which can
be used to increase lift when needed, at the expense of additional drag. These devices are of several types.

Trailing-Edge Flaps

Moveabl e surfaces on the rear portion of the wing which can be deflected downward to increase thewing's
camber are called trailing-edge flaps or smply flaps. Figure 4.12 shows four different types of flaps. The plain flap
changes camber to increase lift, but its effect is limited by additional flow separation which occurs when it is deflected.
The additional separation occurs because the upper surface of the deflected flap experiences a stronger adverse pressure
gradient . The split flap deflects only the underside of the trailing edge so that, while it creates a great deal of pressure
drag, it avoids the strong adverse pressure gradient on its upper surface and therefore keeps the flow attached dightly
longer. Thisgivesthe split flap dightly greater lift.

BASIC SECTION

S

PLAIN FLAP SPLIT FLAP
SLOTTED FLAP FOWLER FLAP

Figure 4.12 Trailing-Edge Flaps (Adapted from Reference 1)

Slotted flaps have a gap or slot in them to allow faster-moving air from the lower surface to flow over the
upper surface. The higher-energy air from the dot gives the boundary layer more energy to fight the adverse pressure
gradient and delay separation. A single-dotted flap creates the dot by moving away from the wing slightly when it is
deflected. Double- and triple-dlotted flaps are also used. Each slot admits more high-energy air onto the upper surface
to further delay separation and increase lift. The Fowler flap moves aft to increase the wing area before deflecting
downward to increase camber. Fowler flaps usually have one or more slots to increase their effectiveness.

Figure 4.13 shows airfail lift and drag coefficient curves for atypical trailing-edge flap. Notethat in general
the effect of flapsisto increase camber, moving the lift curve up and to the left. For flaps other than Fowler flaps the lift
curve dopeis unchanged. The angle of attack for zero lift is made more negative. With the flap extended, the wing
generates more lift at all angles of attack below stall. The maximum lift coefficient is greater, but it occurs at alower
angle of attack. The amount of this shift in a;=o and increase in C_ma is different for each type of flap. Sotsin flaps
help delay the stall to higher angles of attack and higher values of C,.x. Thelift curve slope increases when Fowler
flapsare used. Thisis because Fowler flaps increase the actual lifting area of the wing when they are extended, but the
lift coefficient is defined using the same reference planform area as when the flaps are retracted.
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Figure4.13 Lift and Drag Coefficient Curvesfor Wings with Flaps

Strakes and L eading-Edge Extentions

Figure 4.14 shows a strake on an F-16. A similar device on the F-18 isreferred to as a leading edge extension
(LEX). Thestrake hasa sharp leading edge. When the aircraft operates at high angles of attack, the flow cannot stay
attached as it flows over the sharp strake leading edge, and it separates. Because the leading edge of the strake is highly
swept, the separated flow does not break down into turbulence, but instead rolls up into atornado-like vortex. The
vortex generates an intense low pressure field which, since it is on the upper surface of the strake and wing, increases
lift. The presence of the vortex givesthe rest of the wing a more favorable pressure gradient, so that stall is delayed.
The strake al'so increases the total lifting area, but it isusually not included in the reference planform area. Therefore,
the strake increases lift coefficient curve slope even at low angles of attack when the vortex does not form. Figure 4.15
shows lift and drag coefficient curves for awing with and without strakes. Note that at relatively high angles of attack,
the lift curve for the wing with strakesis actually above the dotted line which is an extension of the linear region of the
curve. Itisat these angles of attack where strakes are most effective.

'/
Strakes e —F Strake Vortices
— s —

Figure4.14 F-16 Strakes
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Figure 4.15 Lift Coefficient Curvesfor Wing Alone and Wing with Strake

L eading-Edge Flaps, and Slats

Figure 4.16 shows several devices which are used on wingsto increase lift. Plain leading edge flaps deflect to
increase wing camber and move the point of minimum pressure further aft on the upper surface of the airfoil at high
angles of attack. The aft movement of the point of minimum pressure extends the region of favorable pressure gradient
and delays separation. A fixed slot may be used to admit higher-speed air onto the upper wing surface to re-energize the
boundary layer and delay separation. A dlat is aleading edge flap which, when it is extended, opens up adot aswell.
All three leading-edge devices delay stall and extend the lift curve to higher angles of attack and higher maximum lift
coefficients. Because angle of attack is defined using the chord line of the airfoil with no high-lift devices extended,
extending a leading-edge device may actually decrease the lift coefficient at a particular angle of attack. Some dlats
increase the lifting area when they are deployed, so they increase the lift curve dope like Fowler flaps. Figure 4.17
illustrates lift and drag coefficient curves for awing with and without a typical leading-edge dot, dat, or flap. The
magnitude of the increase in maximum lift coefficient and stall angle of attack is different for each type of leading-edge
device.

LEADING-EDGE FLAP BOUNDARY LAYER CONTROL
BY UPPER SURFACE SUCTION

. 77— \

F IXED SLOT
BOUNDARY LAYER CONTROL

Z7 e
BY TANGENTIAL BLOWING
A I

SLAT

Figure4.16 Leading-Edge Flaps and Boundary Layer Control Devices (Adapted from Reference 1)



Boundary Layer Control

Since flow separation and stall are caused by depletion of flow velocity in the boundary layer, several methods
may be used to remove or re-energize this low-energy air and delay separation. One method isto drill thousands of tiny
holes in the wing surface and use suction to pull the low-energy air inside thewing. Another method isto use blowing
of high-velocity air tangent to the wing surface to re-energize the boundary layer and delay separation. Air for
tangential blowing is normally obtained as bleed air from a jet engine’'s compressor. Both of these boundary layer
control devices delay separation and stall to higher angles of attack. Their lift curveslook similar to those for leading-
edge devices shown in Figure 4.17. Examples of boundary layer suction and blowing areillustrated in Figure 4.16.

Wing with Leading-Edge Flap or Slat
or Boundary Layer Control

\ Basic Wing Section

a

Figure 4.17 Effect of L eading-Edge Flaps and Boundary Layer Control on Lift Coefficient Curves

Powered Lift and Vectored Thrust

An internally blown flap or jet flap has bleed air directed onto its leading edge and upper surface from the
rear of thewing. The high-velocity air delays separation and increases lift. Figure 4.18(a) shows atypical internally
blown flap configuration. Engine exhaust may also be used to increase or assist lift. Figure 4.18 shows three ways this
may be done. The exhaust may be directed at the leading edge of a flap as on the McDonnell-Douglas C-17, or at the
wing and flap’ s upper surface, as on the Boeing YC-14. In either case, the vastly increased airflow over the flap
increases lift. The engine nozzle may also be moveable to redirect or vector the engine exhaust downward. Thisre-
orients the engine thrust vector so that it has a component in the lift direction to assist the lift generated by the wing.
Also notein Figure 4.18 the multiple dotsin each Fowler flap. Several high-lift devices are often used together on an
aircraft. Each device addsto thetotal C . N SOMe cases the devices complement each other so that the total increase
in C_nax for several devices used together is greater than the sum of the C o« increments for each device used alone.

(a)Internally Blown Flap

B -ci



(b)Externally Blown Flap

(c)Upper -Surface Blowing

(d)Vectored Thrust

Figure4.18 Four Powered Lift Configurations (Adapted from Reference 1)

4.4 WHOLE AIRCRAFT LIFT

A complete aircraft will frequently generate significantly more lift than itswing alone. An estimate of awhole
aircraft’ slift can be made by summing the lift contributions of its various components.
Thefollowing isasimple method for making an initial estimate of an aircraft’slift. The method is suitable for usein
the early conceptual phase of design.
Wing Contribution
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For most aircraft, the majority of the lift is generated by thewing. The finite wing lift prediction methods
discussed in section 4.2 give good initial estimates of wing lift curve slope, provided an appropriate value of e can be
estimated. The results of extensive wind tunnel testing? of a vast variety of wing shapes suggest the following empirical
expression for e:

e= 2
2- AR+ 4+ AR (1+tan’L, )

(4.15)

where L - isthe sweep angle of the line connecting the point of maximum thickness on each airfoil of the wing.

One effect of airfoil camber and wing twist on lift isto shift the zero-lift angle-of-attack. A way to avoid the
need for predicting zero-lift angle-of-attack early in the design processisto work in terms of absolute angle-of-attack:

az=a-a.g (4.16)

Because of the way a, is defined, it always equals zero when lift iszero. Using absolute angle of attack is usually
adequate for early conceptual design.

Estimating wing maximum lift coefficient is difficult without more advanced analysis methods. However, a
practical constraint of takeoffs and landings leads to a simple way to estimate the maximum usable lift coefficient for
those two phases of flight.  Figure 4.19 shows an aircraft with a tricycle landing gear on arunway. When the aircraft
accelerates to takeoff speed, it must rotate to the takeoff angle of attack in order to generate enough lift to become
airborne. Theaircraft normally tips back on its main landing gear asit rotates. The amount which the aircraft can
rotateislimited by thetail striking the ground. This limitation also appliesto landing, since the aircraft will be at its
landing angle of attack when it touches down. For many aircraft this angleis well below the wing's stall angle.
Therefore, the maximum usable lift coefficient for takeoff or landing may be estimated as the wing lift curve slope, Cy,,
multipled by the maximum usabl e absolute angle of attack, a _— 15° - a,, inthecaseof Figure 4.19.

Clrx = C1, "84 =Co, >(@ ax ~ @ L20) (4.17)

Lmax

Figure 4.19 also shows the pilot’s downward view angle over the nose.  The maximum usable angle of attack
of an aircraft may be limited, at least for landing, by the pilot’svisibility over thenose. Thisvisibility requirement is
particularly important for aircraft which must land on an aircraft carrier. This geometry constraint may aso limit the
maximum usable lift coefficient. So, asaresult of limits on maximum rotation or tip-back angles and pilot view
angles, agood rule of thumb for a value for maximum usable angle of attack is about 15 degrees.

15°
1

Nose Gear Main Landing Gear Tip-Back Angle

Pilot View Angle

Figure4.19 Tip-Back Angle and Pilot View Angle
High-Lift Devices

An approximate estimate for the effect of trailing-edge flaps on C .« can be easily added to the wing Ci e
prediction. Since most flaps change a -obut not C, , their effect can be represented as an increment to the maximum
usabl e absolute angle of attack. For flaps that span the entire wing, thisincrement in a, is the same magnitude but of
opposite sign astheincrement in a;yin two-dimensional wind tunnel data for an airfoil with the flap system mounted
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onit. If flapped airfoil dataisnot available, the increment can be approximated by another rule of thumb. Aircraft
often use partia extension of flaps for takeoff and full flaps for landing. Asafirst approximation, a 10-degree
increment in a, for takeoff flap settings and 15 degrees for landing flapsis acceptable.

For flaps which do not span the entire wing (a much more common situation), the increment in a, isscaled by
theratio of flapped area, S, toreference planformarea, S § isthe area of that part of the wing which has the flaps
attached to it. Figure 4.20 depicts § (shaded gray) for a typical wing.

Figure 4.20 Flapped Area and Flap Hinge Line Sweep Angle

Once S is determined, the change in maximum usable absol ute angle of attack, Da,, is given by:

S
Da,=Da, _ EfcosL o (4.18)
where |, isthe sweep angle of the flap hingeline, as shown in Figure 4.20. With Da, estimated, the maximum usable
lift coefficient with flaps is approximated as.

C¢C Cl_otiap T C_°Da, (4.19)

Note that (4.19) seems to disagree with the relationship between CLmax for flapped and unflapped wings

presented in Figure 4.12. The reason for the difference becomes apparent if the maximum usable angle of attack lineis
superimposed on the C_ vsa curve, as shown on Figure 4.20.  Although thisis not always the case, the situation
depicted in Figure 4.21 iscommon. The aircraft’s maximum usable angle of attack for takeoff and landing is
significantly below it clean. When flaps are deflected, the maximum usable angle of attack is still below a g, With flaps,
so the changein CLmax iscorrectly predicted by (4.19).
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Figure 4.21 Effect of Flaps and Maximum Usable Angle of Attack on C_

Fuselage and Strakes

An aircraft fusdlage is usually relatively long and slender and therefore does not produce much lift. In the
region of horizontal lifting surfaces, however, the lift being generated by those surfaces carries over onto the fuselage.
This effect is modeled by treating the wing as if it extends all the way through the fuselage without any changein airfail ,
sweep, or taper. In fact, the fuselage shape is significantly different from the wing's airfoil shape and may be less
effective at producing lift. However, since the fuselage lifting area is generally larger than the portion of thewing in the
fuselage, the two effects may be treated as canceling each other out, at least for early conceptual design.

For fuselages with strakes or |eading edge extensions, the effect should be included, even for afirst estimate.
For angles of attack below 15 degrees, the strake vortex is not very strong, and extensive wind tunnel testing® has shown
that the lift curve dope of the wing with strake may be modeled as:
S+ Sstrake

CL (vithsrake) = CL, (without strake) S (4.20)

where Syrae iNcludes only the exposed surface area of the strake, not any portion inside the fuselage. Sincea =15
degreesis usually the maximum usable a, (4.20) is adeguate for the usable range.

Horizontal Stabilizersand Canards

The purposes of additional horizontal lifting and stabilizing surfaces on an aircraft will be discussed in Chapter
6. For afirst estimate of the lift contributions of these surfaces, it is sufficient to treat them as additional wings.
However, the downwash created by the main wing will change the effective angle of attack of smaller horizontal
surfacesin thewing's. Figure 4.22 illustrates this effect. The figure also shows an upwash field which increases the
effective angle of attack of horizontal surfaces ahead of thewing. Of course, these smaller surfaces also create their own
upwash and downwash. These upwash and downwash fields due to smaller surfaces will be ignored, because they are
generally much weaker than those of the main wing.

Figure 4.22 Upwash and Downwash
To determine a horizontal surface's contribution to the whole aircraft’ s lift curve slope, it isfirst necessary to
determine the rate at which downwash (or upwash as appropriate), e, changes with changing aircraft angle of attack.




In the extreme case where the rate of change in the downwash angle equals the rate of change in angle of attack (
Je _ 1), therate of change of the effective angle of attack of a surfacein that downwash field is zero. That surface

Ta
would make no contribution to the whole aircraft’ s lift curve slope.

Estimates of the rate of change of downwash angle with angle of attack can be made using the following
empirical (based on testing rather than theory) curve fit of wind tunnel? data:

21°C, 384040 3 6 2,0 (4.21)

AREE| of 7 86 bo

fe
fa
where:

Cavg IS the mean geometric chord of the wing

I, isthe distance from the quarter chord point of the average chord of the main wing to the
quarter average chord point on the horizontal surface, as shown in Figure 4.23,

and z, isthe vertical distance of the horizontal surface above the plane of the main wing, as
shown in Figure 4.23.

- ls > |- I,

—> .25¢,

.25¢,

root

Figure 4.23 Airplane Geometry for Downwash Prediction

Once e is predicted, the horizontal surface's contribution to the aircraft’s C, is approximated as:

fa
= Teo i
La (dueto horizontal tail ) CLat g‘?-' ﬂ_aa IS (4.22)
wherethe subscript t denotes parameters for the horizontal tail. Common DC . __values vary from almost
La (dueto horizontal tail)

zeroto 35% or moreof C,_ .

For horizontal surfaces ahead of the wing, also known as canar ds, the empirical equation? for predicting the
rate of change of upwash with angle of attack for wingswith L ,5 < 35° is;

e o ,_—(:LO4+6AR’1'7)

= (03AR™ - 0.33)%—°9 (4.23)
Ta co




where g, isthe upwash angle and | isthe distance from the wing's quarter chord to the canard’ s quarter chord as shown
in Figure 4.23.

Once 7€, isestimated, the canard’s contribution to the aircraft’'s C,, is approximated as.

fa
g Te.0 2 (4.24)
& fa 2

DC

La (dueto canard) - La c

where the subscript ¢ identifies quantities related to the canard. Contributions of canards to the total aircraft lift curve
dope aretypically larger than those for horizontal tails. Thisis partly dueto the canrd being in an upwash field rather
than the downwash field surrounding most horizontal tails. (Once the contributions of canards and horizontal tails are
estimated, the whole aircraft lift curve dopeis given by:

CLa (whole aircraft) = CLa (wing+body+strake) + DCLa (dueto horizontal tail ) + DCLa(duetocanard) (4'25)

45 WHOLE AIRCRAFT DRAG

Thedrag polar for the complete aircraft is written somewhat differently than that for awing alone. For the
whole aircraft, drag isidentified as either parasite drag or drag duetolift. The parasitedragisall drag on the
aircraft when it is not generating lift. Thisincludes both skin friction and pressure drag, as well as several additional
types of zero-lift drag which are associated with the complete aircraft configuration. The drag dueto lift includes all
types of drag which depend on the amount of lift the aircraft is producing. These include induced drag due to
downwash, the pressure drag which increases with lift due to forward movement of the separation point, induced and
pressure drag from canards and horizontal tails, and addition drag such as vortex drag due to the leading-edge vortices
on strakes and highly swept wings. All of these types of drag may be approximated by the following simple expression
for drag coefficient:

C, =Gy +kC.*+kC, (4.26)

where:
ki= U(p &AR) (4.27)

and k; is chosen to allow modeling of wings with airfoils which generate minimum drag at some non-zero value of lift.
Cpo iscalled the parasite drag coefficient. It represents all drag generated by the aircraft when it is not generating lift
(hencethe ‘0" subscript). Thevariable g, in the expression for k; is called the Oswald’ s efficiency factor. It isnot the
same as the span efficiency factor, e, used in Equations (4.9), (4.14) and (4.15), because it includes all the other types of
drag dueto lift*.

In order to model the common situation where minimum drag occurs at a positive value of lift coefficient, k,
must be negative. This hasthe effect of shifting the entire Cp vs C_ curvetotheright. Figure4.24 illustratesthis
effect. TheC_ for which Cp isaminimum iscalled Cninp -

* Although confusing, it is common to refer to the kyC,? term in (4.26) as induced drag, though it is significantly different from the
induced drag in (4.9)
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Figure 4.24 Example of Drag Polar with Minimum Drag Coefficient at Non-Zero Lift Coefficient

Parasite Drag

Just aslift predictions for the early stages of conceptual design rely heavily on the results of wind tunnel testing
of similar configurations, so drag predictions rely heavily on drag data for similar types of aircraft. In later design
stages, it is necessary to make very precise predictions of the aircraft’ s drag, sincejust a 1% difference in the drag at
cruise conditions, for instance, can make the difference between success and failure of adesign. The methods used in
making these precise predictions go far beyond the scope of this textbook and require details of the design which are
generally not available early in the conceptual design phase. It isimportant, however, to understand in a qualitative
sense where the drag on an aircraft comes from.

Skin friction drag on a complete aircraft configuration is generally much greater than that on the wing alone,
because the wetted area, S, isgreater. Wetted area of an aircraft isall the surface area over which air flows, and
therefore to which the flowing air imparts shear stress. Pressure drag for the complete aircraft includes drag due to
separation of the airflow around the aircraft fuselage, control surfaces, etc., in addition to thewing. Interferencedrag
results from flow interactions between the various components of an aircraft which cause them to have more drag when
assembled together than the sum of their drags when tested in awind tunnel separately. Miscellaneous drags include
drag dueto cooling air flowing through heat exchangers, air which leaks through doors and fairings which don't fit
perfectly and around moveable surfaces, plusthe profile drag of antenae, gun barrels, sensors, etc. which protrude from
theaircraft. Thetotal of all these dragsisthe profile drag of the complete aircraft. To this must be added wave drag if
the aircraft flies at or near the speed of sound. Wave drag will be discussed in alater section.

A very good initial estimate of subsonic parasite drag may be made from drag data for similar aircraft using the
concept of an equivalent skin friction drag coefficient, Cs, which is defined as follows:

C.=C S (4.28)

Do SI‘H
Table 4.1 lists average C;, val ues for several classes of aircraft. These values are based on historical data™ for large
numbers of each type of aircraft. Cy isafunction of such diverse factors as aircraft skin materials and shape; paint;
typical flight Reynolds numbers; number of additional air scoops for ventilation; type, size, number, and location of
engineair inlets; and attention to detail in sealing doors, control surface gaps, etc. Naturally, these details vary
significantly from aircraft to aircraft, but the data in Reference 5 suggest that there is enough similarity among aircraft
of a given class that useful average Ci values can be established. Table 4.1 lists the most commonly used values of

4,5
e -
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Table4.1 Common C;e Values

Type Cte

Jet Bomber and Civil Transport 0.0030
Military Jet Transport 0.0035
Air Force Jet Fighter 0.0035
Carrier-Based Navy Jet Fighter 0.0040
Supersonic Cruise Aircraft 0.0025
Light Single Propeller Aircraft 0.0055
Light Twin Propdler Aircraft 0.0045
Propeller Seaplane 0.0065
Jet Seaplane 0.0040

Using Ce to predict Cp, for an aircraft which generates minimum drag when it is generating zero lift only
requires selecting a Gy for the appropriate category of aircraft and estimating the total wetted area of the aircraft
concept. Thevalue of Cp, isthen obtained by solving (4.28):

Cp, =Cy, % (4.29)

Drag Dueto Lift
Predicting drag due to lift must begin with predicting Oswald's efficiency factor, e,. Thisis donewith acurve
fit of wind tunnel data? for a variety of wing and wing-body combinations. The equation for this curvefit is:

e, = 461(1- 0.045AR**®)(cosL )% - 31 (4.30)

Note that increasing wing sweep tends to decrease the value of e,. Also note that increasing AR will tend to decrease e,.
Thisisdueto the fact that for high-aspect-ratio wings, that part of the airfoil profile drag which varies with lift isa
larger part of thetotal drag dueto lift which e, must model.

Effect of Camber

There are a number of reasons why an aircraft may generate its minimum drag at a positive (non-zero) value of
lift coefficient. Asone example, the profile drag on cambered airfoilsistypically at a minimum at some small positive
value of lift coefficient. Asanother example, the shape and orientation of an aircraft’s fuselage may cause it to generate
the least amount of drag at other than the zero-lift condition. Equation (4.26) has an additional term, the k, C, term,
to modd this effect. If, for instance, the minimum drag coefficient for an aircraft occurs at alift coefficient signified by
the symbol C_inp, then the necessary value of k; is given by:

k,=-2kC__ (4.31)

Thevalue of Cminp isdetermined by plotting the drag polar for the wing using actual airfoil data and (4.3). If
actual airfoil dataisnot available, as a crude approximation assume that the airfoil generates minimum drag when it is
at zero angle of attack, and that the effect of induced drag isto move C ,inp t0 a value halfway between zero and the
value of C_. when a = 0. Thevalue of C, when a = 0 isgiven by:

CLa:0 =C, (@,)= C. (-a,,)Snceaz=a-a-ganda =0 (4.32)
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and:

— 2a 0
L cLa 8 5 (4.33)
Thisvalue of C_inp isthen used for the entire aircraft. Thisis done becauseit is assumed that the aircraft
designer will design the fuselage, strakes, etc. so that they also have their minimum drag at the angle of attack that puts
thewing at its C minp. When thisis done, the minimum value of Cp, which is given the symbol Cpin, must not be any
lower than the Cp, predicted by (4.28). Recall that Cp, isthe aircraft’s zero-lift drag coefficient. For aircraft with
minimum drag at non-zero lift thisleads to the following revised predictions:

sy, =C, 2 (4.3)

C, =C, +kC_ 2 (4.35)

min 'minD

4.6 MACH NUMBER EFFECTS

Thelift curve and drag polar predictions of Section 4.5 above are valid for relatively low speeds. Aswith
airfoils (discussed in Section 3.6), pressure changes around an aircraft are magnified by density changes at higher Mach
numbers. As Mach number increases to near unity and above, additional changes occur to the flow which have
profound effects on the aircraft’ s lift and drag

Consider an infinitesimally small body moving in the atmosphere. The body is making small pressure
disturbances which are transmitted as sound waves. The body’'s Mach number indicates the relative speed between it
and the sound waves it creates. If M = 0, then the sound waves radiate outward in concentric circles from the body like
ripples from the point where a stone landsin a pond. Figure 4.25(a) illustrates this situation.

(8 M=0 ()M<1 © M=1 d M>1

Figure 4.25 Sound Waves Generated by a M oving Body

If the body is moving, then the sound waves upstream of it are closer together, because each successive wave is
generated from a point further upstream, and the speed relative to the body at which each wave moves upstream is a -
V, since the body is moving the same direction asthe wave. Downstream of the body just thereverseistrue. The
spacing between the wavesis greater and thewaves aremoving at a + V relative to the body. The closer spacing of the
waves upstream of the body causes the sound to have a higher frequency or pitch, while the sound downstream has a
lower pitch. Thisiswhy the sound of an automobile horn or train whistle shiftsto a lower frequency as the vehicle
passes. The effect is called the Doppler shift. Similar shiftsin the frequencies of reflected radio waves are the basis for
radar speed detectors. The situation isillustrated in Figure 4.25(b).

The situation when M = lisillustrated in Figure 4.25(c). Notethat the body is moving at the same speed as
the sound waves it emits, so all of the sound emitted by the body reaches a point ahead of it at the ssmetimeit does.
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The sound waves collect into a single pressure wave known as a M ach wave, which is perpendicular to the direction of
movement of the body..

When M > 1, the Mach wave trails back from the body at an angle, as shown in Figure 4.22(d). An expression
for m the angle of the Mach wave (also known as the M ach angle), may be derived from the relationship between the
velocity of the body and the velocity at which the sound waves move out from their point of origin, as shown in Figure
4.26.

Figure 4.26 M ach Wave Geometry

On the basis of the geometry of the Figure 4.26, the expression for mis:

m=sin’ =dn*? 1 (4.36)

Shock Waves

The pressure waves caused by a body moving through the air likewise influence the flowfield ahead of the bodly.
Consider now alarge body such as an aircraft or missile moving through the air. The influence of the high pressure at a
stagnation point on the front of the body is transmitted upstream at the speed of sound, so that the flow sows down
gradually rather than suddenly when encountering it. However, as the speed of the body through the air exceeds the
speed of the sound waves, this process of “warning” the air ahead that the body is approaching becomesimpossible. In
such a situation, the pressure change occurs suddenly in a short distance. This sudden pressure changeis called a
shock wave. Air flowing through a shock wave undergoes arapid risein pressure, density, and temperature, a rapid
decreasein velocity, and aloss of total pressure. The angle of a shock wave isusually different than the Mach angle. It
depends on the Mach number and the angular change of the flow direction as it goes through the shock wave. Figure
4.27 shows shock waves around a model of the Space shuttle in the USAF Academy’ s tri-sonic (high subsonic,
transonic, and supersonic) wind tunnel. The waves are made visible by the bending of the light waves as they pass
through the regions of rapidly changing air density.
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Figure 4.27 Shock Waves Around a M odel of the Space Shuttleat M = 1.7 and Two Different Angles of Attack in
the USAF Academy’s Tri-Sonic Wind Tunnel

Critical Mach Number
Shock waves also occur around a body even when it is flying at speeds bel ow the speed of sound. This happens
because the air accelerates asit flows around the body. An airfail, for instance, may be moving at M = 0.8 relative to the
free stream, but it was shown in Chapter 3 that the shape of the airfoil causes the flow to be moving much faster over its
upper surface. Thelocal flow velocity over the upper surface of the airfoil may be greater than the speed of sound. This
situation is described by saying the local M ach number is greater than one (M > 1), and theflow in thisregion is said
to be supersonic. The free stream Mach number:
_V.
M, =%/ (3.28)

at which the local Mach number first equals unity is called the Critical M ach number, M. Figure 4.28(a) illustrates
this situation.

Terminating
Shock
M<1 M<1 -

K—— Oblique/

Shocks

(@ M, =Mt (0) Merie < M, <1 (© M, >1,BluntNose (d) M, >1, Sharp Nose

Figure 4.28 Flowfields at Transonic and Super sonic Speeds

At M, =M no shock wave forms, because the local Mach number only equals 1.0 at one point. As M,

increases above M,i; however, theregion where M > 1 grows. As shown in Figure 28(b), pressure waves from
decderating flow downstream of the supersonic region can’t move upstream into that region, so they “pile up” into a
shock wave. This shock wave at the downstream end of the supersonic region iscalled aterminating shock because it
terminates the supersonic region and slows the flow abruptly to below the speed of sound. The strong adverse pressure
gradient in the shock wave which slows the supersonic flow also ows the flow in the boundary layer, and often causes
it to separate. This phenomenon is called shock-induced separation. It causes a significant increasein drag and
decreasein lift. The sudden risein drag as M,, approaches 1 was once thought to be an absolute barrier to higher
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speeds. It was called the sound barrier. The Mach number at which thisrapid risein drag occursis called the drag
diver gence M ach number, Mpp.

As M, exceeds 1.0, another shock wave forms a short distance in front of bodies with blunt or rounded

leading edges. Asshown in Figure 28(c), air flowing through this shock wave, called the bow shock, is abruptly
decelerated to M < 1. The subsonic flow downstream of the bow shock may accelerate again to be supersonic asit flows
around the body, but it will exert a significantly lower pressure on the rear part of the body sinceit has lost so much total
pressure. Thislow pressure on therear of the body produces a great deal of pressure drag which is called wave drag.
The bow wave is perpendicular or normal (it is also called a normal shock) to the flow directly ahead of the body, but
its angle to the flow becomes the same as the Mach angle off to the sides of the body’ s path. The terminating shock
moves to the trailing edge of the body, and no longer slows the flow to subsonic.

If M, issufficiently greater than unity and the leading edge of the body is sharp, the bow shock will touch the

body' s point, as shown in Figure 28(d). The shock is said to be attached. Except at the point of attachment, the flow
no longer decelerates below M =1, but remains supersonic as it flows past the body. The shock wave at the leading edge
and the one at thetrailing edge trail off at an angle which initially depends on the shape of the body. Further from the
body the shock angles become the same as the Mach angle.  These shock waves are referred to as oblique shocks,
because they are not perpendicular to the flow. Theloss of velocity and total pressure in oblique shocksis less than for
normal shocks.

Flight Regimes

The range of Mach numbers at which aircraft fly isdivided up into flight regimes. The regimes are chosen
based on the aerodynamic phenomena which occur at Mach numbers within each regime, and on the types of analysis
which must be used to predict the consequences of those phenomena. Figure 4.29 shows these regimes.  Mach numbers
below My;i; are grouped together as the subsonic flight regime. Within this regime, compressibility effects are usually
ignored for M < 0.3.

\J

Su:bsonic Transonic Supersonic Hypersonic

Incom- } Compressible
pressible !

] ] 1 ]
03 Mt 10 20 30 4.0 5.0

\/

Mach number, M

Figure 4.29 Flight Regimes

For freestream Mach numbers greater than about 1.3 (depending on aircraft shape) the flow isentirely
supersonic (local Mach number remains greater than 1 everywhere in the flowfield), as shown in Figure 4.28(d). Thisis
called the super sonic flight regime. Note that while some local Mach numbersin the flowfield are supersonic for
speeds below the supersonic flight regime, an aircraft is only considered to be operating in the supersonic regime when
al of the flow around it (excluding flow entering the engine inlets) remains supersonic. Freestream Mach numbers
above about 5.0 are considered hypersonic. The hypersonic flight regime is characterized by extreme temperature
changes and significant interactions between oblique shock waves and the boundary layer.

Between the subsonic and the supersonic flight regimes lies the transonic regime. Thetransonic regimeis
characterized by a mixture of supersonic and subsonic flow, and in many cases there are also large areas of separation.
Figure 4.28(b) and (c) show two examples of this. Transonic flowfields are too complex for accurate analysis by any but
the most advanced methods, and the analysis often requires hours of computing time on the fastest supercomputers for a
singleflight condition. These methods are beyond the scope of this text.
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Lift

All features of the lift curves of most aircraft vary with Mach number. The most important of these effectsis
the changein C.,. Thereationship between C_, and ¢, does not change significantly with changes in subsonic Mach
number, so the Prandtl-Glauert correction can be applied at subsonic speedsto C , in the sameway it was applied to ¢,
in Section 3.6:

c = Shmso (4.37)
- - w2
. T-D . o9 -Do_ . .,a38001b - 400 Ibo o
. . . = = —— =1
Equation (4.37) |svaI|donnyor:Slng w g =sin & W @ SN & 6,000lb @ 3 < Mgit. Also,
the correction made by (4.37) becomestrivial for
Pavajl - Preq

Maximum Rate of Climb =

=680,000ft|b/S - 240’000f“b/3=733ft/s = 4,400 ft/ min | | |
6,0001b < 0.3. Thisfact is part of the basis for

setting the dividing line between incompressible and compressible flow at é, F. =0.3. For the supersonic flight
regime, if V%[ > 1/cosL g, thelift curve slopeis given by:

[o]

a FH = wVTO

&g

(4.38)

Q- O:

LoV _ g[T- D- m(W, - L)]
Both (4.37) and (4.38) yield an infinite value for lift curve slope at dt W, =10. In

fact, in the transonic regime, with so much shock-induced separation and complex flowfields, C,, is difficult to predict.
For a well-designed supersonic aircraft, C , levels off from the subsonic curve defined by (4.37) and transitions
& dv

smoothly to the supersonic curve of (4.38). Figure 4.30 illustrates atypical variation of C, vs Vi = Q E o .
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Figure4.30 Typical Variation of Lift Coefficient Curve Slope with M ach Number

CLmax @nd a - alsovary with Mach number. C_ . initially increases due to compressibility effects and then
decreases as shock-induced separation causes stall at lower angles of attack. The zero-lift angle of attack for cambered
airfoils remains unchanged at subsonic speeds but becomes zero in the supersonic regime. For early conceptual design,
it isusually acceptable to ignore both these effects.

Drag at High Subsonic Mach Numbers

Drag results from a complex set of phenomena, and high Mach numbers only add to the complexity. In the
subsonic regime, the primary changesin Cp, and k; for a given aircraft are due to increasing Reynolds number as
Mach number increases. These changes are highly dependent on the relative importance of skin friction drag and
pressure drag for a particular aircraft configuration. For many aircraft the changes are negligible. For early conceptual
design, it is frequently acceptable to assume Cp, and k; do not vary with Mach number below M.

Supersonic Zero-Lift Drag

For the supersonic flight regime, wave drag is added to the other types of drag. Theoretical analyses and wind
tunnel tests have shown that at supersonic speeds slender, pointed bodies whose cross-sectional areas vary as shown in
Figure 4.31 have minimum wave drag for their size. These low-wave-drag shapes are known as Sear s-Haack bodies
after the engineers® who initially studied them. The mathematical relationship for the area distribution which produces
minimum wave drag is called the area rule. The magnitude of the wave drag for these bodies varies as follows:

V=g La=-Tg a-ae-0-=ay, (4.39)

where Anax iS the maximum cross-sectional area of the body and | isits overall length. In order to achieve minimum
wave drag for supersonic aircraft, designers strive to make the cross-sectional areas of their designs vary like Figure
4.31. Theprocessiscalled “applying thearearule’ or just “arearuling.” Arearuling may require reducing the area of
the fuselage where the wing is attached to avoid abump in the area plot. Theresult isa“wasp waist” asis seen on such
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aircraft asthe T-38 and F-106. Figure 4.32 illustrates an example of this, while Figure 4.33 illustrates the T-38's wasp
waist.

t = VTO/
TO a

Figure 4.31 Sear-Haack Body Area Distribution

AreaDistribution. A, = 45 ft2

Area Distribution. A, =41ft?

Wasp Wai
Note: Both aircraft have the sasmeinternal volume

Figure 4.32 The Area Rule Applied to a Supersonic Fighter Aircraft

Figure 4.33 Area Ruling of the T-38 Fuselage (Brandt collection)

Couave fOr aircraft with reasonably smooth area distributions that conform approximately to Figure 4.31 can be
predicted using the following modification of (4.39):

2Wo
= (4.40)

where:
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_ 12w 2w
o[T- D- mw- L)] oT- D- m(w- L)[\r sc
W

(4.41)

estimates the Mach number where the maximum value of Cp, occurs. Equation (4.40) isonly valid for
Jo Jo
So = Q at dt=a Q! dt :%a to - 0 =%a tro . Ewpisanempirical (based on experimental data) wave drag
efficiency parameter. It isameasure of how closely the area distribution for the aircraft approximates the smooth
curve of Figure 4.31, and how free the aircraft is of additional sources of wave drag (antenae, leaks, bulges, wing-body
junctions, engineinlets, etc.) The magnitude of Ewp averages about 2.0 for typical supersonic aircraft. The
modificationsin (4.40) are based on curve fits of wind tunnel and flight test data’.
Accurate estimation of the variation of Cp, through the transonic regimeis extremey difficult. Asasimple
approximation, a straight line is drawn between the subsonic Cp, at Mg and the Cp, predicted at
1 o[T- D- m(w- L)] 1442 W
° 2 w {qT- D- m(w- L)J}" T SCi.. byaddingthe Coa from (4.40) to the subsoric Co.

Theresulting error istypically acceptable for early conceptual design, provided the aircraft will not cruisein the
transonic regime.

Mgt is determined either by the shape of the fuselage or the shape of the wing, depending on which component
createsthe fastest velocities in the air flowing around it. For an unswept wing, the airfoil shape, especially its maximum
thickness-to-chord ratio, determines how much the air accelerates asit flows around the wing, and therefore how high

144W,,?

r SC__o[T- D- m(W,, - L)| can bebeforeM = 1 somewherein theflowfield. Airfoil

designers may expend considerabl e effort carefully shaping an airfoil to make its Mj; as high as possible, and to delay
the development of strong shock waves above Mi;. When actual airfoil datais not available, the following curve fit of
Mgt data for NACA 64- series airfoils may be used:

Sro

_ L144N,,°
r sC,__ g[T- D- m(W,, - L)]o.vvm
whereta istheairfoils's maximum thickness.

Sro (4.42)

At thispoint it isinteresting to remember the discussion in Chapter 3 about the advantages a thicker airfoil
with alarger leading edge radius gave to the Fokker DVII in World War 1. Thick airfoils were popular on al
subsequent types of aircraft until after the start of World War 11, when the fastest piston-engined fighters began reaching
or exceeding the critical Mach number for their wing’ s airfoil. Severe control difficulties frequently resulted. The
phenomenon was not well understood at the time, but it was observed that fighter planes with thinner airfoils could fly
faster before encountering the problem. Two similar fighter aircraft produced by the same company exemplify the
effect. The Hawker Typhoon and Tempest fighters had the same engine and fuselage, but the Typhoon had a smaller
wing with a greater thickness-to-chord ratio. The Tempest had a maximum speed which was 50+ knots faster than the
Typhoon, though it was nearly identical except for itswing. As maximum speeds of fighter aircraft have continued to
increase, their airfoils have gotten progressively thinner, so that the thin, highly cambered airfoil sections of the outer
wing panel of the F-15 are similar (though far from identical) to the airfoils of the World War | Sopwith Camd!

Effect of Wing Sweep

In addition to reducing airfoil thickness, aircraft designers can also raiseawing's My by sweeping it either
forward or aft. To understand how this works, consider the untapered, swept wing in Figure 4.34. Sweeping the wing
without changing its shape increases the effective chord length. Figure 4.34 shows why thisistrue.
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Figure 4.34 The Effect of Wing Sweep on Streamwise Thickness-to-Chord Ratio

Chord is measured in the streamwise direction, since the airfoil shape the air must flow around is a streamwise
dice of thewing. From the geometry of Figure 4.34, the relationship between the chord of the unswept wing and the
chord of the swept wing is:

C(stveptwing) = C(unstveptwing)/ cos I—LE (443)
so that:
1442
so=—Wo = (cosLip) [ Mo (4.44)
rsc._of r SC.

Substituting the swept wing chord into (4.42) yields an expression for critical Mach number for swept wings:
Meic = 1.0 0.065 cos® L ¢ J 2(65751b)

(0002377 slug/ ft?) (184 ft2)(16)

or, in terms of the unswept wing's Mit:
Meit = 1.0 - cos® L ¢ (1.0 - Merit (unswept) (4.45)

For tapered wings, the effect is modeled by using L s, the sweep angle of the line connecting the quarter chord points
of thewing'sairfails, and using the maximum value of on
q=r V?=2(0002377 dlug/ ft*) (9596 ft / 5)* =1094 Ib/ ft

the wing:

Mcrit =1.0- COSOAs I—.250 (1-0 - I\/Icrit (unswept) ) (4-46)

Fuselage Contribution

Only fusdlages with relatively blunt noses will produce a value for Mcy; which islower than the one determined
by the shape of thewing. Generally, ensuring the fuselage has along pointed nose, so that the fuselage reachesits
maximum area at least 6 fuselage diameters downstream of the point of the nose will ensure My due to the fuselage is
higher than M;; dueto thewings. The value for M, for the entire aircraft will be the lowest of the two.

The above methods give reasonably accurate predictions for Cp, for awide variety of existing supersonic

aircraft. Figure 4.35 illustrates the actual variation of Cp, with Mach number for the Convair F-106 Delta Dart
supersonic fighter, along with Cp, values predicted using the methods just described. Figure 4.35 is a good exampl e of
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the type and magnitude of error which can be expected when approximating the transonic variation of Cp, with a
straight line.

Supersonic Drag Dueto Lift

At supersonic speeds, all airfails, regardliess of shape, generate zero lift at zero angle of attack. Practical
supersonic airfoil shapes also generate minimum drag at zero lift and zero angle of attack, soin the supersonic regime,
ko, = 0. The supersonic value of k; isgiven by:

(4.47)
L=C_qS=08(1094Ib/ft*)(184ft?) =1611Ib

For well-designed supersonic aircraft, the transition from subsonic to supersonic values of k; and k, isgradual, so that
the variation of these prameters through the transonic regime can be approximated with a smooth curve.

0.025
8
O

0.02 +
£
Q
‘©
= 0.015 +
c Actual
o .
2 Predicted
o 0.01 +
a
2
2
= 0.005 +
o

0 t t t t
0 0.5 1 1.5 2 2.5
Mach Number, M

Figure 4.35 Variation of Actual and Predicted Cp, with Mach Number for the F-106

Total Drag
In summary, the total drag on an aircraft is the sum of profile drag (the subsonic drag not due to lift), wave
drag, and drag due to lift or induced drag:

Coo=Cpp+ Cpmae and Cp = Cpo+ kg Cl+ k CL (4.48)

Figure 4.36 shows how these vary with Mach number for atypical supersonic aircraft.
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Figure4.36 Variation of Cp, and k; with Mach Number

Design Consider ations

The foregoing discussion of the methods used to predict an aircraft’'s C, . Crmax , and drag polar carries with it
the basis for insight into how to make wise design choices. Equations (4.15), (4.30), (4.40), and (4.46) make it clear
that increasing wing sweep raises My and reduces wave drag, but degrades C 5 and Ci i , @nd increases induced
drag. Equation (4.40) emphasizesthat the ratio of maximum cross-sectional area of an aircraft to its length has a larger
effect on the aircraft’ s supersonic wave drag than does wing sweep or the “smoothness’ parameter, Enp . INncreasing
aspect ratio has beneficial effects on induced drag at both subsonic and supersonic speeds. However, it will be shown in
Chapter 7 that using high-aspect-ratio wings in supersonic aircraft isimpractical, because the structure of such wings
would be far too heavy. A further consideration for the aspect ratio and sweep of wings for supersonic aircraft isthe
benefit to be gained by keeping the wing inside the shock wave cone generated by the aircraft’ s nose, as shown in Figure
4.37. This practice reduces the aircraft’ s wave drag because the Mach number inside the cone is lower than

D =C, qS=00665(10.941b/ ft?) (184 t*) = 1339 Ib, and shock waves are wesker than they would be f the wing were
— 144WT02
rSC__ g[T- D- m(Wg - L)

Sro

_ 144 (6,575 |b)®
exposed to (0002377 slug/ ft*) (184 ft*)(16)(32:2 ft / s*)[1,700 Ib- 1339 Ib- 003 (6,575 Ib- 1,6111b)].
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Shock Cone

Figure 4.37 Wings Stay Within Shock Cone at Design M ach Number

4.7 WHOLE AIRCRAFT ANALYSISEXAMPLE

Lift

Figure 4.38 shows a drawing of an F-16 with the lifting surfaces and high-lift devices |abeled. The F-16 uses a
NACA 64,-204 airfoil, which has its maximum thickness at 50% chord. The sweep angle of the line connecting the
maximum thickness points of the airfoils, L ymax = 20°. The flapped area for the trailing-edge flaps, as defined in Figure
4.20, is approximately 150 ft2. Theflap hinge-line sweep angle, Ly, = 10°. The aspect ratios of the wing and
horizontal tail are:

169W,°

= SCng[D+m(WL- L)]0.7VL ' Aa—gzﬁzia

s
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Strakes

Srakes = 20ft2

=240

t/c max

Figure 4.38 F-16 Lifting Surfaces.

Then, using (4.15) to estimate e (the same for both surfaces since they have the same AR):

o= 2 - 2 =.703=¢g .
2- AR+ 4+ AR*(1+tan®L ) 2- 3+./4+9(1+tan?24°)

The two-dimensional lift curve slope for the NACA 644-204 is approximately 0.1 per degree, so:

C, =0.0536/° = CLa (for this unique situation where AR, = AR)
t

a 57.3C|
1+ T
p e AR

But thisis before the effect of the strakes on thewing isincluded. For this:

S+S

— ake _ 300 + 20
CLa (with strake) — CLa (without strake) Sstr £ = (0'0536 ! O) S

=0.0572/°

The distance from the quarter chord of the main wing's mean chord to the same point on the F-16's horizontal tail, I, =
14.7 ft; the wing taper ratio, | = 3.5ft/16.5ft = 0.21; and the distance of the horizontal tail below the plane of the wing,
Z,, averages dightly less than one foot; so using (4.21):

e _ 20°C,, 25,,0080- 3 i 2,6 = (21°)(00572/ °) 10t 3a80- 3(02)8ze 1t 9= 0,48, and:
Ta ARZEE| o8 7 8 bo PE El4TfEE 7 & 30fto
5 S
C__ (wnotearcaty = Co_ (uinsraey * o | 8- 1111_:% 5 = 00572/°+0.0536/° (1-48) (108/300) = 067 I
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It isinteresting to compare these predictions with the F-16's actual lift coefficient curve Slope of .065/°.
Despite the complexity of the F-16 configuration, the analysis result agrees quite well with the actual dope. The method
does not achieve this degree of accuracy in every case, but its predictions are quite good for a wide variety of aircraft
configurations. Figure 4.39 compares actual aircraft lift coefficient curve dopes with dopes predicted by the method
just described.

0.1 100

N 0.09
& 0.08

ﬂg-’_ 0.07
z 9 0.06 === Predicted
2 > 0.05 + . Actual
O 004 % Error
52
G 0.03 +
@ 0.02 4
8
e 0.01 4
3 0

F-16A C-5A F-106A S211 B-747 T-38A Learjet F-15C

Aircraft Type

Figure 4.39 Predicted and Actual Lift Coefficient Curve Slopesfor Several Aircraft

Oncethelift curve dopeis known, Ci .« for takeoff and landing can be calcul ated:

Da , =Da

a,.

S—S‘ cosL ,, = 4.9° S0 Cyya = 0.067/° (14° +4.9°) = 1.27 for takeoff

a

Daa :Daaz,

S_S‘cosL | =7.36% 80 Cynax = 0. 067 /° (14° +7.36°) = 1.43 for landing

Since the F-16 is equipped with plain flaperons which deflect a maximum of 20° for both takeoff and landing, rather
than dotted flaps which deflect much further, it isno surprise that its actual usable C, o for takeoff and landing is only
1.2, somewhat |ess than predicted.

Parasite Drag

Thefirst step in determining the F-16's parasite drag is to estimate its wetted area. This can bedonein a
variety of ways. If theaircraft is drawn accurately on a computer-aided drafting (CAD) system, afunction is probably
available within the system to determine S,«. A reasonably accurate estimate can be obtained with much less effort than
isrequired to make a detailed drawing, however, by approximating the aircraft as a set of simple shapes as shown in
Figure 4.40. The equations for the surface areas of these simple shapes are well known, and by taking some care to
avoid counting areas where two shapes touch, it isrelatively easy to determine S, as shown in Table 4.2. Note that
cross sectional shapes of theitems labeled “cylinders’ and “half cylinders’ in Figure 4.40 may be circular, dliptical,
rectangular, or any other shape whose perimeter is easily determined. The surface areas of these cylinders don’t include
the areas of the ends, since these generally butt up against another cylinder and are not wetted. When the longitudinal
flat face of ahalf cylinder or half cone touches another body, twice the surface area of that face must be subtracted, since
it and an equal area of the other body are in contact with each other, and therefore not wetted. It isinteresting to note
that the actual wetted area of the F-16 is 1495 ft2, about 5% more than was estimated by this smple moddl.
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Figure 4.40 F-16 Geometry Approximated by Simple Shapes

With avaluefor Sy in hand, and choosing Cie = 0.0035 for ajet fighter from Table 4.1:

G, =Ci % = 0.0035 (1430ft%/300ft?) = .0167

Induced Drag
The value of the Oswald’ s Efficiency Factor, &, , is estimated by (4.30) as.

e, =461 (1- 0045AR°®) (cos L ¢)*** - 3.1 = .906

ki= U(p e,AR) = 0.117
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Table4.2 F-16 Wetted Area Estimation

Surface Span, ft Croots ft Ciip, Tt tmax/C | Equation Swet - Spiersections | N€t Syet
1&2 12 14 35 .04 (1) | 4195 0 4195
3&4 6 7.8 2 .04 (1) | 1175 0 117.5
5& 6 2 9.6 0 .06 (1) 38.6 0 38.6

7 1.4 125 6 10 (1) 26.3 0 26.3
8 7 8 3 .06 (1) 77.3 0 77.3
9& 10 15 5 3 .03 (1) 23.9 0 23.9
Cylinder | Length, ft Height, ft Width, ft Equation Swet - Shtersections | Nt Swet
1 39 25 5 (2) | 551.3 0 551.3
Cone* | Length, ft Height, ft Width, ft | h,, w, | Equation Swet - Shtersections | NEt Syet
1 6 25 5 0,0 (3) 424 0 42.4
2 4 6 6 4.4 (3) 62.8 0 62.8
Half Cyl | Length, ft Height, ft Width, ft Equation Swet - Shtersections | Nt Swet
1&2 24 .8 1 50% of (2) 67.9 38.4 29.5
3 5 2 2 50% of (2) 15.7 10 5.7
4 30 25 5 50% of (2) | 212.1 180 32.1
Half Cone | Length, ft Height, ft Width, ft Equation Swet - Shtersections | NEt Syet
1 2 2 2 50% of (3) 3.1 2 1.1
2 4 2 2 50% of (3) 6.3 4 2.3
Total Sy 1418 ft?

* Cone and/or Truncated Cone (Tapered Cyllinder)

Equations:

(1) Wing or Stabilizing Surface' S, = S []_977 + O.52(t/c)] where Soposed istheplanform area of  the surface

excluding any portion which isinside another component, (i.e. not

drawn so that they were not inside any other component.

(2) Cylinder Sides: S =p | ?‘;W%for dliptical crosssectionsand Syee =21 (h + w) for

exposed). Notethat the

sections, where |l isthe length of the fuselage segment, hiisitsheight and w isitswidth.
the cyllinders are not included because they butt up against the ends of
where the end of a cyllinder does not butt up against
also no surface area.

generaly done

Some

included in the aircraft wetted area.

(3) Coneand Truncated Cone Sides: S =P |

Swet = | (hi+ wa+ hy+ w) for

areas of the ends of the cones and truncated cones are

ady +w, +h, +w,

4

2

rectangular cross sections, , where | isthe length of the
of the front end, wy is the width of the front end, hy isthe height of the aft

surfaces for this example were all

The surface areas of the ends of
other cyllinders or cones. Typically, the only case
another surfaceis at the end of ajet engine exhaust nozzle, where thereis
fuselages and external fuel tanks also terminate without tapering to a point, but thisis
because flow separation has already occurred ahead of this position on the body. The eguivalent skin
friction coefficient method accounts for this design decision more accurately if the area of the end of the

fuselage segment, h; isthe height
end of the segment and w, isitswidth. The surface
not included for the same reasons given for cyllinders.

rectangular cross

Qfor eliptical and circular cross  sectionsand

The F-16's average chord is ¢ = b/ AR = 30ft/3 ft =10ft . For standard sealevel conditionsand M = 0.2,
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Re=rVc/m=(002377slug / ft*)(02x4116 41t/ s)(10ft) / (03737 0 °slug / ft 5) =14,200,000 - Using (4.10) and airfoil

data for the NACA 64,-204 (Re = 9,000,000), the following table of drag coefficient data for the wing aloneis
generated:

Table 4.3 F-16 Wing Alone Drag Coefficient Variation

C Cq Ky CL2 Co=cy+ks CL2
-0.2 .0062 .0047 .0109
-0.1 .006 .0012 .0072
0.0 .0053 0 .0053
0.1 .0045 .0012 .0057
0.2 .0042 .0047 .0089

fromwhich C_ninp = 0.04. Assuming awell-designed aircraft will have its minimum drag at approximately the same
C. where the wing alone has its minimum drag:

— 2_ —
C,, =Cp, +k,C_“=0.0167 +0.117 (.04)* = .0169

o min

k, =-2k,C__=-2(117) (.04) = -0.0094

Cp = 0.0169 +.117 C;? - 0.0094 C,

Super sonic Drag
The above analysisis valid for Mach numbers lessthan My . Using the methods described in Section 4.6 to

predlct Mcm, Cvaave and kl:

Merit (unsaepy = 1.0 - 0.065 giootﬂ g,.e: 1.0- 0.065 (4)°° = 0.85
c

Meit = 1.0 - c08”® L 25 (1.0 - Merit wnswepyy ) = 1.0 - cos™® 30° (1-0.85) = 0.865

_ 1 _ 1
Cpomax COSO.Z L e COSO.Z 400

=105

c, =3 gﬁgz%(a?m 037cosL LE)[1- 3/M- MCDOmax]

wave S | g

The geometry built from simple shapes yields Anex = 25.5 ft? and | = 48.5 ft, s

Mach number Cowave
1.05 .0261
15 .0213
2.0 .0189

And finally, the supersonic k; values:
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Table4.4 F-16 Drag Polar Predicted Using the M ethods of Chapter 4

AR(M? - 1)

kl = cosL e
(4AR\/ M?2 - 1)- 2
M ach number ki
1.05 .128
15 .252
2.0 .367

M ach number Cbo Ky ko
0.3 .0169 117 -.0094
0.86 .0169 117 -.0094
1.05 .0428 .128 -.0047

15 .0380 252 0

2.0 .0356 .367 0

Once again it isinteresting to compare these results with actual values for the F-16:

Table4.5 Actual F-16 Drag Polar

M ach number Cbo Ky ks,
0.3 .0193 117 -.007
0.85 .0202 115 -.004
1.05 .0444 .160 -.001

15 .0448 .280 0

2.0 .0458 .370 0

The predicted values agree reasonably well with the actual values. The 12% lower subsonic Cp, values were to be
expected in part because of the 5% lower estimate of wetted area. A more accurate model of the aircraft made from
more, smaller simple shapes could be expected to produce better S, and Cp, estimates. Also, the fixed geometry of the
F-16'sair inlet produces a great deal of additional wave drag and flow separation at high supersonic Mach numbers.
This explains why the F-16"s Cp, values actually increase at higher Mach numbers when the model suggests they should
decrease. It isbest to view the drag values predicted by these methods as goals which can be achieved with careful
design. The F-16 isoptimized for subsonic maneuvering, not supersonic cruise, so it should not be expected to achieve
the lowest possible supersonic drag. On the other hand, as shown by Figure 4.35, the methods predict very accurately
the wave drag of the F-106, an aircraft optimized for supersonic flight.

AeroDYNAMIC

The computer program called AeroDY NAMIC which accompanies this text contains an aircraft design module
which allows the user to approximate the shape of a conceptual aircraft design using simple shapes, in the same manner
aswasdonein earlier in this section. The shapes are described by parameters such as height, length, width, span,
thickness, etc. which are entered into a spreadsheet. AeroDY NAMIC draws the aircraft as the parameters are entered,
and then performs an aerodynamic analysis similar to the examplein this section. Thisisall accomplished very rapidly,
relieving the designer of many tedious cal cul ations and drawing manipulations. The user isthen free to explore many
alternative design choices and to optimize the design. Similar, though much more capable computer-aided design
systems are used by virtually all modern aircraft designers. Figure 4.41 shows an analysis screen from AeroDY NAMIC.
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Note that many more cylinders and cones have been used to approximate the F-16 shape than in Figure 4.40. This gives
the analysis greater fidelity.

M AeroDynamic v1.10.03 BETA
File  Edit “Wiew Labz Simsz Deszign Mizzion Builder Optionz  "Window Help

= Analysis [F-16.%L5] _ (O] x]
Honz Surff AR Taper Sweep Section Mach Cdmin Cdo k1
1 30241242 40 300 MACAR4208 010/ 0.017581 0.018 7 0116774 -0.01427
2 | 3 nz 40 108 MACANODDE 024/ 0017581 0.0187 0116774 -0.01427
3 | 1.05 0049207 0.049829 0166673 -0.01018
4 | 1650 0.04348 0044706 0328475 1]
| Draq Polar 1 Lift Curve | L/D ws CL | cLtae2scowscl )
. JAerodynamic Analpsis: 1 Performance dnalyziz l Wieight & Stability Analyziz
M Aerodynamic Analysis el B3 || % Performance Analysis ] B3 || & Weight & Stability  [9[=] B3
0.0g G0000 -+ __ Crogs-Sectional Area vz # Plot
0.04 ;
) 50000 +
- ooz
0.00 4———————— 40000 -+
oo 05 10 15 20 g
oo 30000 4
Mach a3
2 20000
0z i
M =084
10000 4
2 o4
—an 1 Il 1 D : : :
I:IIS . nln Dls 1||:| 1|5 ! : !
: : C'LSref =3000 Ll isic
Figure4.41 AeroDYNAMIC Analysis of the F-16
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CHAPTER 4 HOMEWORK

Synthesis Problems
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S4.1 An aircraft design exhibits excessive transonic wave drag and an unacceptably low Mj;. Brainstorm five ways to
change the design to improve these characterigtics.

S4.2 Anaircraft design has excessive induced drag for its high-altitude, low-speed surveillance mission. Brainstorm
five ways to reduce its induced drag.

S4.3 A jet fighter aircraft cannot reach its required maximum speed when carrying its air-to-air missile armament on
underwing pylons and wingtip launch rails. You believe excessive parasite drag isthe problem. Brainstorm at least five
ways to alow the plane to carry its weapons with less parasite drag.

S4.4 A largejet transport design is unable to achieve the value of C . it Needs for acceptable takeoff and landing
performance. Brainstorm five ways to increase its C max.

S4.5 A jet fighter aircraft design concept achievesits maximum lift coefficient at an angle of attack of 27°, but its
maximum usable angle of attack for takeoff and landing is only 15°. Brainstorm at least 5 design changes which would
allow the aircraft to use more of its maximum lift capability for takeoff and landing.

Analysis Problems

A-41 a Consider aflying wing aircraft made using a NACA 2412 airfoil with awing area of 250 ft2, awi ng span
of 50 ft, and a span efficiency factor of 0.9. If the aircraft isflying at a 6° angle of attack and a Reynolds number of

approximately 9 x 106, what are C, and Cp for the flying wing?

b. If theflying wing isflying at sealevel at V, = 280 ft/s, how much lift and drag isit experiencing?

A-4.2 Define critical Mach number.

A-4.3 What are two conseguences when we have awing (3-D) instead of an airfoil (2-D)?

A-4.4 Induced drag is also called drag due to . When lift is zero, theinduced drag is equal to
?

A-4.5 When would induced drag be more prevalent: during high speed flight (such as cruise) or low speed flight (such
aslanding)? Why?
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A-4.6 a. Draw asketch of atypical C_ versus angle of attack curve and a Cp vs C, curve and show how increasing
camber (by putting a flap down) would change these curves.

b. Draw the same curves and show how using boundary layer control or |eading-edge devices would change
these curves.

¢. Draw the same curves and show how sweeping the wings back (as on the F-111 or F-14) would change the
CUrves.

A-4.7 A straight wing with a critical Mach number of 0.65 is swept back 35°. What isits critical Mach number in the
swept configuration?

A-4.8 Draw asketch of atypical Cp, vs Mach number curve for ajet fighter aircraft and show how sweeping the wings
back (ason the F-111 or F-14) would change the curve. Label Mi; and Mpp on the curves.

A-4.9 An aircraft with Cp, = 0.02, k; = 0.12, and k, = 0 isflying at M = 0.8 at h = 30,000 ft. If theaircraft hasawing
area of 375 ft? and is generating 25,000 |b of lift, what is its drag coefficient and how much drag is it generating?

A-4.10 An aircraft with Cp, = 0.012, k; = 0.18, and k; = 0 isflying with C,_ = 0.26. The pilot attempts to temporarily
reduce the drag on the aircraft by reducing C, to zero. By what percent will the drag be reduced in this situation? Why
would it only be possible to do this temporarily?

A-4.11 Lift-to-drag ratio isameasure of the efficiency of an aircraft. What isthe lift-to-drag ratio of an aircraft with
Cpo = 0.018, k; = 0.13, and k; = -0.009 operating at C, = 0.4?

INTRODUCTION TO AERONAUTICS: A DESIGN PERSPECTIVE
CHAPTER 5: PERFORMANCE AND CONSTRAINT ANALYSIS

"The great liability of the engineer compared to men of other professionsisthat hisworks are out in the open
where all can seethem. Hisacts, step by step, arein hard substance. He cannot bury his mistakes in the grave like the
doctors. He cannot argue theminto thin air or blame the judge like the lawyers. He cannot, like the architects, cover
his failureswith trees and vines. He cannot, like the politicians, screen his short-comings by blaming his opponents
and hope the people will forget. The engineer simply cannot deny he did it. If hisworks do not work, he is damned.”
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President Herbert Hoover

5.1 DESIGN MOTIVATION

Aircraft performance analysisisthe science of predicting what an aircraft can do; how fast and high it can fly,
how quickly it can turn, how much payload it can carry, how far it can go, and how short arunway it can safely use for
takeoff and landing. Most of the design requirements which a customer specifies for an aircraft are performance
capabilities, so in most casesit is performance analysis which answers the question, “ Will this aircraft meet the
customer’ s needs?’

5.2 EQUATIONSOF MOTION

Figure 5.1 shows the forces and geometry for an aircraft in a climb. The flight path angle, g is the angle
between the horizon and the aircraft’s velocity vector (opposite the relative wind.) The angle of attack, a, is defined
between the velocity vector and an aircraft reference line, which is often chosen as the central axis of the fusdage
rather than the wing chord line. The choice of the aircraft reference line is arbitrary. The designer is free to choose
whatever reference is most convenient, provided care is taken to clearly specify this choice to all users of the aircraft
performance data. Thethrust angle, ar, isthe angle between the thrust vector and the velocity vector. Thiswill not, in
general, be the same as a, since the thrust vector will not generally be aligned with the aircraft reference line.

Horizon

Figure5.1 Forceson an Aircraft in a Climb

The equations of motion for the aircraft in Figure 5.1 are derived by summing the forces on the aircraft in two
directions, one paralld to the aircraft’s velocity vector and one perpendicular toit. These directions are convenient
because lift was defined in Chapter 3 as the component of the aerodynamic force which is perpendicular to the velocity
vector, and drag was defined as the component parallel to velocity. The summation paralld to the velocity is:

4 F = ma=Tcosar - D- Wsing (5.1)

where misthe aircraft’'s mass and a is its instantaneous acceleration in the direction of the velocity vector. The product
ma is equated to the sum of the forces on the aircraft in accordance with Newton’s Second Law of Maotion, F = ma. The
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acceleration perpendicular to the velocity vector isthe centripetal acceleration, v% , Wherer istheradius of turnif the

aircraft isturning. The summation perpendicular to velocity is:
éFA :v%:TsinaT +L - Wcosg (5.2

Note that the above summation assumes that all forces on the aircraft are in the vertical plane of the drawing.
Therefore, if the aircraft isturning, it isturning in the vertical plane (e.g. doing aloop.)

Equations (5.1) and (5.2) can be modified to apply to a variety of aircraft maneuvers and flight conditions. For
instance, if theaircraftisin adive (g< 0), the same equations still apply. For many aircraft, it is acceptable to assume
that the thrust vector is approximately aligned with the vel ocity vector, so that at = 0. Thissimplifies (5.1) and (5.2)
becausesin ar = 0and cosar =1. Thisapproximation will be used in the remainder of the performance analyses
discussed in this text.

A very simple but extremely useful condition isthat of steady, level, unaccelerated flight (SLUF). For SLUF,
g= 0 and both components of acceleration are zero, so (5.1) and (5.2) simplify to:

T=D, L=W (5.3)

Methods for predicting the aerodynamic forcesin (5.3) were discussed in Chapter 4. For the purposes of this
chapter, the aircraft weight will be given as the sum of the aircraft empty weight, W, the weight of the fuel, W;, and the
weight of the payload (including pilot and crew), W:

W=Ws+ W +W (5.4)
p

Assume for analysis of aircraft that the acceleration of gravity is constant at 9.8 m/s? (32.2 ft/s”) and does not vary
significantly with altitude. Thisleavesthrust asthe only quantity in (5.3) which has not been discussed yet.

53 PROPULSON

The production of thrust is a topic that could easily occupy an entire chapter and or even an entire book. Its
treatment here will be limited to the general concepts needed to predict aircraft performance.

Propulsion Choices

The aircraft designer has awide range of choices for propulsion systems. Each one has characteristics which
make it most suitable for particular flight regimes. One of the characteristics of most interest isthe ratio of an engine's
sea level output to its own weight, Tg /Weg. Another is the engine's thrust specific fuel consumption, TSFC, which is
theratio of rate of fuel consumption to thrust output:

W,
TSFC = ?‘ (5.5)

TSFC is also frequently represented by the symbol ¢,. If fuel consumption rate has units of Ib/hr and thrust isin pounds,
then TSFC has units of reciprocal hours. An engine which is deemed suitable for a particular flight regime would have
ardatively high Tg /W and arelatively low TSFC in that regime. Figures 5.2 and 5.3 show the variation of Tg/Weng
and TSFC with Mach number for several types of engines. Figure 5.4 shows common oper ating envelopes (ranges of
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operating altitudes and Mach numbers) of common engine types. Each engine typeis described in more detail in the

paragraphs bel ow.
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Figure5.4 Aircraft Propulsion System Operating Envelopes (Adapted from Reference 2)

Piston Engines

The power plants of most aircraft from the days of the Wright brothers to the end of World War Il were
internal combustion piston engines. These devices produce power by mixing air and liquid fuel asthey are drawn into
variable-volume chambers or cylinder s, then compressing and burning the mixture. The explosiveincreasein the
pressure of the burned mixture is converted into power by allowing the gas to push a piston or similar moveable wall of
each chamber. The motions of the pistons are converted into rotary motion by linkages called connecting rods which
push on a crank shaft in much the same way a bicyclist’ s foot pushes on a bicycle pedal. Figure 5.5 illustrates the
components and action of a simple single-cylinder piston engine. Rotary engines achieve the same effect, although
their inner workings are different. They have essentially the same performance characteristics as piston engines.

Spark Plug
Fuel/Air Mixture I

Intake Stroke Compression Stroke Power Stroke Exhaust Stroke

Figure 5.5 A Single-Cylinder Reciprocating Piston Engine Power Cycle

The power produced by a piston engine varies with the size and number of cylinders, the rate at which the
crank shaft rotates, and the density of the air it isusing. Engine shaft power (SHP) ratings are normally expressed as
hor sepower (1 hp = 550 ft Ib/s) or kilowatts in standard sealevel conditions at a specified maximum rotation rate given
in revolutions per minute (RPM). In general, the shaft power available from a piston engine will be the sea level
rated power adjusted for non-standard density, if the engine is allowed to rotate at its rated RPM (the RPM at which it
is designed to operate).

SHPaai = SHPy " (5.6)

Ns

The power produced by a piston engine is converted into thrust by the propeller. Thisdeviceis composed of
two or more blades (really just small wings) attached to a central shaft. Asthe propeller isrotated by the engine, the
blades move through the air like wings and create lift in a direction perpendicular to their motion (parallel to the shaft).
The component of thislift created by the propeller which is directed along the propeller shaft isthrust. The concept is
illustrated in Figure 5.6
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Figure 5.6 Propeller Configuration, Geometry and For ce Diagrams

The propeller is not 100% efficient at converting engine shaft power into thrust. A portion of the engine's
power is used to overcome the aerodynamic drag (form drag, induced drag, and in some cases wave drag) of the
propeller blades. A constant speed propeller isdesigned so that the angle of attack or pitch of the blades can be
adjusted to maintain a constant engine RPM. This feature helps keep the propeller’ s efficiency high over a wider speed
range. The variable pitch capability can also be used to allow the engine to turn at its rated RPM, regardless of the
aircraft’s speed. The efficiency of the propeller, hp, is defined as:

he= THP/ SHP (5.7)

where:
THP=T'V (5.8)

isthethrust power of the engine. Charts are usually available which give propeller efficiency and/or thrust asa
function of air density, the aircraft’ s velocity, and the engine RPM. When this type of data is not available, assume hp
= 0.9 for agood constant speed propeller at the engine rated RPM and aircraft speeds below 300 ft/s. The available
thrust of the engine/propeller combination isthen given by:

P

\%

Ta= HPy r h (59)

Ns

Turbojet Engines

Propellers become very inefficient at high subsonic speeds, and no practical supersonic propellers have ever
been devel oped. Propulsion for the high subsonic, transonic, and supersonic flight regimesis usually provided by either
turbojet or turbofan engines. These power plants produce thrust without using a propeller. Figure 5.7 illustrates a
schematic diagram of atypical turbojet engine. Asshown in Figure 5.7, aturbojet engine takes air in through an inlet
diffuser. Thediffuser isdesigned so that its cross-sectional areais greater at its downstream end. This causesthe
velocity of the air flowing into the inlet to decrease and its static pressureto increase. A compressor then increases the
static pressure further asit deliversthe air to the combustor or burner. Fuel is mixed with the air and burned in the
combustor. The hot gases are exhausted through a tur bine which acts like awind mill to extract power to turn the
compressor through a shaft. Then the gases flow out of the engine through a nozzle which causes them to accel erate
until the static pressure of the exhaust approximately equals the ambient air pressure.
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5.7 Turbojet Engine Schematic

Because of the energy which has been added to the air by the burning fuedl, the velocity of the gases exiting the
engine is much higher than the velocity of the air entering at the inlet, even though the static pressures are nearly the
same. According to Newton’s Second Law, this rate of changein the flow momentum can only occur if the engineis
exerting anet force on the air. By Newton’s Third Law, for the action of the engine force on the air, thereis an equal
and opposite reaction force of the air on the engine. Sincethe air is accelerating to the rear, the reaction forceis toward
thefront. Thisreaction forceisthethrust generated by a jet engine. It isproportional to the rate at which the
momentum of the air flowing through the engine is changing:

T=m(Ve-Vy) (5.10)

where Misthe mass flow rate through the engine, V, is the vel ocity of the exhaust gases, and V, isthe free stream
velocity. Notethat M in (5.10) includes the fuel which flows through the engine, and itsinitial velocity is zero relative
to the aircraft, not V, . Also, if the pressure of the exhaust gasesis not the same as the pressure at the front of the
engine, pressure thrust or drag is created. These two effects are generally small and will beignored in this discussion.

Equation 5.8 suggests how the thrust of a turbojet engine varies with altitude and velocity. Asaltitude
increases, density decreases. For the same velocity and engine inlet geometry, M=r AV (Equation 3.1) also decreases.
Therefore, maximum thrust varies with air density:

e&er 0
T, =T, &_E, (5.11)
S

AsV, increases, malsoincreases. Simple turbojet engines with fixed exhaust nozzles are frequently designed
so that when the engineis running at full power, the exhaust velocity is the speed of sound, a (in the hot exhaust gases).
Changing V, doesnot affect Vo= &, S0 (Ve- V ) decreases.  The net result of increasing mand decreasing (Ve- Vy ) is
that thrust stays approximately constant with vel ocity.

Afterburners

The amount of energy which can be added to the gases flowing through a normal turbojet engineislimited by
the temperature which the gases may safely have when they flow through the turbine. Excessive gas temperatures cause
turbine blades to fatigue or deform and fail. However, once the gases have passed through the turbine, it is possible to
mix more fuel with them and burn it to increase the exhaust velocity. The engine component which doesthisis called
an afterburner. The afterburner is not as efficient in converting heat into kinetic energy as the main engine, so TFSC
increases when afterburner isused. A typical afterburner might increase engine thrust at full throttle by 50%, but
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increase fuel flow rate by 100%. Full thrust from an afterburner-equipped engineis called wet or maximum thrust
when the afterburner is operating and dry or military thrust when the afterburner is off. Figure 5.8 illustrates a turbojet
engine with an afterburner.

Low-Pressure Low-Pressure
Inlet Compressor Turbine Afterburner Flameholders Nozzle

L/ L L
- |

\ = \
N\ / /
High-Pressure  Hjigh-Pressure Afterburner
Compressor Turbine

Afterburner Fud Injectors

Figure 5.8 Schematic of a Turbojet Engine with Afterburner

Theturbojet enginein Figure 5.8 has two spools. A spool isacompressor and turbine which share a common
shaft and therefore rotate at the same speed. The spools rotate independently of each other, so that in a correctly
designed engine, each rotates at its best RPM. This makes the engine more efficient over a broader range of throttle
settings, producing more thrust with alower TSFC.

Jet engines with afterburners generally have variable area exhaust nozzles. Thisis because the nozzle area
required to get exhaust gas static pressure approximately equal to P, when the afterburner is not working is
significantly different than the exit arearequired when it ison. These nozzles are also typically shaped so that V. is
greater than the speed of sound, and V. increases with increasing V, during afterburner operation. Asaresult (Ve-

V, ) stays more nearly constant, and the increasing m with increasing V, causes thrust to also increase. Thelimit to

this steady increase with increasing flight speed in afterburning turbojet engine thrust is typically caused by flow
separation and/or shock waves which occur at high Mach numbersin front of and inside the engineinlets. These flow
disturbances cause total pressure losses which reduce the engine thrust. Internal structural and temperature limits also
play arolein limiting the increase in afterburning turbojet thrust with increasing Mach number at low altitudes.
Figure 5.9 illustrates the variation of wet and dry thrust with altitude and Mach number for atypical afterburning
turbojet. The reduction in the dope of the thrust curve of this engine in afterburner at sealevel for M > 0.75islikely
due more to internal structural limitsin the engine than inlet shock wave or flow separation effects. A simple
approximation for the variation of afterburning turbojet thrust with altitude and Mach number is given by:

T, =T, aerLg(l +0.7My) (5.12)
S
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Figure 5.9 Variation of Afterburning Turbojet Thrust with Altitude and Mach Number (Adapted from
Reference 3)

Turbofan Engines

To reduce the TFSC of aturbojet engine, one of the engine' s spools may be connected so that it drives alarger
compressor or fan at the front of the engine. Some of the air drawn in and accelerated by this fan does not flow through
the engine cor e (compressor, combustor, and turbine). The air from the fan which does not flow through the coreis
called bypass air. The ratio of the bypass mass flow rate to the mass flow rate of the air flowing through the coreis
called the bypassratio. A turbofan is more efficient and therefore has alower TSFC because it accel erates more air
(bypass air in addition to core air) for the same amount of fuel burned. Turbofan efficiency increases with increasing
bypass ratio, but so does engine size and weight. Figure 5.10 illustrates two types of turbofans. The one on the left has
ardatively low bypass ratio, and all of its bypass air flows with the core air into an afterburner. The turbofan on the
right has a much higher bypass ratio and no afterburner.
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Figure 5.10 Schematics and Characteristics of Two Typical Turbofan Engines

The variation with altitude of the thrust of turbofans generally follows (5.11). The variation with Mach number
dependsin part on the bypass ratio. Low-bypass-ratio turbofans behave much like turbojets. High-bypass-ratio
turbofans, on the other hand exhibit a rapid decrease in maximum thrust output with increasing velocity at low altitudes.
Figure 5.11 compares thrust curves for an afterburning turbofan with a bypass ratio of 0.7 with those for a non-
afterburning turbofan with a bypass ratio of 5.
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Figure5.11 Thrust Curvesfor Two Types of Turbofans (Adapted from References 4 and 5)
Note that the thrust curvesin Figure 5.11(a) reach maximum values at about M = 1.6 and then begin to

decrease. Thisis due to shock waves which form inside and in front of the inlet, causing flow separation and loss of
total pressure. Inlets can be designed to operate efficiently at a particular Mach number in spite of the shock waves. At
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this design M ach number, the shock waves interact with the shape of the inlet to achieve the best possible conservation
of total pressure asthe flow dowsdown in theinlet. Some inlets have the capability to change their shape so that they
operate efficiently over a much wider range of Mach numbers. This feature makes the inlets much more expensive, but
it is essentia for aircraft which must fly efficiently above M = 2.0 or so. Theinlet for the engine of Figure 5.11(a) hasa
fixed geometry with a design Mach number of about 1.5. Thrust curves for the same engine with a variable geometry
inlet would extend to much higher Mach numbers before bending over. Non-afterburning and afterburning low-bypass-
ratio turbofan thrust variation may modeled with (5.11) and (5.12) respectively. The variation of high-bypass-ratio
turbofan thrust is approximated by:

_2®01o_ er 0 5.13
e, s & Lo o1
Turboprops

A turboprop powerplant replaces the fan of the high-bypass-ratio turbofan with a propeller. Its operating
characteristics at full power are similar to high-bypass-ratio turbofans and it typically has alower TSFC. However, the
turboprop loses thrust at high speeds more like a piston engine/propeller powerplant. Thrust-to-weight ratio for a
turboprop is generally higher than for a piston engine, but TSFC isusually higher also. Turboprops are usually designed
so that the high-energy air from the burners expands almost completely to ambient static pressure in the turbines, so that
amogt all of the energy is converted into shaft power. Therefore, the sealevel maximum power ratings of turboprops
are given as SHP rather than thrust. Any additional thrust produced by a turboprop engine' s exhaust isincluded in the
sea level power rating at therate of 8 N of thrust per kW (2.5 pounds of thrust per horsepower). A turboprop power
rating corrected in thisway is called an effective shaft power (ESHP). Turboprop thrust available may be
approximated as:

Ta=ESHPg &r Oh, (5.14)
rq@V,

Ramjets

At very high Mach numbers, the air which enters a jet engineinlet is dowed and compressed so much that the
turbomachinery (compressor and turbine) is not really needed and may be eliminated. Theresulting engineislittle
more than an afterburner connected to theinlet. Thisdeviceiscalled aramjet, because the air is compressed by ram
effect. Ram effect isthe increased static pressure which results when the air is slowed by theinlet. A ramjet can’t
function at low speeds because the compression of air initsinlet is not sufficient. This requires ramjet-powered aircraft
to be accel erated to operating speed by some other propulsion system. At Mach numbers above about 3.0, however,
ramjets are more efficient than afterburning turbojets, and they have much higher thrust-to-weight ratios.

Rockets

For extremely high speeds and for space flight, rocket engines are used. These have the advantage of carrying
their own oxidizer with them, so that they do not havetotakein air at all. At such high speeds, slowing the air enough
to add fuel and burn it would result in impractically high pressures and temperatures. On the other hand, the
requirement to carry oxidizer adds significantly to the size and weight of rocket-powered vehicles. Rocket engines may
be either solid-fueled or liquid fueled. Solid-fueled rockets are very simple, quite like fireworks rockets. The solid fuel
contains its own oxidizer. Itisplaced in acontainer with anozzle at oneend. Thefue isignited at the nozzle end and
burnsinside the container. The hot gases are forced by their high pressure to flow out the nozzle at very high speeds.
The acceleration of the fuel/oxidizer is an action of the engine for which the thrust force isthe reaction. Thisforceis
largely independent of the vehicle sflight velocity.

Liquid-fueled rockets are al'so quite smple, just a combustion chamber and nozzle, with pumps and linesto
supply the fuel and oxidizer from storage tanks. This makes the thrust-to-weight ratio for rocket engines quite high.
TSFCisalso quite high (about 9 /hr for liquid-fueled and 16 /hr for solid-fueled rockets, including both fuel and
oxidizer). The high temperatures of rocket engine exhausts make it difficult to design variable nozzles for them. With a
fixed nozzle, rocket engines must be designed to operate best at a particular atitude and Mach number. Performance at
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other than the design conditionsis often poor. These limitations make rocket engines practical for use only in spacecraft
and extremely high-speed aircraft.

Thrust M odel Summary

Table 5.1 summarizes the equations which will be used in all performance calculations as models for the
variation of thrust with density and Mach number or velocity. More detailed thrust, TSFC, and engine cycle models
may be found in Reference 6.

Table5.1 Thrust Modelsfor Several Propulsion Concepts

Type Thrust Mode
Piston Engine/Propeller Ta= HPg L hp (5.9
a Y
Turboprop Ta=ESHPg &1 Oh, (5.14)
rq@Vy
High Bypass-Ratio Turbofan 2e0106_ er o (5.13)
(UseM = 0.1 thrust for all M < 0.1) Ta “EML o &L o -
Turbojet and Low-Bypass-Ratio Turbofan er o 5.11
Dry (No Afterburner) Ta=Ta Sr__ G40
Wet (With Afterburner Operating) T, =T, ger 0(1+07M,) (5.12)
Notes:
(5.9) and (5.12) Assumeh, =0.9. SHP and ESHP in ft Ib/s or watts. UseV, =1forV, =0.

(5.11) vaidonlyfor My <0.9.

TSFC Models

The operating characteristics and limitations of propulsion systems which determine TSFC are very complex.
However, the TSFC curvesin Figure 5.3 show that for the majority of aturbojet or turbofan engine' s operating envelope
(asshown in Figure 5.4), TSFC varies only mildly with Mach number. Piston and turboprop engine TSFCs vary with
Mach number, but power specific fuel consumption, the fuel flow required for a given power output, remains relatively
constant with Mach number and with variationsin air temperature. Power specific fuel consumption is usually called
BSFC (for brake specific fuel consumption) becauseit is measured as the brake power output for a given fuel flow.
Brake power is measured by connecting the engine to a brake which absorbs power and measures the engin€e' storque
and RPM. Sincethe propeller is not involved in this measurement, propeller efficiency must be included to determine
fuel consumption for a given thrust power output.

Small variationsin TSFC and BSFC with Mach number and air temperature will be ignored in thistext.
Because of internal temperature and material strength limitations, a much more significant variation of TSFC with air

temperature occurs for turbine engines. TSFC values for turbine engines generally vary according to the following
relationship:

T (5.15)
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Note that the ratio of the square roots of the absolute temperaturesin (5.17) may also be expressed, using (4.23) asthe
ratio of the speed of sound in ambient conditions to the standard sea level speed of sound:

®a 6 (5.16)

© =% Sas

Installed Thrust and TSFC

For avariety of reasons, the thrust produced by an engineis frequently lesswhen it isinstalled in an aircraft
than when it istested uninstalled. Some of the sources of this thrust loss include viscous losses in the inlets, loss of
momentum of cooling air, power and compressed air bleed requirementsto run engine accessories, etc. Whenever
possible, use ingtalled sea level thrust and TSFC ratings supplied by manufacturers as the reference values for thrust and
TSFC models. However, if only uninstalled ratings are available, decrease thrust and increase TSFC by 20% to
approximate the installed values. This correction only applies to turbine engines. All of the thrust and TSFC values
shown in Figures 5.2, 5.3, 5.9, and 5.11 are installed values.

Example 5.1

A new afterburning low-bypass-ratio turbofan engine produces 15,000 Ib of thrust in military power and 22,000
Ib of thrust in afterburner in static, sealevel conditions. 1t's TSFC for these conditionsis 0.8 /hr in military power and
2.2 /hr in afterburner. What are its military and afterburner thrust and TSFC at h = 20,000 ft and M = 0.8?

Solution: Since only an altitude is specified, standard atmosphere conditions will be assumed. From the standard
atmosphere table, for an altitude of 20,000 ft, r = 0.001066 slug/ft®> and a = 1036.9 ft/s. For military power, the thrust at
20,000 ft is given by (5.11):

5 001 ft2 o
T.=To ¢—2=150001b gooo 066 dug /1t ¢
rq@ 0.002377 dug / ft* @

= 6,726 Ibin military power

The military power TSFC is given by (5.16):

c, = ¢ Fao. (08 /hr) g036.91/S0 _ 74 /pyrin military power
s &ag o §1116.2 ft /o

Similarly, thethrust in afterburner is predicted by (5.14):

T, =T, & 91+ 0.7My)= 29000 b 2200699/ 01 + 0,7 (0.8)) = 15,391 Ib in afterburner
At ’ €0002377 dug/ ft* g

and the afterburning TSFC is:

¢ =oc, geig: (2.2 /hr)aé.036.9 ft/so _

%—. 2.04 / hr in afterburner
ag @ 1116.2 ft/ s@

54 DRAG CURVES

Consider again the case of steady, level, unaccelrated flight with the thrust vector aligned with the velocity.
Figure 5.12 illustrates this situation:
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Figure5.12 Steady, L evel, Unaccelerated Fight

If the aircraft isin steady flight, not accelerating, lift must equal weight and thrust must equal drag. Thelift
requirement can be used to determine the required lift coefficient at any free stream velocity or Mach number:

L=W=C,gS (5.17)
c =N (5.18)
as

Once C, isknown, the aircraft’ s drag polar can be used to determine Cp and then D at that velocity:
C,=C, +kC* D=C,0S (5.19)

Note that the drag polar used is from an aircraft for which k, = 0. This simplifies the performance analysis. Asa
convenience the subscript on k; isdropped. The effect of a non-zero k, will be discussed at the end of this chapter.

If the calculation of drag is performed for arange of velocities, and for a fixed aircraft weight and altitude, a
drag curveis generated. Thedragisaso called thrust required, Tgr, sinceit isthethrust required from the engineto
sustain steady, level flight for the given conditions. Figure 5.13 shows a drag curve for atypical subsonic aircraft. The
drag is shown as the sum of parasite drag and induced drag. Note that parasite and induced drag are equal, each
making up half thetotal drag, at the point on the curve where drag is a minimum. The curves are not drawn for
velocities below the aircraft’ s stall speed, since the assumption of steady, level flight could not be met below Vg A
thrust available model for an appropriately sized non-afterburning low-bypass-ratio turbofan engine (Equation 5.10) is
also shown on Figure 5.13. The thrust and drag curves are not drawn for vel ocities much faster than the speed where
thrust available equals thrust required, because the aircraft would not have enough thrust to sustain steady, level flight at
those speeds. The speed where thrust available and thrust required are equal isthe maximum level flight speed, Viax,
for the aircraft for these conditions.

Thethrust and drag curvesin Figure 5.13 are not drawn for V < 70 knots. Thisis because, for this particular
aircraft, the values of C which would be required to maintain level flight at speeds below 70 knots exceed the aircraft’s
CLmax . The speed wherethevalue of C, required in order to maintain level flight isjust equal to CLmax iscalled the

aircraft’ s stall speed, Vga. An expression for Vg can be derived by substituting CLmax for C_in (5.18):
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Figure5.13 Thrust Available and Thrust Required for a Subsonic Jet Aircraft

2W
Vaall = | (520)
r SC_

If, asin Figure 5.13, the aircraft has sufficient thrust to maintain level flight at low speed, then the plane' s minimum
level-flight speed, Vimin = Vgan. However, for many aircraft, Viin > Vg because thrust required exceeds thrust
available at low speeds. Figure 5.14 illustrates both situations.

2500 2500
2000 Thnt Avelee / 20001
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g g Lo
fa} Vi a .
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@ 7]
2 2
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True Airspeed, knots True Arspeed, knots
(a) Stall or Buffet Limited (b) Thrust Limited

Figure5.14 Two Possible Ways that V., May Be Limited
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Example 5.2

An aircraft with Cp, = 0.020, k; = 0.12, and k; = Oisflying at h = 30,000 ft and M, = 0.8. If the aircraft hasa
wing area of 375 ft? and it weighs 25,000 Ibs, what is its drag coefficient and how much drag isit generating? If the
aircraft isin steady, level, unacceerated flight (SLUF), how much thrust isits engine producing? If its C e = 1.8,
what isits stall speed at that altitude?

Solution: The atmospheric conditions for this situation are obtained from the standard atmosphere table for h = 30,000
ft asr = 0.00089 slug/ft® and a = 994.8 ft/s, so:

V, = M,a=(08)(9948ft/s) = 795.8ft/s
and:
q=r V?=_2(0.00089 slug / ft*)(795.8)* = 2818 Ib / ft?
S0, using (5.18):
w 25,000 lbs

- = 0.2366
qS (2818 Ib/ ft?)(375 ft?)

C =
and, using (5.19):

C, =C,, +kCZ=0020+ 012 (0.2366)2 = 0.027
D = C, gS = 0.027 (2818 Ib/ ft?)(375 ft) = 2,823 Ib

If the aircraft isin SLUF, then:
T=Tr=D=28231b

Finally, its stall speed in SLUF is given by (5.20) as:

Vear = 2w = 2 (25,0300 i) 2 =2885ft/s
rSC__ (0.00089 dug/ ft*) (375 ft*) (18)

5.5 POWER CURVES

For propeller-driven aircraft, engine performance is specified in terms of power. A chart is easily developed
which isanalogousto Figure 5.13, but with drag expressed as power required, Pg, using the relationship:
Pr=Tr Vy, =D "V, (5.21)

Figure 5.15 illustrates a power required curve for atypical propeller-driven aircraft. The power available model for an
appropriately sized reciprocating engine/propeller combination, obtained by multiplying (5.7) by V., , isalso plotted on
thefigure. The airspeed where power available equals power required isthe aircraft’s Vyax for that altitude and aircraft
weight. For a propeller-driven aircraft, the airspeed where power required is a minimum is, among other things, the
speed at which the aircraft can maintain leve flight at that altitude and weight with the minimum engine throttle
setting.

Power curves are also useful in predicting the performance of turbojet- and turbofan-driven aircraft. Figure
5.16 illustrates power available and power required curves for the same aircraft whose thrust available and thrust
required curves are shown in Figure 5.13. The curves are obtained by multiplying thrust and drag at each point by the
free stream velocity. Note that minimum power required occurs at a lower velocity than minimum thrust required.
Thrust and power curves are extremely useful tools for aircraft performance predictions.
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Figure5.16 Power Available and Power Required for the Jet Aircraft of Figure 5.13

Example 5.3
What is the power required for the situation in Example 5.17

Solution: Power required is given by (5.21):

Pr=Tr" Vy =D "V, = (2,8231b) (795.8ft/<s) = 2,247,000 ft Ib/s = 4,084 horsepower !
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5.6 RANGE AND ENDURANCE

For many aircraft, the ability to fly for long distances and/or long periods of time are among the most important
design requirements. It is hard to imagine an airline buying atransport aircraft that has to land every 100 milesto
refuel, aresources agency buying a pollution monitoring aircraft which can only stay on station for an hour at atime. or
an air force buying afighter which requires multiple refuelings from tanker aircraft to completeits mission. Itis
common to see airliners fly non-stop from Chicago to Frankfurt, Moscow, or Tokyo, but these capabilities had to be
specifically designed into the aircraft. The range and endurance which an aircraft can achieve depend on its
aerodynamics (primarily, its drag polar), the characteristics of its propulsion system, the amount of fuel the aircraft can
carry, and theway it is operated.

Turbojet and Turbofan Aircraft Endurance

Since TSFC is modeled as constant with Mach number for turbojets and turbofans, the drag (thrust required)
curve of Figure 5.13 may be viewed as a fue flow required curve, since multiplying the drag values everywhere by a
constant value of ¢; would change the scale but not the shape of the curve. . For a given thrust required and a specified
DW; (theweight of fuel available to be burned) the enduranceis given by:

E=DW = DW (5.22)

W g

Equation (5.22) makesit clear that maximum endurance for aturbojet or turbofan aircraft is achieved for
maximum fuel weight and minimum TSFC when the aircraft flies at the speed for minimum drag or thrust required.
Sincethe drag curve of Figure 5.13 was computed assuming a constant weight and lift equal to weight, the minimum
drag condition is also the condition for maximum lift-to-drag ratio, (L/D)max . The parameter (L/D)max IS ameasure of
an aircraft’ s efficiency. Its value may be determined by recalling that for the airspeed for minimum drag, parasite drag

and induced drag are equal, so:
C, =kC?, s0C.= |Ce, andCp=2C,
0 k 0

gy - a0 = 1 (5.23)
&0, &C,o, 2/kC,

then:

Equation (5.23) isnot very useful in its current form for predicting endurance, because the aircraft’ s weight,
and therefore its drag, will change asit burns fuel. An approximate endurance estimate may be made by using the
average aircraft weight for the endurance problem to calculate an average drag:

E= DW (5.24)

Equation (5.24) is known as the aver age value method for predicting endurance, and the accuracy of its resultsis often
quite good. For a more accurate prediction of endurance, it is necessary to write (5.22) in differential form and then
integrate it with respect to the weight change:

dt= - aw
¢ D
or:
W
daw
E=. A (5.25)
2D

Note that the negative sign on dW s required because the burning of a positive amount of fuel in (5.22) resultsin a
negative change in the aircraft’ sweight. At this point, it is difficult to integrate (5.25) because a relationship between
weight and drag has not yet been established. If it is assumed that the endurance task is flown at a constant aircraft
angle of attack, hence a constant C, and L/D, then using the fact that lift equals weight:
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¢ G 8V\4ﬂ

Equation (5.26) reaffirms the fact that maximum endurance is achieved for maximum fuel, minimum TS=C and
maximum L/D. Note that maintaining a constant value of C throughout the endurance task will require the aircraft to
fly sower asits weight decreases.

Turbojet and Turbofan Aircraft Range
Therange of an aircraft isits endurance multiplied by its velocity. For the average value method, Equation
(5.24) multiplied by velocity is:
DW, DW, (5.27)
R=E¥, = A, = .
G Duy Bl

V, 2

The quantity / in (5.27) has units of distance per pound of fuel, much like the “ miles per gallon” rating
CI Davg/v¥

used for automobiles. Indeed air nautical miles per pound of fuel is a parameter commonly used by pilotsin planning
flights. Maximizing this parameter will maximize the aircraft'srange. The ratio Doy /Ve isthe dopeof alinedrawn

on the thrust and drag vs velocity plot (Figure 5.13) from the origin to any point on the drag curve. Since Do/ Vs must

be minimized to maximize range, the line from the origin which has the lowest possible slope but still touches the drag
curveis used to identify the best range velocity. Figure 5.17 illustrates such aline and the maximum range airspeed it
identifies.

2500 +
2000 + .
2 Thrust Available /
& 1500 |
fa
'g
® 1000 + Thrust Required
g
E ‘
500 + ‘ ‘ V for Maximum - Vmax
- = 4 / Range /
0k—" " 1 A 1 1 ‘ : i |
0 50 100 150 200 250 300 350 400 450

V for

- True Airspeed, knots
MaximumEndurance

Figure 5.17 Airspeeds for Maximum Range and M aximum Endur ance

The average value method is an approximation, albeit often a good one. Aswith endurance, a more accurate
expression for range can be obtained by assuming angle of attack and L/D do not change, then writing (5.27) in
differential form and integrating with respect to weight:
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dx=V, di="WdW
D

0

2 W
R=. g LW _ 1 G WdW
wG DW ¢Cy . W
but to maintain aconstant C., V,, must change with changing weight, V, = ,/2W/r SC, , so:

1C dw _ 210%“’1dw
ch rsc C, W%

R_\/:s Ccy(v\{%v\é%) (5.28)

Equation (5.28) asserts that range is maximized when density islow (high altitude), TSFC islow (high altitude up to the
tropopause), the weight of fud available is high, and when CL]/Z/CD isamaximum or the reciprocal, CD/CLV2 ,isa

minimum. For the simplified drag polar with k, = 0, the condition for minimizing CD/CLV2 may be found by
expressing the ratio in terms of the drag polar, taking the derivative, and setting it equal to zero:

C, +kC?® ¢
C y2 _ D, L = D, 32
D/ L - - +kC
c* c” "

]/2 .
M:o:-lge% e 2mkc
dc, 26c Yg 2 0

L

0=-C, + 3kC?, o C, = 3kC,’ (5.29)

The validity of this conclusion can be confirmed by comparing Figure 5.17 with Figure 5.13. The point on Figure 5.17
where rangeis maximized is exactly the same point on Figure 5.13 where parasite drag is three times as great as
induced drag.

Example 5.4

A turbojet-powered trainer aircraft weighs 5,000 Ibs and isflying at h = 25,000 ft with 1,000 Ib of fuel on
board. It'sdrag polar isCp =0.018 + 0.095 C_ 2, itswing areais 180 ft*, and the TSFC of its enginesis 1.0/hr at sea
level. What isits maximum range and endurance to tanks dry at this atitude, and at what speed should the pilot
initially fly to achieve each?

Solution: Maximum endurance is achieved at the speed for (L/D)max . This speed can be determined by first calculating
the required value of C_ , then solving for the speed required to achieve L = W at that C_ :

= [So = (0018 =g 435
< Vooss

L=w=C,gS, q= W __ 50001b — =63861b/ft’
C_S 0435 (180 ft?)

and using r = 0.001066 at h = 25,000 ft obtained from the standard atmosphere table and the definition of g :
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= 346.1 ft / sfor maximum endurance

v o= [29_ 2 (6386 Ib/ ft?)
¥ 0001066 slug / ft®

Note that thisis only theinitial velocity for maximum endurance, and that as fuel is burned, the velocity for best
endurance will decrease. To calculate the maximum endurance time, it isfirst necessary to determine the magnitude of
(L/D)max using (5.23):

o -—ao - 1 = 1 =121
&0, &C,0, 2/kC, 2,/0095 (0018)

The TS-Cisalso predicted using (5.17) with a = 1016.1 at h = 25,000 ft and ag, e = 1116.1 ft/s obtained from the
standard atmosphere table:

0161 ft /55 _

5
T= lO/hr% ==091/ hr
11162 ft / s9

®& g 0
éawla/dg

Ct:Ct%\IeveI

Then the endurance is calculated using (5.26) with W, = 5,000 Ib and:

W, =W, - W =5,000Ib-1,0001b=4,000Ib

1

1C | @MO_ 1, &50001bo
¢ G

= 297 hr
g\/\éﬂ 091/ hr

E= n&2P0_ o
&4,000 Ib&

Similarly, the velocity for maximum range is obtained by solving (5.29) for C. and (4.3) for q:

C. =3kC? C = Co, _ [0018 = 0.251
Po L 3k \3(0095

W _ 5000lb
C_S 0251(180ft?)

=110.7 Ib/ ft?

q

= 4557 ft / s for maximum range

24 _\/ 2 (1107 Ib/ ft?)

V, = [— =
¥ r 0.001066 slug / ft*

As with the velocity for maximum endurance, the velocity for best range will decrease as fuel isburned. The value
calculated for C, isnow used to calculate Cp , after which the maximum range is predicted using (5.28):
Cp =0.018 + 0.095 C_ % = 0.018 + 0.095 (0.251)*= 0.024
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Note that the first term in (5.28) produces units of (ft/s) (Ib) ®°, while the second term has units of hrs, and the desired
ft/s

knot

answer isin nautical miles. It isnecessary to divide by the factor 1.69 —— to resolvethis.

Propeller-Driven Aircraft Endurance

Because fuedl consumption for piston engines and turboprops is proportional to power output, the power curves
are the best tools for determining a propeller-driven aircraft’s endurance and range. The average value method
prediction for the endurance of propeller-driven aircraft is.

E=BW = pw, = Dw (5.30)
W, c c
PR (avg) h Da\/g V¥

Where ¢ with no subscript is a commonly-used symbol for BSFC and hy,, isthe propeller efficiency factor. The speed
for maximum endurance of a propeller-driven aircraft is easily chosen from a power required curve such as Figure 5.14
as the speed for minimum power required. The more accurate form of (5.30) is:

W
E= \Aéh prop dw - Gh prop L d_W
w C DV w C DV, W

using the assumption of constant C,_, sothat \V,, = ,/2W/r SC

s -t e

MC;%\/TS(\/\Q% - V\{}/Z) (5.31)

c GC,

E=

Equation (5.31) is known as the Breguet endur ance eguation, named after a famous French aviation pioneer and
aircraft builder to whom the original derivation of the equation is often attributed. Equations (5.26) and (5.28) are aso
often referred to as Breguet equations, because they are derived in asimilar fashion. Equation (5.31) asserts that
maximum endurance is achieved for conditions of high propéller efficiency, low BSFC, high density (low altitude and
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temperature), high weight of fuel available, and a maximum value of the ratio CLB/2 /CD . That the maximum value of
thisratio is obtained for conditions of minimum power required is easily shown using the expression for power required:

W

Pr=Vy" D:V¥'7, but V, =/2W/r SC,, so
L
Co

constant
P, 5.32
R c/ \/ \/rscy CLV (632)
C C
D

Clearly from (5.32), P isminimized when C_¥?/C, isamaximum or thereciprocal, C,/C,**, isminimized. For
the smplified drag polar with k. = 0, the condition for minimizing C, /C, ** may be found by expressing the ratio in
terms of the drag polar, taking the derivative, and setting it equal to zero:

2
/o, = C,, +kC? _ C,

c C;2+kc’/2
L
w 0= EgeCD 0,18 k *
dC, 26C g %8C Mz
0=-3C, +kC* or 3C, = kC. (5.33)

This result can be confirmed by comparing thrust curves of Figure 5.13 with Figure 5.15, the power curves for the same
aircraft. The velocity for minimum power required is the velocity on Figure 5.15 where induced drag is three times as
much as parasite drag. Note that this speed is significantly slower than the speed for (L/D);ax -

Propeller-Driven Aircraft Range
To complete the discussion of range and endurance, the average value method expression for propeller-driven
aircraft range is obtained by multiplying (5.30) by V,

e o e o
R=V, E=Vv, MM =v, & ow  I=Vv,§ ow
W € C P s ¢ p, V1
%hprop req (avg) a %hprop avg ¥ a
R= DW, (5.34)
c
h Davg

prop

Sincethe form of (5.34) isidentical to that of (5.24), further analysis will produce essentially the same results for
propeller-driven aircraft range as were found for jet aircraft endurance. The Breguet range equation for propeller-
driven aircraft is:.
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R= Moo Gy | @40 (5.35)
c G 8V\4ﬂ

Equation (5.35) suggests that propeller-driven aircraft rangeis not influenced by air density (altitude), except to the
degreethat air density and temperature influences BSFC. Propeller-driven aircraft range is maximized by flying in
conditions which are characterized by maximum propeller efficiency, minimum BFSC, maximum weight of fuel
available, and minimum drag (maximum L/D or C/Cp). Recall that maximum L/D occurs at the speed where parasite
drag equalsinduced drag (C,, =k C.2).

Example 5.5

An aircraft is being designed to fly on Mars (where the acceleration of gravity is 3.72 m/s%) at an altitude where
r =0.01 kg/m®. Theaircraft will be powered by a piston engine driving a propeller. The engine has, when tested,
burned 50 kg of fuel and 400 kg of oxidizer in one hour while producing 104 kW of shaft power. The propeller
efficiency has been measured in Mars-like conditions at 0.85. Theaircraft’sdrag polar isCp = 0.03 + 0.07 C.? and its
wing areais 50 m%. What will be the aircraft’s maximum range and endurance at this altitude on 500 kg of propellants,
if its mass with propellantsis 1500 kg?

Solution: The atmosphere of Marsis composed almost entirely of carbon dioxide, so the term propellant refersin this
case to both fuel and oxidizer which the aircraft must carry and consume in order for the engine to operate. The BFSC
for this engine therefore must be based on total propellant consumption:

W, (450 kg/ hr)(3.72 m/ sz)

BSFC =c= = =161 N/ (kW hr)
SHP 104 kw

The C_ for maximum enduranceis obtained by solving (5.33):

3Co, _ \/3(0.03)

3C, = kC?, cLzJ »

(o]

then:

Cp = Cpo +kC2=Cpo +3Cpo = 4Cp, =0.12

Using 1,500 kg (3.72 m/s?) = 5,580 N asthe initial weight and 3,720 N as the final weight, the maximum enduranceis:

h %
E:ﬂCCL_ /2rS(VV2'}/2-VV1'}/2)
C D
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_ 085 kwhr (1137

J/2(001kg/ m*)(50 m?) §&3720N) 72 - (5580 N) /28

161 N 012
0030 kw h
= 0528\ S 82000 _ (00156 155 1
m-e N% ] w

Maximum range for piston engine/propel ler-driven aircraft is achieved at the speed for (L/D)imax, and the magnitude of
(L/D)max IS:

o -a&Lod - 1 = 1 =10.9
&D

8. &g, 2J/kC,  2J007(009

The maximum range is then given by (5.35):

ad580 N6

r Moo Co | @6 _ 085 kw hr 6
&3720NB

"¢ C, wp 161 N

(109) In

(1,000 N m/ s)(hr) 28600 /0,40

=0677 :
N & 1hr 2

5)

=987,000m = 987 km

Altitude Variations

The effect of altitude asit influences maximum range and endurance through changes to air temperature and
density werejust discussed. The choice of an appropriate cruising and/or loitering (max enduring) altitudeis an
important consideration for aircraft designers as well as pilots and crew members planning their flights. The cruising
and loitering altitude choices may be influenced by weather conditions, winds, traffic congestion (the Lear Jet and other
business jets are designed to cruise above the heavy jet airliner traffic at or near the tropopause), navigation and terrain
congtraints, training requirements, enemy threat system lethal envel opes and warning system coverage (for military
aircraft), and the cruise speed which can be achieved at a particular altitude. High speeds and short travel times are
among the most important advantages of aircraft over surface transportation. High cruise speeds allow airliners and
military aircraft to make more flights in the same time period and therefore generate more revenue or more combat
effectiveness. The effect of altitude on cruise speed for maximum range can be seen in Figure 5.18, which shows the
shift in drag and power required curves with changesin altitude. As altitude increases, the decreasing air density causes
V,, for maximum rangeto increase. This benefit islimited by the ability of the engine(s) to generate sufficient thrust,
increasing wind vel ocities with increasing altitude, the time and fuel required to climb to higher altitudes, and Mach
number effects.
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Figure5.18 Altitude Effects on Cruise Speed for Maximum Range

It is useful to note that the tangent to the power required curves drawn from the origin in Figure 5.18 (B)
corresponds to a horizontal line drawn on athrust required plot, tangent to the drag curve at the minimum drag point.
This reaffirms the fact that maximum range for propeller-driven aircraft occurs at the velocity for (L/D)max. It @S0
explains why a single lineis tangent to both power curves, since the magnitudes of minimum drag for a given aircraft at
a given weight do not change with altitude.

BCM/BCA

Aswas shown in Chapter 4, aircraft which are capable of flying at speeds near and above their critical Mach
number experience significant changesin their drag polars at high speeds. Therapid drag rise at the drag divergence
Mach number, just above M, in many cases reduces the speed for maximum range from that which would be predicted
by (5.25). Figure 5.19 showsthrust available and thrust required curves for an afterburning turbofan-powered
supersonic fighter aircraft. The afterburning and non-afterburning thrust avail able curves were generated using
Equations (5.10) and (5.13). Curveswere plotted for sealevel and for 45,000 ft MSL. The second altitude was chosen
because it is the altitude where the airspeed for (L/D)max €quals the airspeed corresponding to My; . If the aircraft has
sufficient thrust to fly at this altitude without using afterburner, the altitude where this condition is satisfied resultsin
the absolute maximum range for that aircraft. The altitude and speed for this optimum cruise condition isreferred to as
the best cruise Mach/best cruise altitude (BCM/BCA). Note that for the case shown, maximum range cruise airspeed
at 45,000 ft is about twice the maximum range cruise airspeed at sea level, but the drag isthesame. Since TSFC is
lower at 45,000 ft, the aircraft’ s range is more than doubled at the higher altitude. Note also that since the speed for
(L/D)max Varies with aircraft weight, the altitude and Mach number for (BCM/BCA) will change as the aircraft burns
fuel. A more complete discussion of BCM/BCA is contained in Reference 6.
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Figure 5.19 Afterburning Turbofan-Powered Fighter Aircraft Thrust and Drag Curves
at Sea L evel and at 45,000 ft

5.7 GLIDES

Figure 5.20 shows an aircraft in a power-off glide. The aircraft’s flight path angle, g, istaken as positive
downward, and the thrust is zero. With these changes, (5.1) and (5.2) smplify to:

éFHzrnaZO:-D+Wsing

D = wsing (5.36)
2 = 2/ =0= -
aFA—mv% 0=1L - Wcosg

L =Wcosg (5.37)

Horizon
g
~.o Aircraft
V' Flight Path

Figure 5.20 Aircraft in a Power-Off Glide
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Maximum Glide Range
To determine the aircraft speed which will produce the maximum glide range, first note in Figure 5.20 that the
aircraft’ s distance traveled through the air has two components, the vertical atitude lost in the glide, h, and the
horizontal distance or range traveled, R. For afixed initial atitude, the range is maximized when the magnitude of the
flight path angle isas small as possible. The limit to how small g can get while still sustaining steady flight is set by the
force balancein (5.36). Combining (5.36) and (5.37):
D 1 Wsng _

L L/D ~ Wcosg

— 5.38
R (5.38)

The messagein (5.38) isthat the aircraft will achieveitsflattest glide angle and its longest glide range when the aircraft
isflown at the speed for (L/D)max . Another useful result is:

>l

(5.39)

Olr

It is significant that weight isnot avariablein (5.39). Since, L/D isafunction of C_, and (L/D)m« IS achieved for a
specific value of C_, the velocity for maximum glide range increases with weight, but the glide ratio , R/h, does not
change.

Minimum Sink Rate

Of particular interest to those who design, build, and/or fly sailplanesisthe speed for minimum sink rate.
Sailplanes are unpowered aircraft which must be towed into the air, but which use vertical air currents to stay aloft for
hours or even days. They are able to do this because they are designed so that their minimum sink rate (minimum
downward vertical velocity in steady flight) isless than the upward vertical velocity of the air currents. Therefore,
although the aircraft is descending through the air mass, the air rising faster than the plane is descending through it, so
the plane s altitude increases. Figure 5.21 illustrates the components of a glider’s velocity relative to the air mass. Note
that sink rateis v, sing , which, from (5.36) is:

vV, D _Pg

w W

Snk Rate=V, sing = (5.40)

The significant conclusion from (5.40) is that the speed for minimum sink rate is the speed for minimum power
required, as defined in Sect 5.6.

Horizon

| =
Snk Rate =V, sinjg | | T 9
|

Figure5.21 Velocity Componentsfor an Aircraft in a Glide
Example 5.6
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A sailplane’ sdrag polar isCp =0.01 + 0.02 C%. It has amass of 500 kg and awing area of 20 m?. What isits
maximum glide ratio and minimum sink rate at sealevel, and at what speeds are these achieved?

Solution: The aircraft’'s maximum glideratio isequal to its (L /D )max -

&nd,. €ps, 2/kC, 2(00)(002)

The speed for (L /D )max IS determined by first finding the C for (L /D )max :

C. = /C_D = [001 = 0,707
k ooz

500 kg)|98 m/ s®
L:W:CL qS, g= W = mg :( g)( ~ )
C.S C_S  0707(20m?)

=3465N/m?

At sealevel, from the standard atmosphere chart, r = 1.225 kg/m®, so:

2
V, = 2q = 2(3465N / m3 ) =238 m /s for best gliderange
r 1.225kg / m

The velocity for minimum sink rateis the velocity for minimum power required, where:

I3C /
3CD0 = kCLZI CL = kDO = 3 (00021) =1.225

500 kg)(98 m/ &
L=W=C, ¢S, gq= W = mg :( g)( . )
C,S C S 1225(20 m?)

=200N / m?

At sealevel, from the standard atmosphere chart, r = 1.225 kg/m®, so:

2
V, = ﬂ: M:ls.lm/sfor minimum sink rate
r 1.225kg / m?

Since 3 Cp = k C,2 for this condition, Cp =4 Cp, and the drag at this speed is:
D = Cp qS =0.04 (200 N/m? (20 m?) = 160 N

Then the minimum rate of sink is given by (5.40):

V, D _V, D _ 181m/s(160 N)

= ~=059m/s
mg 500 kg (9.8 m/s%)

Minimum Sink Rate =
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Figure5.22 Aircraft ina Climb

58 CLIMBS

Figure 5.1 depicts an aircraft in aclimb. Assuming thrust is approximately aligned with the flight path vector,
and that the maneuver is a steady climb, the situation simplifiesto that shown in Figure 5.22. Equations (5.1) and (5.2)
simplify to:

4 F =ma=0=T-D- Wsng
sng _I-b (5.41)
w

2 = 2 =0= -
aFA—mv/ 0=L - Wcosg

L =Wcosg (5.42)

Maximum Climb Angle

The requirement to climb at maximum angle (maximum height gained for minimum ground distance traveled
isnormally the result of some obstacle (either trees, buildings, mountains, etc. or an altitude restriction imposed by a
regulatory agency) in the flight path which must be cleared. Equation (5.41) suggests that the maximum sustainable
climb anglewill be achieved for conditions which produce the maximum T - D and minimum aircraft weight. For non-
afterburning turbojets and low-bypass-ratio turbofans (thrust model Equation 5.10), maximum T - D will occur at the
velocity for Dy, and (L/D)max , Since thrust is constant with velocity. Maximum T - D for aircraft with other types of
propulsion systems can be found graphically by comparing thrust and drag curves.
Maximum Rate of Climb
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The requirement to climb at maximum rate normally stems from a need to quickly, and with minimum fuel
expenditure, get to higher altitudes where the aircraft’s maximum range and best cruise airspeeds are higher (and on a
hot day in Texas, wherethe air is cooler!) Asshown on Figure 5.22, the rate of climb is the vertical component of the
aircraft’s vel ocity:

V,(T-D) Pu-P
Rateof Climb=R/C=V, sng = ¥(W ): a”"""W = (5.43)

From (5.43) it is clear that maximum sustained rate of climb for propeller-driven aircraft (thrust model Equation 5.9 or
5.13) is achieved for the lowest possible aircraft weight and at the airspeed for minimum power required. For aircraft
powered by other types of propulsion systems, the airspeed for maximum rate of climb can be found by comparing power
available and power required curves. The speed where excess power (Payvail - Preg ) 1S greatest is the speed for maximum
rate of climb.

Example 5.7
What are the maximum angle of climb and maximum rate of climb at sea level for the aircraft described in
Figures 5.13 and 5.16, and the speeds at which these occur? Assume the aircraft weighs 6,000 Ib.

Solution: Maximum angle of climb occurs at the speed where T - D isamaximum. On Figure 5.13 this occurs at the
speed for Dyin , approximately 130 knots, since thrust available does not vary with velocity. Thedrag at this point is
approximately 400 Ibs, and the thrust is 1,800 Ibs, so:

T-D 183 - Do _ . 128001b - 4001b6 _

sng =——, =sin . t =135°
9w g Ew o & 600b &

Maximum rate of climb occurs at the vel ocity where Payii - Preq isamaximum. On Figure 5.16 this occurs at
approximately 223 knots. The power required at this point is approximately 240,000 ft [b/s and the power availableis
680,000 ft 1b/s. so:

Pavajl - Preq

Maximum Rate of Climb =

_680,000ftIb/s - 240,000ftIb/s

=733ft/s = 4,400 ft/ min
6,000 Ib

Ceilings

Design performance requirements for an aircraft may be specified in terms of a ceiling or maximum attainable
atitude. In Figures5.18 and 5.19 it is apparent that Payil - Preg 8Nd Tavail - Treq decrease with increasing altitude. At
some altitude, thrust available decreases to the point that it just equals the minimum drag. Max angle of climb and max
rate of climb are zero, and in fact the aircraft can only sustain this altitude by flying at the minimum drag airspeed.
Thisatitudeisreferred to asthe aircraft’s absolute ceiling. It isnot avery practical altitude since in theory it would
take an infinite amount of time for the aircraft to climb that high. Ceilings which are more commonly specified in
design requirements are the service ceiling, the altitude where a 100 ft/min rate of climb can be sustained, and the
combat ceiling, the altitude where 500 ft/min rate of climb can be sustained.

5.9 THRUST AND POWER CURVE SUMMARY
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Figure 5.23 compares the thrust and power curves of Figures 5.13 and 5.16, and marks on them the airspeeds
for various types of maximum performance. It isleft asan exercise for the reader to construct a similar summary chart
for propdler-driven aircraft.
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Figure5.23 Jet Aircraft* Thrust and Power Curve Comparison

The effects of atitude changes on cruise speed, range, endurance, angle of climb, and rate of climb have
already been discussed. Figures5.17 and 5.18 also show the increase with altitude in the speeds for minimum power
required and minimum drag. The magnitude of the minimum drag for an aircraft does not change with altitude, since
(L/D)max isnot afunction of altitude. The minimum power required increases with altitude, however, because although
the drag does not change, the speed at which it occursincreases

Changesin aircraft weight and configuration change the power required and thrust required curves. Figure
5.24 illustrates these changes for thrust required. Generally, changing aircraft configuration involves extending landing
gear, speed brakes, or high-lift devices; all of which increase Cp, without changing k significantly. High-lift devices
usually have the largest effect on k, and they also increase Cax , SO their effect on the curve is more complex. Figure
5.24 shows the effect of deploying speed brakes, spoilers, or landing gear which only increase Cp, . Note that parasite
drag isincreased at all speeds, but induced drag is unchanged. Since parasite drag islargest at high speeds, the net
effect isto shift the drag curve up and to the left. This reduces the speeds for all types of maximum performance, and
also reduces (L/D)max , best glide ratio, max climb angle and rate, maximum endurance, and maximum range. The
minimum sink rate increases with increasing Cp, .
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Figure 5.24 Changesto Drag Curves With Configuration and Weight Changes

Increasing weight changes the induced drag without changing parasite drag. Sinceinduced drag is greatest at
low speeds, the net effect is to shift the curve up and to theright. Thisincreases the speeds for all types of
maximum performance except Viax, and also reduces max climb angle and rate, maximum endurance (assuming the
weight added is not useable fuel), and maximum range (assuming extraweight is not fuel). The minimum sink rate
increases with increasing weight. Note that (L/D)mxand best glide ratio do not change with increasing weight, since the
aircraft ill flies at the same a and C,_ to maximize L/D. The component of weight in the flight path direction, Wsin g,
increases due to the increased weight just enough to overcome the increased drag. However, the airspeed for best glide
ratio increases due to the need for the wing to support greater weight at the same C_. The effects of weight and
configuration changes on power required curves are very similar to the curve shifts just described for thrust required.

5.10 TAKEOFF AND LANDING

Regardless of an aircraft’s design mission, it must takeoff and land to start and finish its flight. Almost every
conventional takeoff and landing (CTOL, as opposed to vertical takeoff and/or vertical landing using vectored thrust,
etc.) aircraft was designed to meet specified maximum takeoff and landing distances. The ability to use shorter runways
allows airlinersto serve smaller cities or fly from a small runway near the business district of alarge city, alight aircraft
toland in afarmer’sfield and park next to his house, and military aircraft to operate from improvised runways close to
the front lines or from established airfiel ds whose runways have been damaged.

Takeoff Distance

For an aircraft to takeoff, it uses excess thrust to accelerate to a safe flying speed. Normally an airspeed 1.2
timesthe aircraft’s stalling speed at its takeoff weight and configuration is considered safe to become airborne. This
safe flying airspeed is called takeoff speed, V0. At or just prior to reaching takeoff speed, the pilot raisesthe aircraft’s
nose to establish a pitch attitude and angle of attack called the takeoff attitude. Once the takeoff attitude is established
and the aircraft has sufficient speed, it generates enough lift to begin flying. Takeoff distance, then, isthe distance
required for the aircraft to accelerate to takeoff speed and rotate. Some aircraft design requirements specify a rotation
time, usually around three seconds, which must be allowed, and the distance covered by the aircraft added to the takeoff
distance after it has reached takeoff speed. Design requirements may also specify required takeoff performancein terms
of the distance required to accelerate, rotate, transition to a climb, and climb over an obstacle with a specified height.
Figure 5.25 illustrates these steps or phasesin a takeoff.
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Figure5.25 The Takeoff

The distance labeled s, in Figure 5.25 is the distance required for the aircraft to accel erate to takeoff speed.
If the pilot initiates takeoff rotation so asto reach the takeoff attitude at the point s,e , then the aircraft will lift off asit
reaches Vro. Keep in mind that some design specifications will force the designer to add three more seconds of takeoff
acceleration to the takeoff distance calculation beyond S, - This situation is shown in Figure 5.25 as Sro = Saceel *+ Srot
where s is the distance covered during the three-second rotation allowance. If the design requirement does not specify
arotation allowance, then sro = Siee. The analysis below will consider this ssmpler case.

Figure 5.26 illustrates the forces on an aircraft during its takeoff acceleration. Therolling friction of the
wheels on the runway is modeled as arolling friction coefficient, m multiplied by the normal force, N, exerted by the
aircraft on the runway and, as a reaction by the runway on the aircraft. Typical valuesfor the rolling friction coefficient
are0.02 - 0.04 for paved runways and 0.08 - 0.1 for turf.

Assuming the thrust vector is paralle to the surface of the runway and that the runway is level, summing theforcesin
the vertical direction yields:

éFA:mV%:OZN'FL'W, N=W-L (5.44)

and in the horizontal direction:
A F =ma=T-D-mN (5.45)

Combining (5.39) and (5.40) yields:

ma= @00 3 = T-D-mWio-L)
g o
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Figure 5.26 Forces During the Takeoff Acceleration

a=9v_ g[T- D- m(W, - L)] (5.46)
at W

where Wio isthe takeoff weight.  The velocity, V1, at any time, t;, during the takeoff acceleration is obtained by
integrating (5.46) with respect to time:

s adv
Vi=Q o (5.47)

If theinitial velocity at the start of the takeoff is zero and the acceleration can be approximated as being constant during
the takeoff, then (5.47) simplifies to:

4 dv d\/\tl
V1:Q Edt:EQ dt=a(t1—0)=at1 (5.48)

The time to compl ete the takeoff, to , is obtained by substituting the takeoff speed (the speed at which the airplane
leaves the runway), Vro , for V; in (5.49) and solving for tro :

o = VT%

Now, VTO =12 Vstall , SO:

Voo =12 | Mo (5.49)
r SC.
12 |2
N e ~ 12w 2W (5.50)
- g[T- D- mW- L)] ~ g[T- D- m(w- L)]\r SC__
w

For the same assumptions the takeoff distance, sro , is obtained by integrating (5.43) with respect to time:
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o o
sp=Q atdt=ag tdt=at,’ - 0=Saty, (5.51)

Substituting (5.46) and (5.50) into (5.51) yields:

_1 o[T- D- m(w- L)] 1442 W
° 2 W {dT- D- mw- L)} " SC..
S, 144W,o” (5.52)

i SC. q[T- D- m(W, - L)]

In practice, the force termsin (5.52) may vary significantly during the takeoff acceleration. Reasonable results can be
obtained by using an average acceleration, however. The average acceleration is obtained by evaluating the acceleration
forcesat 0.7 Vo, S0 that (5.52) becomes:

_ 144W,° (5.53)
r SC__g[T- D- m(W, - L]

Sro

0.7Vio

Equation (5.53) makesit clear that short takeoff distances can be achieved for high thrust, low weight , high Cyux With
low drag, large wing area, low rolling friction coefficient (good tires and a smoocth runway), and high density (low
altitude and cold temperatures). A further simplification may be used for aircraft with very high thrust available, nearly
equal to their takeoff weight. For these aircraft, the thrust is so great that the retarding forces are negligible by
comparison, and (5.53) simplifies to:

LA, (5.54)

oTrsc gt

Example 5.8

The non-afterburning turbojet engines of a Cessna T-37 jet trainer produce approximately 1700 Ib of installed
thrust for takeoff at sealevel, and its takeoff weight is6575 Ib. 1t's C nax=1.6 for takeoff and itsdrag polar in its takeoff
configuration is Cp, = 0.03 + 0.057 C/2. Itsreference planform areais 184 ft>. Normal takeoff procedure requires the
pilot to rotate the aircraft to the takeoff attitude just prior to reaching takeoff velocity, so for the majority of the takeoff
roll theaircraft's C. = 0.8. What will be the aircraft’ s takeoff distance at sea level with no wind?
Solution: Thrust for thisaircraft is very much less than its weight, so it is probably not reasonable to ignore the drag on
takeoff. The takeoff speedis:

Vio =12 [ Mo =12 2(655751b) =137.1ft/s
rsC, (0002377 dug/ t?) (184 ft2)(L6)

but C_ = 0.8 during the takeoff roll, so at V = 0.7Vyo = 0.7 (137.1 ft/s) = 95.96 ft/s:

q=1r v?=1(0002377 slug/ ft®) (9596 ft /5)> =1094 Ib/ ft?
L=C_qS=08(1094Ib/ft*) (184 ft?) =1611Ib

Cb = Cpo + k C.% = 0.03 + 0.057 (0.8)* = 0.0665
D =C, qS=00665(10.941b/ ft?) (184 ft*) =1339 Ib
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then:

5. = 144W,*
® rsC_g[T- D- m(W, - L)
_ 144 (6,575 b)?
(0002377 slug/ ft*) (184 ft)(16)(322 ft / $*)[1,700 Ib- 1339 Ib- 0.03(6,575 Ib- 1,611 1b)]
= 1,949 ft

Landing Distance

AsFigure 5.27 illustrates, the landing maneuver is broken up into approximately the same steps as takeoff. As
with takeoff, the details of the design requirements for landing distance vary. Thelanding speed, V. isusually
specified as 1.3 Vga. The approach or descent to landing is also generally flown at V_, or dightly faster. Some
customers and/or regulatory agencies may specify landing distances over afixed obstacle. Others may specify that the
aircraft pass over the end or threshold of the landing runway at a specified height, or that it touch down a specified
distance down the runway. The design specifications may require the landing analysis to include three or more second
of freeroll (deceeration only dueto normal rolling friction and air drag) after touchdown before the brakes are applied.
A landing analysis may also include the effects of reverse thrust or a drag parachute which is deployed at or dightly
before touchdown. The simple case of no freeroll allowance, sothat S. = Sy , Will be considered here.

Clear Obstacle
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Transition or Roundout
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Figure 5.27 Landing

Figure 5.28 shows the forces on an aircraft during alanding deceleration. The forces are similar to those for
the takeoff, except that thrust is zero and m, which is now called the braking coefficient, has a much
higher value because the brakes are applied. Braking coefficient values are 0.4 -0.6 for dry concrete, 0.2 - 0.3 for wet
concrete, and 0.05 - 0.1 for an icy runway.
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Figure5.28 Forces During Landing Deceleration

The same analysis steps as for takeoff yield:

169W,°

s (5.55)

:rqu4D+mWw-q]

0.7V,

Note that the factor 1.69 in (5.55) instead of 1.44 asin (5.44) isdueto the fact that V| = 1.3 Vg While Vio = 1.2 Vgq
. Aswith the average force values for takeoff, the average deceleration forces are evaluated at 0.7 V.

5.11 TURNS

Turning performance isimportant to military fighter aircraft, pylon racers, crop dusters, and to a lesser degree
to any aircraft which must maneuver in tight quarters, for instance to takeoff and land at an airfield in a canyon or
among skyscrapersin the center of acity. The most important characteristics of turning performance which are
frequently specified as design requirements are turn rate and turn radius. This performance may be specified either as
an instantaneous or a sustained capability. Asthe namesimply, a sustained turn rate or radiusis performance the
aircraft can maintain for along period of time; minutes or even hours. An instantaneous turn rate or radiusis a
capability the aircraft can achieve momentarily, but then the maximum performance may begin to decrease immediately.

Level Turns

The most commonly performed turning maneuver for an aircraft isthe level turn. In this maneuver, the aircraft
maintains a constant altitude (and in a sustained turn, a constant airspeed). It’'s velocity vector changes directions but
staysin ahorizontal plane. Figure 5.29 shows front and top views of an aircraft in alevel turn.
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Figure5.29 Forceson an AircraftinaLevel Turn

Summing forcesin the vertical direction yields:
8 F.. =0=Lcosf - W

W =L cosf (5.56)
Ycosf =L/IWC? n (5.57)
where the parameter n defined in 5.46 is known astheload factor. Thisisalso known asthe*g's’ that the aircraft is
pulling, but the symbol g is already being used to dencte the acceleration of gravity. Equation (5.57) states that thereis
a one-to-one correspondence between bank angle and load factor in alevel turn, regardless of the aircraft type. Note
that in deriving (5.57) the acceleration in the vertical direction is set to zero, since the aircraft’s motion is assumed to
remain in a horizontal plane. Summing forces perpendicular to the velocity vector in the horizontal plane gives:

2
é. I:horz :mV7 = \ﬂ\/_ =Lsnf :\/Lz' W2 =W\/n2- 1

2
AN P
gr
which can be solved for theturn radius, r:
2
r=_ V" (5.58)
gvn®-1

Once again, thisresult isindependent of aircraft type, so a B-52 and an F-16 at the same bank angle and airspeed will
have the sameturn radius. Therate of turn, w=V/r, so:
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V. o o_gvn*-1 (5.59)
v? \Y
gvn®-1

which is aso independent of aircraft type. This analysis assumes no component of thrust perpendicular to the velocity
vector. Aircraft with thrust vectoring capability may significantly exceed the turn capability predicted by (5.57-5.59).

W =

No information about whether the turn is sustained or just instantaneous is available or needed in Figure
5.28(a), s0 (5.57-5.59) apply to both types of turns. Referring to Figure 5.28 (b), summing forces parallel to the
aircraft’ s vel ocity vector yields:

é_FH =ma=WdvV =T-D
g dt
which for a sustained turn simplifies to:
T=D

Example 5.9
Two aircraft, one on Mars and one on Earth, are performing level turns at identical true airspeeds of 100 m/s
and identical bank angles of 60° . How do their load factors, turn radii, and rates of turn compare?

Solution: In each case, the load factor depends only on the bank angle, so it will be the same on either planet:
n=1/cosf = 1/cos60° = 2.0 on either planet
The turn radius on each planet is calculated using (5.58):

v (100m/9°

B gvn®-1 C372m/g27 - 1

=1552 m on Mars

v (100m/9)’

B gvn® - 1 08m/si22- 1

Theturn rates are calculated using (5.59):

W gvn®-1_372m/sVJ2°-1

=589 m on Earth

=0.0644 radian/s =3.69degrees / s on Mars

\% 100 m/s
Jn? - _ V22 -1
WE 9 r:/ 1 = 98 nic/:m/ = 01697 radians/ s = 9.72 degrees/ s on Earth
s

Vertical Turns

Many aircraft perform turns which are not limited to a horizontal plane. The simplest of theseisaturn made
purely in avertical plane. Such a maneuver completed through 360 degrees of turn to the original flight conditionsis
called aloop. Figure5.30 showsthe forceson an aircraft at three pointsin aloop. The maneuver is started with a pull-
up, avertical turn from initial straight and level conditions. At the top of theloop, the aircraft is performing a pull-
down from theinverted flight condition. A pull-down may also be entered from straight and level flight by rolling
(changing the bank angle, f) theaircraft until it isinverted. A vertical turn initiated by rolling inverted and then
pulling down, completing the turn to level flight headed in the opposite direction is known as a split-S.
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Figure 5.30 Forceson an Aircraft at Three Pointsin a L oop
For the pull-up, summing the forces perpendicular to the velocity vector yields:

aF = mv7=WV2=L-W

r

gr
V2 -W-1=n-1
gr
2
r= v
g(n- 1)
w =901

Likewise, for the pull-down:

2 = 2:\/\/\/2: +
aF = mv/ o L+W

Vi W +1=n+1
gr

V2
r=
g(n+1

W = g(n+1)
\Y,

Finally, for the case where the aircraft’ s vel ocity vector is vertical:
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2 = 2 :WV2:
aF. mv/ L

gr
V2 = =
vV =L/W=n
gr
2
r= V- (5.64)
gn
w =9 (5.65)
v

Note that (5.64) and (5.65) are approximately true for all the turns, and for most other, more complex turn geometries,
especially when nislarge. For modern fighter aircraft which routinely use load factors of 9, (5.64) and (5.65) are
reasonably good approximations for all turning situations.

5.12V-n DIAGRAMS

The turn analysis up to this point has said nothing of the limitations the aircraft may have on its ahility to
generate the lift or sustain the structural loading needed to perform a specified turn.  These limitations are often
summarized on a chart known as a V-n diagram. Figure 5.31 is a V-n diagram for a subsonic jet trainer. The
maximum positive and negative load factors which the aircraft structure can sustain are shown as horizontal lines on the
chart, sincefor this particular aircraft these structural limits are not functions of velocity. At low speeds, the maximum
load factor is limited by the maximum lift the aircraft can generate, since:

Liex = Max W=C,__qS=C_ "hrVv?s

Altitude: Sealeve Positive Structural Limit
Weight: 5800 |bs
6 1 Clean Configuration

i
I
i
4t |
= Positive Stall Limit |
5 ve imi | g Limit
5 2 1 Corner Velocity !
w i
g |
s 07 : ——
150 200 250 3¢90

Negative Stall Limit

Negative Structural Limit

Calibrated Airspeed, V., knots

Figure5.31 V-n Diagram for a Subsonic Jet Trainer
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Mo = v? (5.66)
" 2W

The maximum lift boundary is also known asthe stall boundary. Equation (5.66) also leads to a more general form of

the stall speed equation:
2nW
Vi = (5.67)
r SC_

Thevertical line on Figure 5.31 which islabeled “q limit” indicates the maximum structural airspeed of the
aircraft for these conditions. In this case, the maximum structural airspeed is not a function of load factor. On many
aircraft maximum structural speed decreases at high positive and negative load factors. The feature of the aircraft which
sets the maximum speed varies. For the aircraft of Figure 5.30, the maximum speed limit is actually set by the aircraft’s
critical Mach number. Flight above this speed is prohibited because shock-induced separation causes control
difficulties. For other aircraft, the limit is set by the structural strength required by the wings, windscreen, etc. to resist
the high dynamic pressures and high stagnation point pressures at these speeds; Hence the name “g-limit.” For many
high-speed aircraft the maximum speed is actually a temperature limit, since at faster speeds skin friction and shock
waves generate so much heat that the aircraft skin will melt!

Corner Velocity

Figure 5.31 and Equations (5.60) and (5.61) can be used to determine the airspeed at which an aircraft can
make its quickest, tightest turn. From (5.60) it is clear that the lowest speed at which the maximum load factor can be
generated will produce the smallest turn radius. Equation (5.61) dictates the same condition to produce the highest turn
rate. Thevelocity labeled corner velocity on Figure 5.31 isthe velocity at which the stall limit and the structural limit
make a “corner” on the graph. This velocity satisfies the conditions for quickest, tightest turn because a faster velocity
would not see an increase in n due to the structural limit, and a dlower velocity would see n limited to less than its
maximum value by the stall. Theterm “corner velocity” may also have been chosen to reflect the fact that the aircraft
makes its sharpest corner at that speed. An expression for corner velocity, V*, is obtained by substituting the aircraft’s

maximum load factor into (5.67):
v = |2 W (5.68)
r SC__
Example 5.10

An aircraft with awing loading, W/ S, of 70 Ib/ft* and Cpne = 1.5 has amaximum structural load limit of 9.
What isits corner velocity at sealevel?

Solution: Corner velocity is calculated using (5.68):

2
vis 2N W [2n,, W _ 2(9) (701b/ft?) I
r SC__ rC._ S 10002377 slug/ft* (15)

5.13 ENERGY HEIGHT AND SPECIFIC EXCESSPOWER
One of the design requirements for a multi-role fighter listed in Table 1.2 was a certain specific excess power

achieved for specified conditions. Specific excess power isameasure of an aircraft’s ability to increase its specific
ener gy, He, the sum of its kinetic and potential energy divided by its weight:
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2 2
= PESKE._moh+ymv: _, .V (5.69)
w w 29

Specific energy is also called ener gy height, becauseit has units of height. Energy is changed by doing work, raising
an object against the pull of gravity to a higher atitude, accelerating an object to a faster velocity, or both. The rate of
doing work is power, but only part of an aircraft’s power can be used for this. A portion of an aircraft’s power available
must be used to balance the powered required dueto the aircraft’sdrag. The work done by this portion of the aircraft’s
power is converted by air viscosity into heat and air turbulence. The aircraft’s power available which isin excess of its
power required isits excess power. It isthis portion of its power which may be used to increase its potential and/or
kinetic energy:

. p =V(T- D)zd(P.E.+K.E.)

required dt

P

avail

Dividing both sides of the equation by weight gives an expression for specific excess power, P

p o F?avajl_ I:?equired =V(T' D) d &P.E.+K. EO dH % V 0

s W W G W 5 d s 2gs

p-V(T-D)_dn Vdv

5.70
° w dt g dt (570
Ps Diagrams

Equation (5.70) is a powerful tool for evaluating and comparing aircraft performance. It can be used to verify
that a given aircraft design meets a specific Ps requirement, such asthe onelisted in Table 1.2. It is more common for

Ps to be calculated and plotted for an aircraft for arange of altitudes and Mach numbersto create a Ps diagram. Figure
5.32 isatypical Pgdiagram for amulti-role fighter aircraft. Note that the Psvalues are indicated by contour lines, lines
connecting points with equal values of Ps. Lines of constant energy height are also plotted on the diagram. Figure 5.32
isonly valid for one aircraft weight, configuration and load factor.
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Figure5.32 P, Diagram for a Multi-Role Fighter Aircraftatn=1

In essence, the P diagram functions as a three-dimensional (with atitude as the third dimension) power
available/power required curve. The P = 0 contour isthe aircraft’s operating envelope. For all combinations of
altitude and Mach number inside this envel ope, the aircraft has sufficient thrust to sustain level flight. Where Ps> 0,
the aircraft can climb and/or accelerate. The aircraft’s absolute ceiling is the highest point on the P = O contour.
Likewise, its service ceiling would be the highest point on its Ps = 100 ft/min (not ft/s as on Figure 5.31) contour. The
aircraft’ s absolute maximum speed in level flight occurs at the atitude and Mach number where the Ps = 0 contour
reaches furthest to the right.

Zoom Climbs

An aircraft can operate briefly outside its level-flight envelope. This can be done either by diving (so that, asin
aglide, a component of weight acts opposite the drag) to reach airspeeds above its maximum level-flight speed, or by
performing a zoom climb. A zoom climb occurs when an aircraft climbs so asto convert airspeed into atitude. If an
aircraft is flown to the edge of its operating envelope (so that T = D ) and then forced to climb, it will move along a
constant energy height line on the Ps diagram. It will decelerate asit climbs, but (at least initially, because T=D ) its
total energy will remain constant. Asthe aircraft dows down, it may deviate from the H, = constant line as drag
changes and no longer equalsthrust. If the aircraft whose Py diagram is shown in Figure 5.32 where flown to its
absolute celling, h = 57,000 ft and V = 630 knots, this corresponds to an energy height of 74,000 ft. If it entered a
zoom climb from this condition, and thrust remained equal to drag, it would move along the He = 74,000 ft line
decderating until it reached zero velocity at an altitude of 74,000 ft.

Minimum Timeto Climb
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The Ps diagram can be used to determine a strategy for climbing to a given altitude in absolute minimum
time, as when the F-15A Streak Eagle set minimum-time-to-climb recordsin 1975. The maximum rate of climb at any
given dltitudeis achieved at the speed where Ps is maximum. However, because the aircraft can be zoomed at the end
of itsclimb to get to a particular atitude faster, the minimum time to climb is achieved by changing energy height, not
just height, asfast as possible. The aircraft increases energy height the fastest when it moves perpendicular toHe =
constant lines at the point where Py is maximum on each line. A trajectory is shown on Figure 5.32 which satisfies this
reguirement to cross each energy height line where Ps is maximum. At one point along the trajectory the aircraft
descends and accel erates following an He = constant line, then continues on the climb profile. The constant-energy-
height descent/accel eration moves the aircraft quickly through the transonic regime to an altitude and supersonic speed
where Ps is maximum along the higher H. = constant lines.

M aneuvering Ps

Figure 5.33 isa Ps diagram for the same aircraft at aload factor, n = 5. Notethat Ps has decreased everywhere
on the diagram. Thisis because more induced drag and power required result from the five times greater lift required to
generaten =5,
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Figure 5.33 Ps Diagram for a Multi-Role Fighter Aircraftatn=5
Example5.11
For the aircraft whose Ps diagrams are depicted in Figures 5.32 and 5.33:
a. What isthe aircraft’s maximum 1-g level flight speed and the altitude at which it occurs?
b. What isthe aircraft’s maximum zoom altitude?
c. What isthe aircraft’s best rate of climb at sea level and the velocity at which it occurs?
d. What isthisaircraft’s minimum level flight speed at sealevel, and what causes thislimit?
e. What isthisaircraft's maximum level flight speed at sealevel, and what causes this limit?
f. What isthe maximum altitude at which this aircraft can sustain a 5-g turn, and at what speed doesit occur?
g. What isthe maximum speed at which this aircraft can sustain a 5-g turn, and at what atitude doesit occur?
h. What is the minimum speed at which this aircraft can sustain a 5-g turn, at what altitude and airspeed does it occur,
and what causes this limit?
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Solution: All the answers to these questions can be determined by looking at the Ps diagrams.

a. The maximum speed occurs at the point where the Ps = 0 contour the farthest to the right. On Figure 5.32 thisisV =
1200 knots at h = 45,000 ft.

b. The maximum zoom altitude is the maximum energy height line touched by the Ps = 0 contour. On Figure 5.32 this
is He = hyoom = 110,000 ft.

¢. The best rate of climb at sealevel occurs where Psis maximum. . On Figure 5.32 thisis at approximately 530 knots
at sealevel, and the maximum rate of climb is greater than 800 ft/s or 48,000 ft/min.

d. Theminimum level flight speed at sealevel isdepicted on Figure 5.32 as the aerodynamic limit line, which means
the minimum speed is limited by stall, buffet, or maximum useable angle-of-attack. The speed depicted on Figure 5.32
is approximately 120 knots.

e. The maximum level flight speed at sealevel isdepicted on Figure 5.32 as the g limit line, which means the maximum
speed is limited by the maximum dynamic pressure which the aircraft structure can sustain. The speed depicted on
Figure 5.32is800 knots. In reality, thislimit could be due to engineinlet limitations, aircraft skin temperature limits,
or even just the fact that the aircraft has not been flight tested beyond this limit. When test pilots “push the edge of the
envelope’ they are demonstrating that the aircraft is safe to fly in areas of the flight envel ope which are achievable but
have not been demonstrated yet. Note that the g limit in Figure 5.32 isidentified by a maximum allowable calibrated
airspeed, a performance measurement easily monitored by the pilot.

f. The maximum altitude at which this aircraft can sustain n = 5 isthe highest point on the Ps = 0 contour on Figure
5.33. Thispointisat h= 32,000 ft and V = 670 knots.

g. The maximum speed at which thisaircraft can sustain n = 5 is the farthest right point on the Ps = 0 contour on Figure
5.33. Thispointisat h=17,000 ft and V = 820 knots. Insufficient thrust prevents sustaining 5 gs at a higher speed.

g. The minimum speed at which thisaircraft can sustain n = 5 is the farthest Ieft point on the Ps = 0 contour on Figure
5.33. Thispointisat h=0ft and V = 330 knots. This speed islimited by stall, buffet, or maximum usable angle of
attack.

Aircraft Ps Comparisons

Figure 5.34 illustrates one of the most important uses of Ps diagrams. It was created by calculating the
differences between the Ps values of two different fighter aircraft, Aircraft A and Aircraft B, at each point on a Ps
diagram. Regions of the diagram with similar values of P, differences are shaded the same. The leve flight envelope for
Aircraft A isshown in black, and for Aircraft B in gray. In the center of the diagram, the differencesin P between they
two aircraft are lessthan 100 ft/s, so thereis no clear advantage for either plane. On the right side of the diagram,
higher Mach numbers and lower altitudes, Aircraft A has a P advantage greater than 100 ft/s over aircraft B. At very
high Mach numbers, Aircraft A has exclusive use of arange of velocities and altitudes which are outside Aircraft B's
level flight envelope. Likewise, at low speeds, Aircraft B has an advantage. Aircraft B has exclusive use of arange of
very low speeds and high altitudes.
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Figure5.34 Comparative Ps Diagram for Aircraft A and Aircraft B, Two Multi-Role Jet Fighters

Comparative P; diagrams such as this are very useful to fighter pilots as they plan how to conduct an aeria
battle against an adversary aircraft of a particular type. In the case shown in Figure 5.34, the pilot of Aircraft A would
attempt to bring the fight to lower altitude and stay at high speed. At the same time, the pilot of Aircraft B would
attempt to keep the fight high and slow to lower speeds, where that aircraft has the advantage. Similar diagrams made
for higher load factors are also used, since most extended aerial fightsinvolve a great deal of turning.

M aneuver ability Diagrams

Anocther very useful performance diagram combinesthe Ps and V - n diagrams, but plots them in such a way
that turn rate and radius can also be read from them. Figure 5.35 is an example of this chart, which isreferred to asa
maneuver ability diagram. The diagram is made for a fixed aircraft weight, configuration, and altitude, so load factor
isavariable. The major axes of the chart are airspeed or Mach number and turn rate. Contour lines of constant load
factor and turn radius are added, and then the aerodynamic limits and Ps = O curves are plotted.

Theresulting diagram is extremely useful for planning air combat, because it displays maximum instantaneous
turn performance as well as sustainable (Ps = 0) turn capability. Maneuverahility diagrams for different aircraft are
often compared in much the sasmeway Ps diagrams are compared. An interesting result clearly shown on Figure 5.35 is
the fact that the absolute minimum turn radius is not achieved at corner velocity, but at a slower speed. The difference
in radiusis usually small, however, and the absolute maximum turn rateis at V*, so corner velocity isusualy the
velocity of choice for turning.
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Example 5.12

What are the maximum instantaneous turn rate, minimum instantaneous turn radius, maximum sustained turn
rate and minimum sustained turn radius at h = 15,000 ft for the aircraft whose maneuverability diagram is depicted in
Figure 5.35?

Solution: The maximum instantaneous turn rate at h = 15,000 ft occurs at corner velocity where the stall limit line and
maximum load factor line meet. On Figure 5.35, thisrateis 15°/ sat M = 1.15. The minimum instantaneous turn
radius actually occurs at a much lower velocity, although the approximation made by saying it also occurs at corner
velocity is quite good. The actual minimum instantaneous turn radius occurs where the aerodynamic limit line extends
farthest toward the upper left corner of the diagram and crosses the lowest-valued constant turn radius line. On Figure
5.35thisoccursat M = 0.6 and r = 4,000 ft. Sincethis point fallsinside the Ps = 0 contour, thisis also the minimum
sustained turn radius at this altitude. Finally, the maximum sustained turn rate is the point where the P = 0 contour
intersects the aerodynamic limit line, w=11.5°/sa M =0.78.

5.14 PERFORMANCE ANALYSISEXAMPLE
An example will make the methods just discussed easier to understand. Consider the aerodynamic model for
the F-16 which was generated in the aerodynamic analysis example, Section 4.7.
The results of the aerodynamic analysis which must be known in order to start a performance analysis are the aircraft
drag polar and maximum lift coefficients. These were determined in Section 4.7, based on areference planform area, S
=300 ft’, as
Crmax = 0.067/° (14° +4.9°) = 1.27 for takeoff

Crmax = 0. 067 /° (14° +7.36°) = 1.43 for landing

B -cIxxviii



M ach number Cbo Ky
0.1 .0169 117
0.86 .0169 117
1.05 .0430 .128
15 .0382 .252
2.0 .0358 .367

In addition, performance analysis requires a model for engine thrust and TSFC. The F-16C with the Pratt and
Whitney F-100-220 engine has the following static (M = 0) sea level installed thrust and TSFC characteristics:
Tg_ dry = 11,200 Ibs TS_Wet = 17,500 Ibs
¢ =0.8/hr ¢ =246 /hr

Thevariation of dry and wet thrust with Mach number and altitude will be modeled with (5.11) and (5.12) respectively.
The variation of TS-C with altitude will be modeled with (5.15).

The final information on the aircraft which must be known isthe aircraft empty, payload, and fuel weights for
which the performance isto be evaluated. Takeoff performanceis evaluated for the aircraft’ s maximum takeoff gross
weight, Wro, which for the F-16 is 36,800 Ib. Table 1.2 specifiesthat the turning performance and Ps requirements be
evaluated at maneuvering weight, which is defined as the basic aircraft with 50% internal fuel and standard air-to-air
armament. For the F-16, this configuration includes full 20mm cannon armament and 2 AIM-9 missiles for atotal
weight of 21,737 Ibs. Thisweight will be used for the climb and glide performance aswell. The F-16 carries 6,972 b
of fuel internally, so its maximum weight in the air-to-air configuration is 25.223 Ibs and its zero-fuel weight is 18,251
Ibs. For loiter and cruise problems, areasonable starting weight is 25,000 and a typical ending weight might be 20,000
Ibs.

Glide Performance

The simplified performance analysis presented above is gtrictly valid only for aircraft which develop minimum
drag at zero lift, and for which k, = 0. Thiswas not the case for the F-16, but itsk, isquite small. Theerror dueto
ignoring this effect is also small, though not negligible. The non-zero value of k, for the F-16 will beignored in the
following analysis to demonstrate the method, but it isimportant to realize that this can cause a significant error in the
analysis for someaircraft. On a positive note, the actual performance of an aircraft with non-zerok, isusually better
(except at very high speeds) than the performance predicted by assuming k, = 0. This makes the predictions of the
simplified method conservative and, when used as a first approximation, safe since the actual airplane will do better
than predicted..

The best glide range is achieved when L/D is maximum, where:

a&o - a&Lo -

6 : 1= L =11.24
€06, &C,g, 2/kC, 2,/0117(00169)

so the F-16 will glide 11.24 NM for every 6,080 ft (1 NM) of altitude lost. Glide speed can be found using the fact that
induced drag equals parasite drag for the best glide condition. For h = 10,000 ft:

G =k C?, 20C = ﬁ = /M =0.38
’ k, 0117

Vi = 2WwW _ 2 (217:337|b) i = 466 ft/s
r SC, 0.001756slug / ft* (300ft*) 0.38
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Minimum sink rateis achieved where 3G, =k; G2 0C = |[Fo. = | ;200169 =066
" K, 0117 6

Vminsink = 2 W = 2 (21737|b) = 353 ft/s
r SC_ | 0.001756sug/ ft° (300ft?) 0.66

D=Cp qS=4Cp, o1 V? S=2(0.0169) (0.001756 slug/ft®)(353 ft/s)® (300 ft?) = 2218 b

V, D _ 353ft/s(2218 Ib)
W 21737 Ib

Min Sink Rate =V, sing = =36ft/s

Climb Performance
Climbs can be performed in afterburner or military (no afterburner) thrust. The best angle of climb is achieved
in military thrust at (L/D)max Where, at 10,000 ft:

D=Cp qS=2Cp /o1 V2 S= (0.0169) (0.001756 slug/ft®)(466 ft/s)® (300 ft*) = 1933 Ib
Military thrust is modeled using (5.11):

Tawt = Ta G2 =11,200 ”@MQ =8273Ib

oo 00023775

T- D _8273Ib-19331b
W 217371b

=0292

sing =

g=17.0°

Max climb angle in max thrust is achieved at the airspeed where T - D is maximum. This speed will not be the
speed for (L/D)max because afterburner thrust is not constant with velocity. Max thrust increases with increasing
velocity according to (5.12), and (T - D)nx Occurs at a higher velocity than the velocity for (L/D)max. Maximum rate of
climb will occur where V (T-D) is maximum. The rate of climb in military thrust at h = 10,000 ft for the conditions for
max climb angleis:

V(T- D) _ 466ft/s(8,2731b-19331b)
- 21,7371b

Rateof Climb=R/C = =1361ft/s=8,164ft / min

Loiter and Cruise Performance
Best endurance at h = 10,000 ft will be achieved at the speed for (L/D)max - The engine TSFC at that altitude

will be:
Ct = Ct (sealevel) T =0.8/hr 483°R = 0.77 Ihr
T \'51869°R

using the Breguet endurance equation:

1hr a25,000 1b6_ 5 56

= % In?v_ég: 077 12 NG 000 b
D . )

1
G
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Maximum range s achieved for the airspeed whereC, =3k, C% 0C = |Co. = | 00169 =027
’ 3, 3(0117)

Co=C. +kiC%=c¢C. +Y%cC, =%cC, =00225
D, D, D, D,

NS
NS

2

c. 2 _(022)
C, 00225

= s e

) Z 21 (208)g5,000% - 20,000%8 I
0.001756 slug / ft*(300 ft2) 0.77

=208

= 676.5 (ft/s) (hr) (1 NM/608O0 ft) (3600 S/hr) = 400.6 NM

Ps
Table 1.2 requires Ps = 800 ft/secat M = 0.9 at h =5,000 ft. At that Mach number, the value of Cp, is
approximated by a straight line between Cp, = 0.0169 at M = 0.86 and Cp, = 0.043 at M = 1.05:

C C

DoL05 ~— “Do86 — () ()22

Coo = Cpoge +(0.9- 086) 086

The sameis done for k.

k, = (k;) 5 + (0.9- 0.86)% = 0119

Thenat M = 0.9 and h=5,000 ft, V, =M a = 0.9 (1097.1 ft/s) = 987.4 ft/s

W 21,737

=—= T 3 2 > =0.073
aS  */,(0002048slug/ ft*)(987.4ft/ 9°(300ft?)

C

Cp = 0.022 + 0.119 (0.073)? = 0.023

D = Cp q S= 0.023 (Y/,) (0.002048 slug/ft®) (987.4 ft/s)? (300 ft*) = 6,889 Ib

®r 0(1+07M,)  =175001p 20020480 (140.27) = 24,577 Ib

T, = —
el Tl g €00023775
i 24,577 1b- 6,889 |b)(987.4 ft /s
p = {T-DV _ | i ) — 0351t/ s
W 21,7371b

Thrust and Drag Curves

The methods used in the P calculation to evaluate thrust and drag at a specific Mach number and altitude can
be used to generate thrust and drag curves similar to Figure 5.13. Figure 5.36 is a curve generated using these methods
for the F-16 at h = 10,000 ft.
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F-16 Weight = 21737 Ibs Alt = 10,000ft

30000

>
25000 /

20000 ]

—8—T, (dry)

—a—T, (A/B)

15000

L
AT /
Vi

]

0 0.2 0.4 0.6 0.8 1 1.2 1.4

=%

Thrust Required and Thrust Available, T, and T, Ibs

Mach Number, M

Figure5.36 F-16 Thrust and Drag at 10,000 ft

Takeoff

An F-16 taking off in full afterburner in air-to-air combat configuration certainly meets the requirement for T
>> D, 50 (5.54) can be used to estimate takeoff distance. The predicted C, max = 1.27 for takeoff. Using M = 0.15to
calculate the average takeoff thrust:

T =Ta gig(l +0.7M, ) = 17,500 Ib (1.0) (1 + 0.105) = 19,337 Ib
aval r&ﬂ

_ l4aw, 2 144 (25,2231b)?
° rSC_gT 0002377slug/ft* (300 ft*)127(32.2 ft / s*)(19,337 Ib)

Sro = 1,625 ft,

Landing

When the F-16 touches down, the flight control computer automatically retracts the leading edge flaps and
flaperons. When the nosewhed is lowered to the runway the lift generated by the aircraft is effectively reduced to zero.
With landing gear extended, the F-16's Cp, = 0.05. Using the predicted C, o for landing of 1.43 and alanding weight
of 20,000 Ib:

0.7V = 0.7 (1.3) Vean = 091 \/Z—W =091 2 (200001b) =180ft/s
0002377 slug/ ft* (300 t? 143

Lmax
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D = Cpq S=Cpoq S=0.05 (%) (0.002377 slug/ft) (180 ft/s)® (300 ft*) = 577.6 Ib

169 W, ?
S =
rsc,_ g[D +m(W, - L)]OWL
_ 169 (20,000 Ib)?
0.002377 slug / ft° (300 ft*)143(32.2 ft / s*)|577.6 b + 05 (20,000 Ib - 0)|
s = 1,946 ft

5.15 CONSTRAINT ANALYSIS: DESIGNING TO A REQUIREMENT

It was stated at the beginning of this chapter that performance analysisin most cases answers the question of
whether a particular aircraft design will meet a customer’s needs. The methods discussed up to this point in thistext
enable the engineer to take an existing aircraft design, estimate its aerodynamics and thrust characteristics, and predict
its performance capahilities. The challenge for aircraft designersisto turn this process around and use the analysis
methods to design an aircraft which will have the desired performance capabilities.

Table 1.2 lists specific performance requirements for a multi-role fighter. But how does an aircraft designer
know how to design an aircraft to meet those requirements. There are so many interrelated variables to control and
choices to make, aircraft designers use an analysis method called constraint analysis to narrow down the choices and
help them focus on the most promising concepts. Constraint analysis cal cul ates ranges of values for an aircraft
concept’ s takeoff wing loading, Wro / S and takeoff thrust loading or takeoff thrust-to-weight ratio, Ts. / Wio,
which will allow the design to meet specific performance requirements. In many cases, constraint analysis will
eliminate some aircraft concepts from further consideration. In other instances, constraint analysis will identify two
conflicting design requirements which no single aircraft configuration can satisfy.

The Master Equation
The methodol ogy of constraint analysis is based on a modification of the equation for specific excess power.

p-(T-DV_dh Vadv

(5.70)
s w dt g dt

T D_1dh 1dv (5.71)

Substitute the following relationsinto (5.71):
(8 T=aTg, wherea, thethrust lapseratio dependsonr/rg and M

(b) W= bW, whereb = theweight fraction for a given constraint
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() D=C,0S= (CDD + k1CE)qS

(@ ¢ =L =W
S S

This produces the “ Master Equation” for constraint analysis.

¢ o U d
Te :E}gg Co, +k18€nb9 ?\4099+£@+£d_\/17 (5.72)
W, ayjb gV /0 80]2' Sﬂﬁ Vdt gadty

t & /So a b

Equation (5.72) iswritten in aform that expresses Tg./ W as afunction of Wro / S. All other variablesin
(5.72) are specified by each design requirement. For instance, one of the design requirementsin Table 1.2 is a
maximum sustained level turn load factor of n =4 at a Mach number of 1.2 at 20,000 ft MSL. For this congtraint, the
climb and acceleration termsin (5.72) are zero, and the thrust lapse is determined from the specified flight conditions
(obtain the value of density from the standard atmosphere model for 20,000 ft) and the appropriate thrust model from
Table 5.1.

Anocther requirement in Table 1.2 isaPs of 800 ft/secat n=1, M = 0.9, h =5,000 ft, and maneuvering
weight. In thiscase, the two right-hand terms of (5.72) together must equal 800 ft/sec, and as with the previous
example, all other variables are specified by the design requirement. For each requirement, (5.72) is used to calculate
the Tg. / Who values required to meet that requirement for arange of Wro/ S values. When the results are plotted, the
lineiscalled aconstraint line because all values of Tg / Wro below the line will not meet the design requirement.
When several congtraint lines are plotted on a single set of axes a constraint diagram like Figure 5.37 isformed. The
portion of the constraint diagram which is above al the constraint linesis called the solution space, because all
combinations of T / Wro and Wio / S within that portion of the diagram will satisfy al the design requirements.

Tq/W+go
Sol ution Space

Woo/S

Figure 5.37 Sample Constraint Diagram

Performing a constraint analysis allows an aircraft designer to make much more intelligent choi ces about
aircraft configuration, engine size, etc. These choices involve choosing a design point, specific values of Tg / W and
W / Sfrom within the solution space which the aircraft concept will be designed to achieve. If theanalysisis
reasonably accurate, then a design which achieves the specified thrust and wing loading values will meet the design
reguirements.
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Constraint analysisis aways an approximation, since it depends so heavily on accurate predictions of the
aerodynamic characteristics of an aircraft which isnot yet built! The wise designer will choose a design point which is
asmall amount above or away from all the constraint lines, so that the final product will still meet all the requirements
even if its aerodynamics differ from the original predictions.

In Figure 5.37 note that the solution space does not lie “above” all of the constraint lines, since one of themisa
vertical line. The solution space may be more correctly described aslying “inside’ all of the boundaries set by the
various constraint lines.

Constraint analysis occasionally reveals two design requirements that conflict so completely with each other
that their congtraint lines do not permit a solution space, or they only have a solution for unreasonably high values of Tg.
[ Wro. When this happens, it’stime to talk to the customer and determine which constraint can be relaxed or what kind
of compromise can be made to allow a solution.

Takeoff and L anding Constraints

Equation (5.72) models most constraints that deal with in-flight performance, but for takeoff and landing
congtraints, different equations must be developed. For the takeoff constraint, the simplified takeoff distance equation,
(5.54), isrewritten interms of Ts. / Wro and Wi /' S:

Te _  144b% W,

= (5.73)
Woo ar G _9se, S

Note that (5.61) isthe equation of a straight line, since all other variables besides T / Wro and Wio / S arefixed by the
aircraft configuration or the design takeoff performance requirement. Aswith the in-flight constraints, values of Tg /
Wo greater than the constraint line will allow the aircraft to meet the performance requirement. Note that thrust lapse
and weight fraction are included in (5.73) to allow for takeoff requirements which specify other than sea level conditions
and maximum gross weight.

Thelanding constraint is dightly different because Tq is not present in (5.55), so the constraint equation is
written only in terms of Wio / S

ﬂ: b%: ST Cerxg[D+m(W_ L)]oij — ST C'-rraxg[quDo +k1CLb2- rrCLb)+mb\Nro (5.74)

S S 169W 169 bW,

where C,, isthe lift coefficient maintained during braking. Minimum stopping distance for most aircraft is achieved by
reducing lift to a minimum to put maximum weight on the whedls, then using maximum braking. Lift can usually be
reduced to nearly zero by retracting flaps, lowering the nosewhed to the runway, and/or deploying spoilers. Unlessa
deceleration parachute is used, aerodynamic drag in this condition is typically much less than the deceleration force
available from the wheel brakes, especially at low speeds. For this common situation, (5.74) smplifiesto:

Wo 87 G, 01 (5.75)

S 169b

For amore general formulation for the constraint line equations, see Reference 6.

5.16 CONSTRAINT ANALYSISEXAMPLE:

Consider the multi-role fighter design requirements from Table 1.2 and the aerodynamic mode for the F-16 devel oped
in Chapter 4. Performance requirements:
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Combat Turn (max AB): 9.0g sustained @ 5,000 ft/M=0.9
Combat Turn (max AB): 4.0g sustained @ 20,000 ft/M=1.8

Takeoff & Braking Distance: Sro =

Example Constraint Analysis: F-16 Combat Turn

S = 2000 ft

h = 20,000 ft M =0.9 a =1096.9 ft/s a=14
n=4 V =987.2ft/ls r = 0.002048 slug/ft3
Cpo=0.0243 k =0.121 q = 997.9 Ib/ft? b=08
.I. é
Tq _b[qé Co, k1aenbo aégNToouI b Gy k1baenbo o 0
= =73
W a-,-bA OQ 8qﬂ
f & So

Ty _ 997.91b/ft> 00243

, 0121 (08)ee 9(08)

T

dzaéNTo 6_17.321b/ ft?

S o

3 ,36710° gwmc
W 14 14 &99791b/ft’g &€ S & ; 2\2 & S &
To ?VTO 5o e g ?VTO Sg (lb/ ft )
Wto/S (psf) 40 50 | 60 70
Ts/Wto 061 | 057 | 056 | .56 0.57
Example Constraint Analysis. F-16 Supersonic Combat Turn
h=20000ft M =12 a =1036.9 ft/s a =0.98
n=4 V =1244ft/s r = 0.001267 dug/ft®
Cpo=0.0412  k; =0.169 q = 980.8 Ib/ft® b=08
Tq _ 9808 1b/ft? 00412 0169(08)§e 4(08) ¢ &yvmo 41231b/ft* 147" 10'Ggyvm¢
W, 098 098 &9808Ib/ft’g & S & 2’ € S @
o ?Vm Sg 2 ?Vm Sg (1b/1t°)
Wto/S (psf) 40 50 | 60 70 80
Ts/Wto 1.09 | 090 | 079 | .71 0.65
Example Constraint Analysis. F-16 Takeoff
h=0ft Cimexto = 1.27 a=1105 b=1.0
TS_ - 144 WTO - 144 0 — 00067 WTO
W, ar C__gs, S (1105)(0002377slug/ ft*)(127)(322ft/s*)(2,000ft) S
Wto/S (psf) 40 50 | 60 70 80
Ts/Wto 26 | 32 | 39 | .45 52
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Example Constraint Analysis; F-16 Landing
h=0ft Cimaxna = 1.43 m=0.5 a=10 b=1.0

Assume lift is reduced to zero and drag is negligible compared to braking (no drag parachute used)

Wy, _ St Cogm_(20001t)(0.002377slug / ft°)(143)(322ft/ s*)(05) 551D

S 169 b 169 (10) ft?

Sketching the resulting Constraint Diagram:

14
\ Solution Space
1.2
/
Supersonic Turn Design Point

EE 1
B
) -+
g 08
o
£ e S~ /
K] Subsonic Turn /
2 o6
2 [ —
i Takeoff

0.4

\ )
Landing
0.2
0
0 20 40 60 80 100 120
Wing Loading, W;/S, psf

Figure 5.38 Constraint Diagram for F-16 Example

Allowing some margin for error and growth, an initial design point of Wi =60 1b/ft?, T% =085
TO

would be selected. However, thisisardatively low wing loading compared to typical modern fighter aircraft, as shown
in Figure 5.39. If thelanding constraint could be relaxed, a much higher wing loading and lower thrust to weight ratio
would allow the aircraft to meet the other design requirements. Recall that the landing distance calculation donein
Section 5.14 predicted a landing distance less than 2,000 ft. However, this calculation was made for a very light,
weapons expended/fuel tanks nearly empty condition. The design requirement modeled in this constraint analysisis a
landing immediately after takeoff, b = 1.
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1.4 Type Wto/S Tsl/Wto YE-22
F-106 50.8596] 0.690141 -
F-16C 110.6167] 0.828688 o Mig-29
1o JEAs 105] 0.761905
+& TE-15C 73.94089] 1.041528 o
F-15E 113.0542] 0.769789 YF-23 Su-27
SU-27 78.06164] 1.10228 o
Mirage 2000 68.02721 0.6 o [m]
o 1 Rafale 85.27287] 0.771765 Gripen F-15C
s EuroFighter 2000 | 72.53599] 0.814249
= Gripen 55.05776| 1.026368 n F-16C
@ Mirage F1 110.5072] 0.520656 E“”’f'gh‘g 2000 saguar o
0.8 Paguar 81.87135 0.8 o o o o
=) F-117 52.60697 0.48 ] F15E
-% Mig29 73.34963 1.22 o Rafale FiA-18
IS YF-23 61.85567| 1.166667 F-106
o JYE-
S 0.6 frF22 64.40072] 1.296296 Mira%'e 2000
@ .o
S [u] Mirage F1
= F-117
£ 04+
0.2 T
0 + + + + +
0 20 40 60 80 100 120
Wing Loading, Wto/S, psf

Figure5.39 Typical Design Pointsfor Recent Fighter and Attack Aircraft

The results of thisinitial constraint analysis would probably prompt discussions between the designer and the
customer to determine how important the landing distance constraint is to the success of the design. If the congtraint is
not relaxed, then the designer will either proceed with design devel opment using this design point or develop design
features such as more aggressive high lift devices, drag chutes, or reverse thrust capability to allow the aircraft to meet
the requirement at amoretypical design point. The decision on which solution to apply will undoubtedly be based on
which islikely to cost the least. In either case, constraint analysis has identified the design drivers, the supersonic turn
requirement and the landing distance constraint, which because they are the most restrictive will have the greatest
influence on the shape of the final design.
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CHAPTER 5HOMEWORK PROBLEMS

Synthesis Problems:
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S5.1 Brainstorm at least five ways to determine the actual drag polar of a small, hand-launched glider.

S-5.2 Brainstorm at least five different types of flight tests which could be used to determine the actual drag polar of a
twin-jet subsonic military trainer aircraft.

S-5.3 Brainstorm at least five ways to increase loiter capability on a supersonic jet fighter.

S-5.4 Brainstorm at least five ways to increase supersonic cruise range of a High-Speed Civil Transport.

S5.5 An airplaneis being designed to fly at high atitudes and low airspeeds for weeks at a time without refueling.
Based on your knowledge of the relationship between induced drag and aspect ratio, and the relative importance of
induced and parasite drag at low speeds, would you suggest a high or low aspect ratio for the wing of this plane?

S5.6 Anairplaneis being designed to fly on Mars, where the density of the atmosphere is comparable to the density at

h = 100,000 ft in the standard atmosphere. What problems do you expect this aircraft to have with takeoff and landing?
Brainstorm five concepts for overcoming these problems.

Analysis Problems:
A-5.1 Consider an aircraft with a NACA 0009 airfoil, e = &, = 0.95, Cp = 0.01, and AR = 10. If the aircraft isflying

at 5° angle of attack, calculate C|_and Cp.

A-5.2 You areswinging a2 Ib rock, tied to the end of a4 ft string in acircle. If the breaking strength of the string is 20
Ibs, what velocity will the string break at? What angular velocity would this be in deg/sec?

A-5.3 a Sketch an aircraft in climbing flight and draw the forces that act on it. Assume the thrust acts along the
flight path. Include the horizon and the flight path angle, g.

b. Write an equation for the forces acting along the flight path {Hint: F = ma}.

c. Write an equation for the forces acting perpendicular to the flight path. What kind of
acceleration is this?

d. If the forcesalong the flight path were less than 0, what would the aircraft do?
e. For level, unacce erated flight what would the equations of motion be?

A-5.4 Derivethe gtall speed equation (5.16) from the basic lift equation (L = C. gS). What aerodynamic feature of an
airplane influences the stall speed?

Usethe T-38 thrust and drag curvesin Appendix B to answer these and all other questions about the T-38 in this
chapter.

A-55 You areflying a 10,000 Ib T-38 at sealeve: at 20,000 ft:

a What Mach number would
you fly for L/Dyyax?
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b. What isyour true airspeed in ft/sec,
at L/Dpyax? (V= Ma)

¢. What isyour equivalent airspeed at
L/Dpyax?

d. What is the value of
L/D max ? WDmip?

e. What isyour total drag at L/Dypx?
f. What is your induced drag at L/Dyyax?

g. What is your parasite drag at L/Dyy5x?

A-5.6 a. A T-37 hasadrag polar of Cp = 0.02 + 0.057C|_2, aweight of 6,000 Ibs, and
S=184ft2. What isthe value of L/Dpax for thisaircraft?

b. At what equivalent airspeed would you fly for L/Dygx?

A-5.7 How much faster (in ft/sec) can a T-38 at maximum thrust fly than one in military thrust if both aircraft weigh
8,000 Ibs and are at 30,000 ft in level flight?

A-5.8 a What isthe minimum speed of a 10,000 Ib T-38 at sealevd in levd flight? What causes thislimit?
b. What is the minimum speed of a 10,000 Ib T-38 at 40,000 ft in level flight? What causes this limit?

A-5.9 Assuming thrust is proportional to density, calculate the military thrust available for a T-38 at 30,000 ft given
only the sea level value of thrust at M = 0.7. Compare the result to the 30,000 ft datain Appendix B using the same
Mach number.

A-5.10 What isthe power required for a 12,000 Ib T-38 at M = 0.6 and 20,000 ft?

A-5.11 Sketch a power required curve and show where L/Dyyqy 0ccurs on this curve.
A-5.12 a An F-4flying at L/Dyy5x dumps 4,000 Ibs of internal fuel. Should it fly faster or dower to maintain L/Dyyay?

b. If you areflying at L/Dpy5x @ 10,000 ft and climb to 20,000 ft, should your true velocity be faster or slower
to maintain L/Dygy?

¢. The space shuttle extends its speed brakes fully during an approach, how does this change its true vel ocity
for L/IDpmax?
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A-5.13 A T-38iscruising at 20,000 ft (using "normal™ power) and weighs 11,000 Ibs (2000 Ibs of thisweight is usable
fud).

a. What velocity would it fly at for max endurance?
b. What isits max endurance (in hours)?

¢. Rangeisendurancetimesvelocity. What isitsrange, in NM, at max endurance?

A-514 A T-37 hasadrag polar of Cp =0.02 + 0.057C|_2 , Weighs 6000 lbs, (500 |bs of thisis usable fuel) and cq =
0.9/hr. What isits max endurance at 20,000 ft standard day?

A-5.15 A T-38iscruising at 20,000 ft standard day and weighs 11,000 Ibs (2,000 Ibs of this weight is usable fud).
a. At what velocity should it fly for max range?

b. What isits max range, in NM?

A-5.16 Using theinformation in problem A-5.14 and S= 184 ft2 , What isthe max rangein NM of a
T-37 at 20,000 ft standard day?

A-5.17 a. Sketch an aircraft in gliding flight and draw the forces that act on it and the flight path angle. Also draw a
triangle which includes altitude (h) and range (R - distance over the ground) and the flight path angle (g). Assume no
wind.

b. Sum the forces along the flight path and perpendicular to the flight path. Assume steady glide
(accelerations are zero).

c. Derivean expression for L/D in terms of glideangle. (Hint: Solve for L/D by dividing the two equations
derived in A-5.17 b.)

d. Derivean expression for R/h in terms of glide angle.
e. Write an expression for glide rangein terms of altitude and L/D.
f. What value of L/D will achieve max glide range?
A-5.18 a. What isthe maximum glide range (in NM) a 12,000 Ib T-38 can achieve from 20,000 ft above the ground?
b. What isthe maximum glide range (in NM) an 8,000 |b T-38 can achieve from
20,000 ft above the ground?

A-5.19 In asteady (unaccelerated) climb, which islarger, lift or weight? Assume thrust acts along the flight path.

A-5.20 An 8,000 1b T-38isin asteady climb passing 10,000 ft at 0.5 Mach.
a. What isits ROC using Military Thrust? Using Max Thrust?

b. What isits climb angle using Max Thrust?
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A-5.21 Name seven factors which could increase takeoff rall.

A-5.22 A KC-135 weighing 150,000 Ibs has a takeoff roll of 3600 ft at sea level density altitude.
a If theaircraft isloaded with 100,000 Ibs of fuel and all other conditions remain the same, what is its takeoff
roll?

b. If its next takeoff is made at 150,000 |bs gross weight and a density altitude of
8,000 ft. Assuming all other factors remain the same, what isits takeoff distance?

A-5.23 A T-38 weighing 8,000 Ibsis preparing to land using zero flaps at standard sea level conditions. The T-38's

wing areais 170 ft2 and the coefficient of rolling friction for braking on the dry runway is 0.5. Answer the following
guestions:
a. What isthe T-38's stall speed? Assumethe stall speed isthe same asfor clean configuration.

b. What is Cjax?

¢. What isthe T-38'sfinal approach airspeed?

d. What isthe T-38'slanding distance? Assumethat lift isreduced to zero once the T-38 lands
and that Cpy = 0.05 during the landing roll.

e. The control tower reportsthat a sudden rain shower has soaked the runway, reducing the coefficient of
rolling friction. How will this affect the T-38's landing distance?

A-5.24 A T-38 at 500 knots true airspeed with aload factor of 5 g'sisat 10,000 ft.
a. What isitsturn rate (deg/s) and turn radius for a pull-up?
b. What isitsturn rate (deg/s) and turn radius for a pull-down?
c. What isitsturn rate (deg/s) and turn radius for alevel turn?

A-5.25 What isthe velocity and load factor a T-38 pilot should fly for the highest turn rate and lowest turn radiusif W
= 12,000 Ibs and the altitudeis 15,000 ft?

A-5.26 Find theload factor, bank angle and turn radiusfor a T-41 in aleve turn at atrue airspeed of 120 knots and a
turn rate of 5 deg/s.

A-5.27 You areflight testing an aircraft and determinethe 1 g stall speed to be 100 knots true velocity. Under the same
flight conditions what would the 3 g stall speed be?
A-5.28 a. Sketch atypical V-n diagram. What causes each of the limits? Can any point inside the V-n diagram be
sustained?

b. Sketch how each of these limits changes with an increasein weight or an increase in altitude.

A-5.29 A B-52 at 20,000 ft and 200 knots true velocity has a weight of 500,000 Ibs and a T-38 at 10,000 ft and 500
knots true velocity has a weight of 10,000 Ibs. Assume standard day.

a. Which aircraft has more energy?
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b. Which aircraft has a greater energy height?

c. Calculate the Pg of the T-38 in max thrust.

d. If the B-52 has a max steady climb rate of 500 feet per minute, which aircraft has more
specific excess power?

e. What istheleve acceleration capability of the T-38 at these conditions?
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A-5.30 Using the Pg plot below answer the following questions:

a. Atwhat pointswill this aircraft stabilizein level unaccelerated flight?

b. Sketch a possible path for this aircraft to maneuver from B to E.

¢. What is the subsonic absolute ceiling?

d. What isthe supersonic absolute ceiling?

e. What isthe maximum energy height this aircraft can obtain in sustained flight?

f. If theaircraft performed a zoom climb from the max energy point what is the max altitude it
could reach?

g. Can thisaircraft reach point F?
h. Can thisaircraft reach point G?

i. Sketch the min time to climb path from takeoff to point I.

F-16C

SPECIFIC EXCESS POWER
80000 == " 7p. . | CONFIGURATION
: : T i 9%, i 50% Internal Fuel
_________ 0 Weight: 21737 Ibs
: P N N 2 AIM-9 Missiles
60000 | : - AN Max1mu1ng Power
= SN
L . : 7 T N
=
<
20000 |-+
0 - / - X7/ £ > AN s N o
0.0 0.4 0.8 1.2 1.6 2.0 2.4

Mach Number

Figure A-5.1 F-16C Specific Excess Power
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A-5.31 An adversary aircraft is observed with alevel acceleration capability of 12 ft/sec? usi ng max thrust at an altitude
of 10,000 ft and a velocity of 500 knots. Y our aircraft has a Pg of

500 ft/s at these conditions.

a. Inlevd flight, can you accelerate faster than your adversary? Assume you are both at 10,000
ft and 500 knots.

b. When comparing aircraft in combat, what factors, besides Pg, should be considered?

A-5.32 For an 8,000 Ib T-38 at sea level using military thrust or cruise power setting, determine the Mach number for:

a. Minimum sustainable speed

b. Max rangein aglide

c. Best climb angle

d. Max endurance

e. Max range

f. Max sustainable speed

0. Region of reverse command

h. Best rate of climb

A-5.33 Usethe data provided to perform the following constraint analysis:

Performance requirements:
Supercruise (non-AB supersonic cruise): M=1.8 @ 30,000 ft
Combat Turn (max AB): 5.2g sustained @ 30,000 ft/M=0.9
Horizontal Acceleration (max AB): 0.8M to 1.5M in 50 sec @ 30,000 ft
Takeoff & Braking Distance: sro = § = 1500 ft

1. Supercruise a =0.375, b =1.0, Cp,=0.025, k; =0.3, n = , V= ,q=

2. Combeat turn (constant V and h):

a=05Db=038,C,=0013,k=0.18,n=52,V= , Q=

3. Horizontal Accderation:

a=0.58b=0.9, Cp=0.022,k; =0.23, n= , V= ,gq= , dV/dt =

4. Takeoff Distance: a = 1.0, b = 1.0, Cipaxto = 1.6, T>> D, S50 = 1,500 ft
A-5.32 (cont.)

B -cxev



5. Braking Distance: a = 1.0, b = 1.0, V. =1.3Vgai, CLmax = 2.0, m=0.5, 5 = 1,500 ft

Sketch the resulting Constraint Diagram:

1.8

1.6

1.4

1.2

0.8

0.6

Thrust-to-Weight Ratio, Tsl/Wto
=

0.4

0.2

0 20 40 60 80 100 120
Wing Loading, Wto/S, psf

What' s your choice for an initial design point?
Compare your choiceto the historical data for similar aircraft provided in Figure 5.35. What do you think?

What constraints do you think should be relaxed?

Congratulations! You've just analyzed the F-22! (Based on alecture given by General Mike Loh, Commander, Air
Combat Command, to aircraft design students at the USAF Academy, 5 Oct 1994.)

Figure A-5.2 The YF-22, Prototype for the F-22 Advanced Tactical Fighter (Courtesy L ockheed-M artin)
INTRODUCTION TO AERONAUTICS: A DESIGN PERSPECTIVE
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CHAPTER 6: STABILITY AND CONTROL

“The balancing of a gliding or flying machine is very simple in theory. It merely consists in causing the center of
pressure to coincide with the center of gravity. But in actual practice there seems to be an almost boundless
incompatibility of temper which prevents their remaining peaceably together for a single instant, so that the operator,
who in this case acts as peacemaker, often suffersinjury to himself while attempting to bring them together.”

Wilbur Wright

6.1 DESIGN MOTIVATION

Simply stated, stability and control is the science behind keeping the aircraft pointed in a desired direction.
Whereas performance analysis sums the forces on an aircraft, stability and control analysis requires summing the
moments acting on it due to surface pressure and shear stress distributions, engine thrust, etc., and ensuring those
moments sum to zero when the aircraft is oriented asdesired.  Stability analysis also deals with the changes in moments
on the aircraft when it is disturbed from equilibrium, the condition when all forces and moments on it sumto zero. An
aircraft which tends to drift away from its desired equilibrium condition, or which oscillates wildly about the
equilibrium condition, is said to lack sufficient stability. The Wright brothers intentionally built their aircraft to be
unstable because this made them more maneuverable. As the quotation from Wilbur Wright above suggests, such an
aircraft can be very difficult and dangerous to fly.

Control analysis determines how the aircraft should be designed so that sufficient control authority
(sufficiently large moments generated when controls are used) is available to allow the aircraft to fly all maneuvers and
at all speeds required by the design specifications. Good stability and control characteristics are as essential to the
success of an aircraft as are good lift, drag, and propulsion characteristics. Anyone who has flown atoy glider which is
out of balance or which haslogt itstail surfaces, or who has shot an arrow or thrown a dart with missing tail feathers,
knows how disastrous poor stability can beto flying. Understanding stability and control and knowing how to design
good stability characteristics into an aircraft are essential skills for an aircraft designer.

6.2 THE LANGUAGE

The science of stahility and control is complex, and only an orderly, step-by-step approach to the problem will
yield sufficient understanding and acceptable results. This process must begin by defining quite a number of axes,
angles, forces, moments, displacements, and rotations. As much as possible, these definitions will be consistent with
those used in aerodynamic and performance analysis, but occasionally the complexity and unique requirements of
stability and control problems dictate that less intuitive definitions and reference points be used.

Coordinate System

Oneof theleast intuitive elements of stability and control analysisis the coordinate system as shown in Figure
6.1. Notethat the vertical (2) axisis defined as positive downward! The reason for this choiceis adesireto have
consistent and convenient definitions for positive moments. Positive moment directions are defined consistent with the
right hand rule used in vector mathematics, physics, and mechanics. Thisrule statesthat if the thumb of a person’s
right hand is placed paralle to an axis of a coordinate system, then the fingers of that hand will point in the positive
direction of the moment about that axis. Since the moment about the aerodynamic center of an airfoil or wing was
defined in Chapter 3 as being positive in a nose-up direction, the right-hand rule requires that the lateral (spanwise)
axis of the aircraft coordinate system be positive in the direction from the right wing root to the right wing tip. A
natural starting point for the coordinate system is the aircraft’s center of gravity, sinceit will rotate about this point asit
moves through the air. The aircraft’slongitudinal axis (down its centerline) is chosen paralle to and usually coincident
with its aircraft reference line (defined in Chapter 4), but positive toward the aircraft’s nose so that a moment tending
to raise the left wing and lower the right wing is positive. Thisaxisis chosen asthe x axis to be consistent with
performance analysis. Making x positive toward the front allows the aircraft’ s thrust and vel ocity to be taken as positive
guantities. Since a rotation about the longitudinal axisto theright or clockwiseis positive, for consistency it is desired
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that a moment or rotation about the aircraft’ s vertical axis such that the nose moves to the right be considered positive.
Thisrequires that the vertical axis be positive downward so that the right-hand rule is satisfied.

The only choice which remains is whether the lateral or vertical axis should bethey axis. They axisis
generally taken as vertical in performance analysis, but an x,y,z coordinate system must satisfy another right-hand rule
in order to be consistent with conventional vector mathematics. The right-hand rule for 3-dimensional orthogonal
(each axis perpendicular to the others) coordinate systems requires that if the thumb of a person’sright hand is placed
along the coordinate system’s x axis, the fingers point in the shortest direction from the system’sy axisto its zaxis (try
thison Figure 6.1). To satisfy thisright-hand rule aswell as all the previous choices for positive directions, the
coordinate system’ sy axis must be the aircraft’ s lateral axis (positive out the right wing), and the z axis must be the
vertical axis (positive down). A coordinate system such as thiswhich hasits origin at the aircraft center of gravity and
isaligned with the aircraft reference line and lateral axisis referred to as a body axis system.

£ X
I .
Xy (Longitudinal
AXis)

(Lateral Axis)

(Vertical Axis)

Figure 6.1 Aircraft Body Axesand Positive M oment Directions

For consistency with aerodynamic analysis, the nose-up moment islabeled m. Since mis the moment about the
y axis, the moment about the x axisislabeled ¢ and the moment about the z axisis labeled n, to make them easier to
remember. Notethat the symbol ¢ isusedinstead of | to avoid confusion with airfail lift and the number 1, and |ower
caseisused for ¢ and nto avoid confusion with the symbols for wing lift and normal force. Unfortunately, thereisno
consistent way to avoid confusion between the pitching moment on an airfoil and the whole-aircraft pitching moment
just described, since both have been given the symbol m. To partly alleviate this problem, the symbol M will be used for
finite wing and whole-aircraft pitching moments when they are not used in conjunction with ¢ and n. Forces on the

aircraft may be broken into components along the x, y and z axes. These force components are labeled X, Y, and Z
respectively.

Degrees of Freedom

The aircraft has six degrees of freedom, six waysit can move. It hasthree degrees of freedom in translation
(linear motion) which are orthogonal to each other. Components of its velocity along the X, y, and z axes are labeled u,
v, and w. Notethat lower caseis used to avoid confusion with V', which typically has both u and w components. The
aircraft also has three degrees of freedom in rotation, also orthogonal to each other.
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Control Surfaces and Rotation

Figure 6.2 shows the three degrees of freedom in rotation, and the control surfaces which typically produce the
moments which cause those rotations. Figure 6.2 (a) shows rotation about the aircraft’ s longitudinal (x) axis. This
motion is called rolling and the maneuver is called aroll. Control surfaces on the aircraft’swings called ailer ons
deflect differentially (onetrailing edge up and one trailing edge down) to create more lift on one wing, less on the other,
and therefore a net rolling moment.

(a) Ralling About the x Axis (b) Pitching About they Axis

Ailerons

Rudder

(c) Yawing About the z Axis

Figure 6.2 Three Rotationsand The Control Surfaces Which Produce Them

Figure 6.2 (b) shows the aircraft in a pitch-up maneuver. Rotation of the aircraft about the lateral axisis called
pitching. A control surface near the rear of the aircraft called an elevator or stabilator is deflected so that it generates
alift force which, due to its moment arm from the aircraft center of gravity also creates a pitching moment. An elevator
is a moveable surface attached to a fixed (immovabl€) horizontal stabilizer, a small horizontal surface near the tail of
the aircraft which acts like the feathers of an arrow to help keep the aircraft pointed in the right direction. A stabilator
combines the functions of the horizontal stahilizer and the elevator. The stabilator does not have a fixed portion. It is
said to be all-moving.

Figure 6.2(c) shows the aircraft yawing, rotating about the vertical axis so that the nose movesright or left. A
moveable surface called arudder which is attached to the aircraft’ s fixed vertical stabilizer deflectsto generate alift
forcein a sideways direction. Because the vertical stabilizer and rudder are toward the rear of the aircraft, some
distance from its center of gravity, thelift force they generate produces a moment about the vertical axiswhich causes
the aircraft to yaw.

Other Control Surfaces
A number of unique aircraft configurations have given rise to additional types of control surfaces. These often
combine the functions of two surfaces in one, and their names are created by combining the names of the two surfaces,
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just asthe name “stabilator” was created by combining “stabilizer” and “elevator.” For example, the surface on the F-16
in Figure 6.2 labeled “aileron” is actually a “flaperon,” because it combines the functions of an aileron and a plain flap
(for greater lift) in asingle surface. Figure 6.3 (a) shows the French Rafale multi-role fighter aircraft. Pitch control for
thisaircraft is provided by canar ds, stabilators placed forward of rather than behind the wings, and elevons, control
surfaces at the rear of the wings. Elevons move together to function as eevators and also move differentially like
aileronsto provideroll contral. Flying wing aircraft, including delta-wing jet fighters such as the Mirage 2000 and
Convair F-106 use elevons alone for pitch and roll control. It isinteresting to note that the Vought F7U Cutlass twin-jet
flying-wing fighter of the 1950's and 60’ s used control surfaces exactly like eevons, but the manufacturer called them
“ailerators!” The name did not find as widespread acceptance as “elevons.” Figure 6.3 (b) shows the Beechcraft
Bonanza which, unlike most aircraft with separate vertical and horizontal tail surfaces hasaV-tail. The moveable
control surfaces attached to the fixed surfaces of the V-tail are called “ruddervators,” because they function as elevators
when moving together and rudders when moving differentially.

Canard V-tail

Elevon

(8) Rafale (b) Beechcraft Bonanza
Figure 6.3 Two Aircraft With Unusual Control Surfaces

Trim

When the sum of the moments about an aircraft’s center of gravity is zero, the aircraft is said to be trimmed.
The act of adjusting the control surfaces of an aircraft so they generate just enough force to make the sum of the
moments zero is called trimming the aircraft. The trim condition is an equilibrium condition in terms of moments.
Strictly speaking, the sum of the forces acting on an aircraft does not have to be zero for it to be trimmed. For instance,
an aircraft in a steady, level turn would be considered trimmed if the sum of the moments acting on it is zero, even
though the sum of the forcesis not.

Stability

Stability isthe tendency of a system, when disturbed from an equilibrium condition, to return to that condition.
There are two types of stability which must be achieved in order to consider a system stable. Thefirst is static stability,
theinitial tendency or response of a system when it is disturbed from equilibrium. If theinitial response of the system
when disturbed is to move back toward equilibrium, then the system is said to have positive static stability. Figure
6.4(a) illustrates this situation for a simple system. When the ball is displaced from the bottom of the depression, forces



resulting from the ball’ s weight and the sloped sides of the depression tend to move the ball back toward itsinitial
condition. The system is described as statically stable.

(A) Positive Static Stahility (B) Negative Static Stability
2 1

>

(C) Neutral Static Stahility

2 1
e~ O

Figure 6.4 Simple Systemswith Positive, Negative, and Neutral Static Stability

Figure 6.4 (b) illustrates the reverse situation. When centered on the dome, the ball isin equilibrium.
However, if it is disturbed from the equilibrium condition, the slope of the dome causes the ball to continue rolling away
fromitsinitial position. Thisis called negative static stability, because the system’sinitial responseto a disturbance
from equilibrium is away from equilibrium. The system is described as statically unstable.

Figure 6.4 (c) shows neutral static stability. The ball on the flat surface, when displaced from equilibrium, is
once again in equilibrium at its new position, so it has no tendency to move toward or away from itsinitial condition.

Dynamic Stability

The second type of stability which a stable system must haveis dynamic stability. Dynamic stability refersto
the response of the system over time. Figure 6.5 (@) shows the time history of a system which has positive dynamic
stability. Note that the system also has positive static stability, becauseitsinitial tendency when displaced from the
zero displacement or equilibrium axisis to move back toward that axis. Asthe system reaches equilibrium, the forces
and/or moments which move it there also generate momentum which causes it to over shoot or go beyond the
equilibrium condition. Thisin turn generates forces which, because the system is statically stable, tend to return it to
equilibrium again. These restoring forces overcome the momentum of the overshoot and generate momentum toward
equilibrium, which causes another overshoot when equilibrium is reached, and so on. This process of moving toward
equilibrium, overshooting, then moving toward equilibrium again is called an oscillation. If the time history of the
oscillation is such that the magnitude of each successive overshoot of equilibrium is smaller, asin Figure 6.5 (a), so that
over time the system gets closer to equilibrium, then the system is said to have positive dynamic stability. Note that the
second graph in Figure 6.5 (a) shows a system which has such strong dynamic stability that it does not oscillate but just
moves slowly but surely to equilibrium.

(a) Positive Dynamic Stability
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Figure 6.5 Time Histories of Systems with Positive, Neutral, and Negative Dynamic Stability

The springs and shock absorbers on an automobile are familiar examples of systems with positive static and
dynamic stability. When the shock absorbers are new, the system does not oscillate when the car hitsa bump. The
system is said to be highly damped. Asthe shock absorbers wear out, the car begins to oscillate when it hits a bump,
and the oscillations get worse and take longer to die out as the shock absorbers get more worn out. The system isthen
said to be lightly damped.

A system which has positive static stability but no damping at all continues to oscillate without ever decreasing
the magnitude or amplitude of the oscillation. It is said to have neutral dynamic stability because over time the
system does not get any closer to or farther from equilibrium. The time history of a system with positive static stability
but neutral dynamic stability is shown on the left-hand graph of Figure 6.5 (b). On theright side of Figure 6.5 (b) isa
time history of a system with neutral static and dynamic stability. When displaced from itsintial condition, it isstill in
equilibrium, like the ball on theflat surface, so it has no tendency to return to the zero-displacement condition.

Thetime historiesin Figure 6.5 (c) are for systems with negative dynamic stability. The one on the l&ft has
negative static stability aswell, so it initially moves away from equilibrium and keeps going. The time history on the
right isfor a system which is statically stable, so it initially moves toward equilibrium, but the amplitude of each
overshoot is greater than the previous one. Over time, the system gets further and further from equilibrium, even though
it moves through equilibrium twice during each complete oscillation.
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6.3 LONGITUDINAL CONTROL ANALYSIS

The analysis of the problem of adjusting pitch control to change and stabilize the aircraft’s pitch attitudeis
called pitch control analysis or longitudinal control analysis. Theterm “longitudinal” isused for thisanalysis
because the moment arms for the pitch control surfaces are primarily distances along the aircraft’s longitudinal axis.
Also, the conditions required for longitudinal trim (the case where moments about the lateral axis sum to zero) are
affected by the airplan€’ s velocity, which is primarily in the longitudinal direction.

The complete analysis of the static and dynamic stability and control of an aircraft in all six degrees of freedom
isabroad and complex subject requiring an entire book to treat properly. A sense of how such problems are framed and
analyzed can be obtained from studying the analysis of the longitudinal static stability and control problem. The
longitudinal problem involves two degrees of trandational freedom, the x and z directions, and one degree of freedom in
rotation about they axis. The static longitudinal stability and control problem is normally the most important for
conceptual aircraft design. The dynamic longitudinal stahility problem and the static and dynamic later al-dir ectional
(trandation in the y direction and coupled rotation about the x and z axes) stability and control problems are beyond the
scope of thistext.

Longitudinal Trim

Figure 6.6 illustrates the longitudinal trim problem for a conventional tail-aft airplane. The aircraft’s center of
gravity is marked by the circle with aternating black and white quarters. The lift forces of the wing and horizontal tail
are shown acting at their respective aerodynamic centers. The moment about the wing' s aerodynamic center due to the
shape of itsairfoil isalso shown. The upper-case symbolsL, L;, and M, are used asin Chapter 4 for wing lift, tail lift,
and wing moment respectively to indicate that they are forces and moments produced by three-dimensional surfaces, not
airfoils. Thehorizontal tail is assumed to have a symmetrical airfoil, so that the moment about its aerodynamic center is
zero. For consistency with the way two-dimensional airfoil datais presented, the locations of the wing’ s aerodynamic
center, Xo, and thewhole aircraft’s center of gravity, X, are measured relative to the leading edge of the wing root.
The distance of the aerodynamic center of the horizontal tail from the aircraft’s center of gravity is given the symbol I;.

Summing the moments shown in Figure 6.6 about the aircraft’ s center of gravity yields.

A Mg = M+ L(X, - %) - Ly, (6.)

L

A L,
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Figure 6.6 Forces, M oments, and Geometry for the Longitudinal Trim Problem

The momentsin (6.1) must sum to zero if the aircraft istrimmed. For steady flight, the forces also sum to zero.
Summing in the vertical direction:

éFAZO:L+LI—W (6.2)

Together, (6.1) and (6.2) provide a system of two equations with two unknowns (since the weight is usually
known and the moment about the aerodynamic center does not change with lift) which can be solved simultaneoudly to
yield thelift required from each surface for equilibrium. In practice, the elevator attached to the horizontal tail is
deflected to provide the necessary lift from the tail so that the sum of the momentsis zero when the aircraft is at the
angle of attack required to make the sum of the forces zero. Note that for aircraft configurations such as the one shown
in Figure 6.6, which have the horizontal tail behind the main wing, trimin level flight normally is achieved for positive
values of L, so that the horizontal tail contributesto the total lift of the aircraft. Note also that (6.1) and (6.2) are
applicable only to the aircraft configuration for which they were derived. Similar relations may be derived for flying
wing aircraft, airplanes with canards, etc.

Control Authority

If the aircraft’s geometry and flight conditions are known, then the lift coefficient required from the wing and
pitch control surfaces may be determined using L = C_. g S when (6.1) and (6.2) are solved for L and L;. If any of the
required C_ values are greater than C_ o for their respective surfaces, then the aircraft does not have sufficient control
authority to trim in that maneuver for those conditions. To remedy this situation, the aircraft designer must either
increase the size of the deficient control surface or add high-lift devicestoit toincreaseits C . Figure 6.7 showsa
McDonnell-Douglas F-4E Phantom |1 multi-role jet fighter. Notethat the stabilators on this aircraft have had leading-
edge dots added to them to increase their Ci .« and hence their control authority.

Stabilator Leading-Edge Slots

Figure 6.7 Leading-Edge Slotsto Increase C_max On the Stabilator of the F-4E

Example 6.1

A design concept for alight general aviation aircraft uses a canard configuration as shown in Figure 6.8. Both
the wing and the canard of this aircraft have rectangular planforms. The aircraft has a mass of 1,500 kg and is designed
tofly asdow as 30 m/s at sealevel when in landing configuration. At this speed, its cambered main wing generates -
1,000 N m of pitching moment about its aerodynamic center. If the maximum lift coefficient for its canard is 1.5, how
large must the canard bein order to trim the aircraft at its minimum speed?
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Figure 6.8 A Canard-Configuration General Aviation Aircraft Concept

Solution: Note that the pitching moment about the aerodynamic center is drawn nose up in Figure 6.8 because that is
the positive pitching moment direction. The actual moment is nose down, since it’svalueis given as a negative. In
order to trim at the specified minimum speed, the canard must generate sufficient lift so that the net moment on the
aircraft measured about the center of gravity iszero. Summing the moments about the center of gravity:

a M, =0=-1000Nm- L(3m)+ L (8 m)
a8ms 1,000Nm
L ch -

3mg 3m

= 267L, - 333N

Then, summing forcesin the vertical direction:

QF =0=L+L -W=L+L, - mg

=267L, - 333N + L, - 1500kg (9.8m/s*)=367L, - 15033N

15,033 N

LC
367

=4,096 N
The dynamic pressure in standard sealevel conditionsat V,, = 30 m/sis:
q=1rV,” = 2f1225kg/ m*¢(30m/ )’ =5513N/ m’

Then, to size the canard so that it can produce the required lift in these conditions:



L=c gs, Sl . 40%N
° C.q 15(5513N/m?)

=4.95m?

6.4 LONGITUDINAL STABILITY

As discussed in Section 6.1, adequate stability is essential to safe aircraft operations. Figure 6.9 illustrates the
desired initial response of the aircraft when it is disturbed from trimmed level flight. If the disturbance causes the
aircraft’s angle of attack to increase, a statically stable aircraft would generate a negative pitching moment which would
tend to return it to the trim condition. Likewise, if the disturbance reduced a, a statically stable aircraft would generate
a positive pitching moment.

Desired Restoring Moment (-Mcg )

Disturbance (+a

o,

Desired Restoring Moment (+Mcg )

Figure 6.9 Aircraft Longitudinal Static Stability
Static Stability Criterion

The above discussion of stable responses to disturbances leadsto acriterion for positive longitudinal stability.
This stability criterion isa condition which must be satisfied in order for an aircraft to be stable. Since, for positive
gtatic longitudinal stability, pitching moment must decrease with increasing angle of attack, and increase with
decreasing angle of attack, the partial derivative of the coefficient of pitching moment about the center of gravity,
Cwueg = Mgy / g Sc, with respect to angle of attack must satisfy:

qiC
%:Cm < 0 6.3)

Equation (6.3) isthe longitudinal static stability criterion.

Trim Diagram

A plot of pitching moment coefficient vs angle of attack or lift coefficient reveal s the relationship between static
stability and trim, and is usually called atrim diagram. It is convenient to plot the variation of Cy ¢y with respect to
absolute angle of attack, a,=a - a_ -, becausea, = 0when C_. = 0. Figure6.10 illustrates atypical trim diagram for
an aircraft with positive static longitudinal stability.
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Figure6.10 Trim Diagram

Note that the Cyeg VSaa curve slope, Cya, is constant. Thisistypical at low angles of attack. The pitching moment
coefficient at a, = 0 (and C_ = 0) is given the symbol Cy, . The angle of attack where Cyy = 0 isthetrim angle of
attack, a.. The subscript e (for equilibrium) is used to denote the trim angle of attack because the subscript t is usually
reserved for quantities associated with the horizontal tail.

Figure 6.10 immediately makes obvious another requirement for an aircraft with positive longitudinal stability.
Since aircraft must produce lift in most cases for equilibrium, only positive absolute angles of attack are useful astrim
angles of attack. Since Cya < O for stahility, it followsthat C ,, must be greater than O if the aircraft istotrim at a

useful a.. Thisisnot strictly a stability criterion, but it isarequired characteristic of aircraft which have positive static
longitudinal stability and useful trim angles of attack.

Figure 6.11 shows Cyg VSa, curvesfor aircraft with neutral and negétive static longitudinal stability. Cy o =
0 for neutral stahility, and Cy o > 0 when gtatic stability is negative. Clearly, for an aircraft with neutral static
longitudinal stability to have auseful a., Cy, must equal zero, and then all values of a, are trim angles of attack.
Likewise, if the aircraft has negative satic stability, Cyo must be less than zero for any useful value of a. .

C

Mcg Negative

— Neutra

Positive

Figure6.11 Trim Diagramsfor Positive, Neutral, and Negative Static L ongitudinal Stability

Calculating Cy, and Cya
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The methods for calculating the zero-lift pitching moment and moment curve slope for an airplane are based on
the methods used in Chapter 4 to calculate the lift of the whole airplane. Figures 6.6 and 6.12 illustrate the typical
geometry which must be included in the analysis.

Figure6.12 Important Velocities and Angles for Longitudinal Stability Analysis

In Figure 6.12, the aircraft angle of attack is measured between the aircraft reference line and the free stream
velocity vector, V, . For simplicity in thisanalysis, the aircraft reference lineis chosen to coincide with the zero lift

line of the wing and fuselage (a refence line such that when it is aligned with the freestream vel ocity, the wing and
fuselage together produce zero lift). Asafurther smplification, the contribution of the horizontal tail lift to the whole
aircraft lift (but not the tail’ s contribution to the moment) will beignored. With these assumptionsa_-o=0and a, =
a. At thehorizontal tail, thelocal flow velocity vector isthe vector sum of the free stream velocity and the downwash
velocity, Vi. The angle between the freestream velocity and the local velocity at the tail isthe downwash angle, e, The
angle of attack of the horizontal tail (stabilator in thiscase) islabeled a;. It is defined as the angle between the
horizontal tail chord line and the local velocity vector. The angle between the horizontal tail chord line and the aircraft
referencelineis called thetail incidence angle and is given the symbal i,.

The geometry of Figure 6.6 was used in Section 6.3 in the longitudinal trim analysis. For that analysis, it was
required that the moments about the aircraft’s center of gravity sum to zero. The same geometry is used to determine
Cmo, except that the forces and moments are written in terms of non-dimensional coefficients, and they do not
necessarily sum to zero. The expression for Cy, is obtained by dividing (6.1) by g Sc, where T isthe reference chord

length of the wing:

o
M M_ +L - - L ) .
a ig — ac (XcAgA _XaAcA) t — CM — CM + CL?cAgA _ XaAcA(:)_ CLt q % It (64)
gSc gSc ¢ ac e C [} gSc
The following definitions are made;
3 Xcg 4 Xac S I
=—, =2V, = (6.5)
%o TG %ae TG " st
so that (6.4) becomes:
CMCAgA = CMaAcA + CL ()_(cAgA - iaAcA) - CLt VH (66)
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Theratio defined in (6.5) which was given the symbol Vy is called the horizontal tail volume ratio, because the
guantities in the numerator and the denominator of the ratio have units of volume (area multi-plied by length). Thelift
coefficients of the wing and horizontal tail are expressed in terms of their angles of attack and lift curve slopes:

CL =CLa (a -a L:O) =CLa a,, CLt =CLat(at -a L:Ot)

Aswith the analysisin Section 6.3, the horizontal tail is assumed to have a symmetrical airfoil section, soa,_, =0.
Also, from Figure 6.12, a; = a5 - e- iy, SO

C =C

Mc.g. Mac.

+CLa aa ()_(cAgA - )_(aAcA)_ CLat(aa -€- it)VH (67)

Now, C,, isdefined asthe moment coefficient when the entire aircraft produces zero lift. For most airplanes the wing
[o]

and fuselage together produce a very large proportion of thelift, and so the lift of the tail has been neglected in this
analysis. With this approximation ismade, C,, isthe moment coefficient when the wing and fusdlage produce zero
o}

lift, and:

c, =C

o Mac.

-C (-e-i)Vv,=C, +C

a.c.

(eo + it)VH (6.8)

Lat

where g, isthe downwash angle when a = 0. Thisisusually avery small angle, often zero.

The moment curve slope, C,, , isobtained by taking the derivative of (6.7) with respect to absolute angle of
a

attack:
l CMC 1 _ _ .
Cy, = ﬂaag = o [ Cu,. *C. 2., (xCAgA - xaAcA)— C..la.-e- |I)VH] (6.9)
CMa = CLa ()_(c.g. - )_(a.c.)- CLatg- :]]_SEVH (6.10)

Equations (6.8) and (6.10) give valuable insight into the influence which the wing and tail of a conventional
tail-aft airplane exert on itstrim diagram. Note that (6.8) revealsthat, since C,, isnormally negative or zero and &,
a.c.

isnormally very small, the incidence angle of the horizontal tail must not be zero if C,, isto be positive. Note also that
[o]

i; was defined as positive when the horizontal tail is oriented so that it isat alower angle of attack than the main wing.
This makes sense, because when the main wing is producing no lift, thetail , if i, > 0, will be at a negative angle of
attack. Thelift produced by the tail in this situation would be downward, creating a nose-up pitching moment, so that

> 0.
Cy, >0
Most conventional aircraft are designed and balanced so that their centers of gravity are aft of the aerodynamic
centers of their wing/fuselage combination. For thissituation, thewing termin (6.10) is positive, and since C,, <O for
a

stability, the wing tends to destabilize the aircraft. Thetail term in (6.10) is negative, so thetail must overcome the
destahilizing effect of thewing in order to make the airplane stable. Expressionsfor C,, and C,, for other aircraft
o} a

configurations may be developed using the same approach which produced (6.8) and (6.10).
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Example 6.2
A conventional tail-aft flying model aircraft has the following characteristics:

WING TAIL AIRPLANE
S=0.8ft Sgj| = 0.33 1t Xgc = 0.11t
c=04ft Ctai| = 0.33 ft Xeg = 0.2 ft
CLa=0.078/ degree ClLatail = 0.068/ degree ly=1.21ft

=0 it =4 deg CM ac wp =-0.04
fe/fa =0.2 W=0.031b

What isthisaircraft’strim speed (the speed at which it will fly in equilibrium) at sea level? What would happen if the
aircraft were launched at 15 ft/s?

Solution: Theaircraft’s trim diagram will indicate itstrim angle of attack and hence itstrim lift coefficient. The values
of C, and C,, definethetrimdiagram. First, caculate Vy :
[o] a

S, I, _ 033ft? (12 ft)
V., = = =
st 08ft? (04ft)
Then:
_ - feod e q .0 fed
CMa _CLa (Xc.g. - Xa.c.)- CLatgﬁ.' ﬂa—V CLa & ¢ - B' Latg ﬂ—aaVH
=0078 /° ggﬂ oy (0.068 /°) (1- 02) 125 =- 00485 /°
04ft 04fto

Cu, =Cy__ *+Cy, (e, +i,)V, =-004+ (0068 /°)(0+6°)=0.368

Thetrim diagram for this aircraft will look like Figure 6.10, so:

- C _
a,=_ "Moo 0808 g4,
C,. -00485/°

and:
.=C, a,=(0078/°)(759°) =059

The aircraft will bein equilibrium when it is at its equilibrium (trim) angle of attack and at a true airspeed such that lift
equals weight, so:

L=w=C,qs, q=-_ = 0'03”02 = 0063 Ib/ft? =2rV?
C,S 0.59(0.8 ft?)

2(0.063 b/ ft*
v- a2 L —731s
r 0.002377 dug / ft




If the aircraft were launched at 15 ft/s, it would still trim at a. and the corresponding C. so:

-
#0.002377 Sug /1120y, 1 /97 (081t?)= 0126 Ib
%]

L=C, qs=cL;rv2s=o.598

S L _o01261b _,,
W~ 0.031b

So, if launched at V,, = 15 ft/sthe aircraft would commence a pull-up into aloop at load factor 4.2. Unlessit had

sufficient thrust, its speed (and the load factor) would begin to decrease asits flight path angle increased until the
aircraft either completed the loop or pitched back down at alower speed and load factor. Eventually, after perhaps
several oscillations of airspeed and flight path angle, it would stabilize at itstrim airspeed, 7.3 ft/s. Aslong asthe air
density and the aircraft geometry and weight are as described, it can only bein equilibrium when flying in level flight if
itisat itstrim airspeed.

In addition to the airspeed/flight path angle oscillation just described, the aircraft would also experience an
angle of attack oscillation as described by Figures 6.5 and 6.9. The airspeed/flight path angle oscillation is called the
aircraft’s phugoid longitudinal mode and the angle of attack oscillation is called the short period mode. These
oscillations are a consequence of the aircraft’s positive static stability.

Mean Aerodynamic Chord

For untapered wings, the wing chord length is used as the reference chord length, T, in the expression for
moment coefficient. For tapered wings, a simple average chord length is sometimes used. The most commonly used
valuefor © isknown asthe mean aerodynamic chord (M.A.C.) The M.A.C. isaweighted average chord defined by
the expression:

102 . 6.11
M.AC=2Q,, ¢ dy (6.11)
For untapered wings, M.A.C. = c. For linearly tapered wings, (6.11) smplifiesto:
2
M.AC.=2c, T *+1° (6.12)
8 1+]

Aerodynamic Center

The advantage of using M.A.C. for tisthat it not only is used in defining moment coefficient, but it also can be
used to approximate the location of the wing's aerodynamic center. Just as the aerodynamic center of airfoilsis
normally located at about 0.25 c, for wings the aerodynamic center is located approximately at the quarter chord point of
the M.A.C. for Mach numbers below M;;. At supersonic speeds, the aerodynamic center shifts to approximately 0.50
M.A.C. For swept wings, the spanwise location of the M.A.C. isimportant because it must be known in order to locate
the wing aerodynamic center. For untapered or linearly tapered wings, the spanwise location of the M.A.C., y,, , ., IS

given by:

1+1

olT

yM .AC.

where| isthewing taper ratio defined in Figure 4.1. The aerodynamic center of swept wingsis then approximately
located at:
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Xac= Ymac tanL g + 0.25M.A.C. (subsonic)
(6.14)
Xac= Ymac tanLie + 0.50 M.A.C. (supersonic)

Where the leading edge of the wing root chord istaken asx = 0. Figure 6.13 illustrates this location and also
demonstrates a simple graphical method for locating the M.A.C. and aerodynamic center on linearly tapered wings.

As shown in Figure 6.13, the graphical method for locating the M.A.C. involves drawing the 50% chord line of
the wing, then laying out lines with lengths equal to ¢, and ¢, at opposite ends and alternate sides of thewing. A line
is drawn connecting the endpoints of these two new lines. Thisthird lineintersects the 50% chord line of the wing at
the mid-chord point of the M.A.C. The checkerboard bar, pointed at both ends, isa commonly used symbol for the
M.A.C.

Fuselage and Strake Effects

Strakes or leading-edge extensions and, to a lesser degree, fuselages tend to shift the aerodynamic center so that
the location of the aerodynamic center of the wing/fuselage combination is not at the same as for thewing alone. The
effect of strakes and |eading-edge extensions may be estimated by treating them as additional wing panels, using (6.14)
to locate the aerodynamic center of the strake by itself, then calculating a weighted average aerodynamic center location,
with the areas of the strake and wing providing the weight factor:

B XaAcwngS"' (Xac%ke - XaAcAW,ng)%rake

] (6.15)
XaAcAW.nga,srake S + S;rake

The effect of the fuselage on the aerodynamic center is approximated using an expression obtained from extensive wind
tunnel testing™:
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Figure 6.13 Geometry and Graphical Deter mination of the M ean Aer odynamic Chord

2

2é éa‘C‘Win +strak 0 l;l

I, w, €.005+0111¢— " E€+ U
€ I oY

é ua

X0 =X, - (6.16)
““wing+strake+ fuselage “wing+strake SC
La wing+strake
where C has units of 1/radians, w isthe maximum width of the fuselage, I; is the fuselage length, and

a wing+strake
e isthe distance from the nose of the fuselage to the aerodynamic center of the wing/strake combination.
“wing +strake
From (6.15) and (6.16) it is apparent that strakes, leading-edge extensions, and fuselages all tend to move the
aerodynamic center forward. A look at (6.10) confirms that moving the aerodynamic center forward is destabilizing.
Asaresult, increasing the size of an aircraft’s fuselage and/or strakes would require a commensurate increase in the size

of the horizontal tail, if the same aircraft stability is to be maintained.

Neutral Point
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Figure 6.12 illustrates the effect of moving the aircraft center of gravity aft (to therear). From (6.10), moving
the center of gravity aft (increasing xc_g_) increases the magnitude of the (destabilizing) wing term and decreases |; and

Vu, so that the aircraft becomes less stable. The location of the center of gravity which would cause the airplane to have
neutral static longitudinal stability is called the neutral point.

Center of Gravity moving aft

Figure 6.14 Effect on Trim Diagram of M oving the Center of Gravity Aft

Neutral static stability is achieved when C,, = 0, so an approximate expression for the location of the neutral
a

point can be devel oped by setting (6.10) equal to zero and solving for Req. - The expression obtained in thisway is

approximateif Vy istreated as constant. Thisis areasonable approximation for most aircraft, since I, is usually more
than ten times greater than X - X,c. A changein Xy has a much larger effect on the wing term of (6.10), and an almost
negligible effect on thetail term. Setting (6.10) equal to zero and solving for o yields:

- 0= v v feod
CMa =0-= CLd (Xc.g. - Xa.c.)' CLat - ﬂ_aBVH
C ﬂe .
— o o L, O
Ko for Gy, =0) = %o = Ko T Viy C.; §L s (6.17)

Static Margin

The definition of neutral point leadsto a very convenient and commonly used alternate criteria for static
longitudinal stability. Itisclear from (6.10) and (6.17) that locating the center of gravity at the neutral point givesthe
aircraft neutral stability, moving the center of gravity forward of the neutral point produces positive static stability, and
moving the center of gravity aft of the neutral point makes the aircraft statically unstable. An alternate criterion for
positive static longitudinal stability, therefore, isthat the center of gravity is forward of the neutral point. This criterion
isnormally stated in terms of the aircraft’ s static margin, SM., which is defined as:

SM.=X, - X, (6.18)

Stated in terms of static margin, the stability criterion becomes SM. > 0. Static margin is a convenient non-
dimensional measure of the aircraft’s stahility. A large static margin suggests an aircraft which is very stable and not
very maneuverable. A low positive static margin is normally associated with highly maneuverable aircraft. Aircraft
with zero or negative static margin normally require a computer fly-by-wire flight control system in order to be safeto
fly. Table6.1 lists static margins for typical aircraft of various types.
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Table6.1. Static Marginsfor Several Aircraft

Aircraft Type Static Margin
Cessna 172 0.19
Learjet 35 0.13
Boeing 747 0.27
North American P-51 Mustang 0.05
Convair F-106 0.07
General Dynamics F-16A (early) -0.02
General Dynamics F-16C 0.01
Grumman X-29 -0.33

Asafinal comment on static margin, it isinteresting to note the relationship between static margin, lift curve
slope, and moment curve slope. An inspection and comparison of (6.10), (6.17), and (6.18) revedls:

Cy, =-C_(SM) (6.19)

Altering Stability

The discussion of neutral point began with considering how moving the center of gravity location would change
an aircraft’ s static longitudinal stability. Equation (6.10) can be used to predict how other changesin an aircraft
configuration will alter its stahility. For example, supposethevalue of wing/strake/fuselage lift curve slope, CLa , 1S

increased by increasing the wing aspect ratio, the strake size, or the wing's span efficiency factor. If, asin most
conventional aircraft, the aerodynamic center of the wing/strake/fuselage combination is forward of the aircraft center of
gravity so that X - Xac. > O, then increasing CLa makes the wing term in (6.10) more positive. C,, therefore becomes

less negative, and the aircraft less stable. For an aircraft configuration where X - Xoc. < 0, on the other hand, (6.10)
shows that increasing CLa increases static stability. Table 6.2 lists several other common aircraft configuration

changes and the effect they have on stability.

Table 6.2 Aircraft Changes Which Affect Stability

To Increase Stability (Make Cy_ More Negative) To Increase Sability (Make C,, . More Negative)
Term Change How Accomplished Term Change How Accomplished
c, T Orl Depends on ()Tcg - x_a,c,) v, T 1) Increase tail areaor moveit aft
- 1) Makewing moreor less 2) Decreasewing areaor chord

efficient (more or lesselliptical)

2) Increase/decrease aspect ratio
) CLa| T Make tail lift distribution more
X, l Shift weight forward dliptical or increase apect ratio
L Decrease downwash by increasing
Rac T 1) Pick airfail with : Te l
ac. ) Pick airfoil with more aft a.c. A aspect ratio o by placing tail above
2) Sweep wings

or below the plane of thewing

6.7 STABILITY AND CONTROL ANALYSISEXAMPLE: F-16A and F-16C
Figure 6.15 illustrates an early moddl F-16A and alater F-16C. The differences between the stabilators of the

two aircraft are apparent. Theincrease in stabilator area was made to all but the earliest F-16As to increase pitch
control authority. Table 6.3 lists descriptive data for each aircraft.
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(a) Early F-16A (b) F-16C

Figure 6.15. Planform Views of an Early F-16A and an F-16C

The stahility analysis begins by estimating the location of the aerodynamic center of the wing/strake/fuselage
combination, which will be the same for both aircraft. For the F-16 wing alone;

| = Cip/ Goot = 3.5t /16,5t = 0.212

MAC=2c, T 1T =114t

— 3 “foot 1+]
Yoo = 212 = 5g751t
A6 1+
Xac= Ymac tanL g + 0.25M.A.C. (subsonic)

= (5.875 ft) tan 40° + 0.25 ( 11.4 ft) = 7.8t

Xac= Ymac tanL g + 050 M.A.C. (supersonic)

= (5.875 ft) tan 40° + 0.50 ( 11.4 ft) =10.6 ft
Table 6.3. Descriptive Parametersfor an Early F-16A and an F-16C

Item Early F-16A F-16C
Wing:
S ft? 300 300
Croots Tt 16.5 16.5
Cip, Tt 35 35
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b, ft 30 (nomissilesor rails) 30 (nomissilesor rails)
x of root chord leading 0 0
edge, ft (20 ft aft of fuselage nose) (20 ft aft of fuselage nose)
L g, degrees 40 40
Stabilator:
S, ft? 108 135
Croot, 1t 10 11
Ciip, Tt 2 3
b, ft 18 18
x of root chord 175 17
leading edge, ft
L g, degrees 40 40
Strake (exposed)
Surake, Tt° 20 20
Croot, Tt 9.6 9.6
Ctip, ft 0 0
b, ft 2 2
x of root chord -8 -8
leading edge, ft
L g, degrees (avg.) 80 80
Fuselage
I 48.5 48.5
W 5 5
Whole Airplane
X (relativeto M.A.C.) .35 .35
Adding the effect of the strake:
| srake = Ciip / Croot =0 ft /9.6t = O
M.A.C.= 2 —1+|+|2:6.4ft
" T3 Crool 1+ |
Vi ao = 212 =033t
6 1+
Xacsrake = YMACstrake 1N Lesrae + 0.25 MLA.C.grake (subsonic)
= (0.33 ft) tan 80° + 0.25 (6.4 ft) = 3.5ft
Xacstrake = Ymacsrake AN Liegraee + 0.50 M.A.C.srae (supersonic)

= (0.33 ft) tan 80° + 0.50 ( 6.4 ft) = 5.1t

but these are defined relative to the leading edge of the strake root chord, not the wing root chord. From Table 6.3, the
strakeroot is 8 ft forward of the wing root, so relative to the wing:

Xacgrake = '45 ft (SUb&')nIC)

X acsrake = -2.9 ft (Supersonic)
and:
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X S+(x " Xaco: S$ ake

_ wing ACograke wing d =6.5ft (S_,lb&)nlC)

Xa‘C‘wi ng+strake S+S
strake

= 9.1 ft (supersonic)

Now, adding the effect of the fuselage, using Cia vingsrake = 0.068/° (predicted in Section 4.7) and the fact that the wing
root leading edgeis 20 ft aft of the fuselage nose, so that | acing/sirake = 20 Tt + Xacwing/sirake -

20

‘? ab, . ou N
1 w005+ 0111 e 48511 (511 60005+ 01112%5”0 i
é L é 485ftg
Xa.c. . = Xa_c_ . - = 6.5ft -
wing+sgrake+ fusdage wing+strake SCLa 300ft (0068/ )(573 0/ raj)
wing+strake
= 6.4 (subsonic)

To perform the supersonic calculation, supersonic lift curve dope must be predicted. A specific Mach number must be
chosen. For M = 1.5;

c.=_—_4 =o0051°
M, -1
.8 B, 0 oo it 520
Iy w,*€0005+ 012 o 4851t (51t)? eOOOS+O.‘LllS oMo
g r oy g 4851to
ac = Xac - =91ft-
T SC, 300 ft? (0051/°)(57.3 °/ rad)

-a wing +strake

=9.0ft (supersonic)
Next, the aerodynamic center of the F-16A stabilator islocated:
| stabilator = Ciip / Croot = 2t /10 ft = 0.2

1+ +12 _
M.AC.= 3Q001T_6'9ft

= E 1+2l =35ft

Xacstab= YMAC. sab tAN L gstan + 0.25 MA.C. gap (subsonic)

= (3.5 ft) tan 40° + 0.25 (6.9 ft) = 4.7 ft

Xacstab= YMAC. sab tAN L1 gstan + 0.4 MLA.C. gap (supersonic)
= (35ft) tan 40° + 0.50 (6.9 ft) = 6.4 1t

These are defined relative to the leading edge of the stabilator root chord. From Table 6.3, the stabilator root is 17.5 ft
aft of thewing root, so relative to the wing:

Xacsap = 22.2 ft (subsonic)

Xac stab = 23.9 ft (supersonic)
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But the distance of interest for the stabilator isl;, the distance from the stabilator’ s aerodynamic center to the aircraft
center of gravity. Table 6.3 liststhe center of gravity as 0.35 M.A.C., so relative to the wing root:
Xeg= YMAC. tanL g + 0.35M.AC.

= (5.875ft) tan 40° + 0.35 ( 11.4 ft) =8.9ft

and:
i = Xacsap - Xeg = 22.2 ft - 8.9 ft = 13.3 ft (subsonic)

=239ft-89ft=15ft (supersonic)
It isnow possible to calculate tail volume ratio:

- S|, _108ft’ (13.3ft) _ 0.42 (subsonic)
SC  300ft*(114 ft)
2
Vv, = S I, _ 108ft (15ft) = 047 (supersonic)

ST 300ft?(114ft)

Recall from Section 4.7 that 1€ _ 0.48. Sincethe F-16's X, . isspecified relative to the leading edge of the M.A.C.
fa

it is convenient (and common) to express X, and X relative to the same reference. Thisreguires

“Cwing+strake+ fuselage
subtracting the distance between the root leading edge and the M.A.C. leading edge from the value of X,.. The

expression for X, . then becomes:
&Cying+strake+ fuselage

_ Xa'c'wing+strake+ fuselage _ 64 ft - (5875 ft) tan 40°

_ac : - — =013
" wing +strake+ fuselage C 114 ft
C 4 .
X, =X, +V,, ;gi Y189 _ 013+ 0422230y 1. 04g)=33 subsonic
wing + strake+ fuselage CLa ﬂa %) 0.0572
— _ Xa.c.wmg,,s[,ake,,,Use‘age _ 9ft- (5875 ft) tan 40° _
Xa.c.wing +strake+ fuselage c - 114 ft =036
C -- .
X, = Xa +V, ;gi Y89 _ 036+ 0.42(1)(1- 0.48) =.58 Supersonic
wing +strake+ fuselage CLa ﬂa %}
So that the F-16A’s static margin is:
SM.=X, - X
=0.33-0.35=-0.02 subsonic
=0.58-0.35=+0.23 supersonic
Similar calculations for the F-16C yield
SM.=0.36-0.35=+0.01 subsonic
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SM.=0.61-0.35=+0.26 supersonic

Figure 6.16 plots the neutral point locations calculated for the F-16C vs Mach number and compares them with actual
values. Notethat, despite the F-16's relatively complex aerodynamics, the method produced reasonably good estimates.

0.7

0.6 t —

0.5 +

0.4 +

Calculated

Actual

0.3

Non-Dimensional Neutral Point Location,

Mach Number, M

Figure 6.16 Calculated and Actual Variation of F-16C Neutral Point with Mach Number
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CHAPTER 6 HOMEWORK PROBLEMS

Synthesis Problems

S6.1 The YF-22 and X-31 have demonstrated the ability to maneuver at angles of attack above 60 degrees. At these
extreme angles, well beyond stall, conventional control surfaces sometimes lose their control authority, or even work in
reverse, Brainstorm 5 concepts for control mechanisms which might be used to control an aircraft in pitch, roll, and
yaw at very high angles of attack, up to 90 degrees.

S-6.2 Fying-wing airplanes (including delta-wing jet fighters) have no canard or horizontal tail to serve as atrimming
surface. They are trimmed entirely by changing the pitching moment coefficient of thewing. Thislimitstheir ability to
use highly cambered, high-lift airfoils, since one of the inevitable consequences of high camber is a strong nose-down
pitching moment. Brainstorm at least five ways to allow a flying wing to use a highly-cambered airfoil, at least on the
inner 40% of its span, but still be trimmable.
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S-6.3 The area of the F-16's stabilator was increased in order to increase its pitch control authority. One of the
consequences of this change was an increase in the aircraft’ s static margin. Brainstorm at least five ways to increase an
aircraft’s pitch control authority without increasing its stability.

Analysis Problems
A-6.1 Fill in thetable below.

MOTION CONTROL SURFACE AXIS
Rall
Pitch

Yaw

A-6.2 How many degrees of freedom does an aircraft have?

A-6.3 Define static and dynamic stability.

A-6.4 Explain why aweathervane is stable (points into the wind).

A-6.5 Explain the tradeoff between stability and maneuverability.

A-6.6 A conventional aircraft (tail totherear), isin trimmed, level, unaccelerated flight. Thewing is generating
40,000 Ibs of lift and has a moment around the aerodynamic center of -20,000 ft-1b. The aerodynamic center of the
wing islocated at 0.25c, the center of gravity islocated at 0.45c, the aircraft has a chord of 5 ft, and the symmetric tail
aerodynamic center islocated 10 ft behind the center of gravity. What isthelift generated by the tail and what isthe
weight of the aircraft? {Hint: Draw a sketch and assume thrust and all drag forces act through the center of gravity.}

A-6.7 An aircraft with acanard isin trimmed, level, unaccelerated flight. The wing is generating 40,000 Ibs of lift and
has a moment around the aerodynamic center of -20,000 ft-1bs. The aircraft has a chord of 5 ft, the aerodynamic center
islocated at 0.25c, the center of gravity islocated at 0.10c, and the canard a.c. islocated 5 ft ahead of the center of
gravity. What isthelift generated by the canard, and what isthe weight of the aircraft

A-6.8 a. How would increasing the tail volume ratio change the longitudinal static stability of a conventional aircraft?
b. How would moving the center of gravity forward change the stability of a conventional aircraft?

¢. When an aircraft goes supersonic the aerodynamic center shifts from 0.25c to 0.5c. How would this change
the stahility of a conventional aircraft?
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A-6.9 An aircraft hasthe following data: The center of gravity islocated 0.45c behind the leading edge of the wing, the
aerodynamic center of the wing-body is at 0.25c, thetail volume ratio is 0.4, the wing lift curve dopeis 0.08/deg, the

tail lift curve slopeis 0.07/deg and fle/fla = 0.3, the tail setting angle is 39 and the downwash angle at zero lift is zero.
Theweight is 2500 Ibs, the wing areais 200 ft2 and the aircraft isflying at sealevel conditions.

a. Calculate the neutral point.

b. Calculate the static margin.

c. Isthisaircraft stable?

d. Caculate Cy 2, Cuo , and a. and plot the aircraft’strim diagram
e. What isthisaircraft’s trimmed lift coefficient?

f. What isthisaircraft’ strim speed?
INTRODUCTION TO AERONAUTICS. A DESIGN PERSPECTIVE

CHAPTER 7: STRUCTURES

“Uttensoscvis’ (Asthe stretch so the force)
Robert Hooke

7.1 DESIGN MOTIVATION

Fundamentally, an aircraft isa structure. Aircraft designers design structures. The structures are shaped to
give them desired aerodynamic characteristics, and the materials and structures of their engines are chosen and shaped
so they can provide needed thrust. Even seats, control sticks, and windows are structures, all of which must be designed
for optimum performance.

Designing aircraft structuresis particularly challenging, because their weight must be kept to a minimum.
Thereis always a tradeoff between structural strength and weight. A good aircraft structure is one which provides all
the strength and rigidity to alow the aircraft to meet al its design requirements, but which weighs no more than
necessary. Any excess structural weight often makes the aircraft cost more to build and almost always makes it cost
more to operate. Aswith small excesses of aircraft drag, a small percentage of total aircraft weight used for structure
instead of payload can make the difference between a profitable airliner or successful tactical fighter and afailure.

Designing aircraft structures involves determining the loads on the structure, planning the general shape and
layout, choosing materials, and then shaping, sizing and optimizing its many components to give every part just enough
strength without excess weight. Since aircraft structures have relatively low densities, much of their interiors are
typically empty space which in the complete aircraft is filled with equipment, payload, and fuel. Careful layout of the
aircraft structure ensures structural components are placed within the interior of the structure so they carry the required
loads efficiently and do not interfere with placement of other components and payload within the space. Choice of
materials for the structure can profoundly influence weight, cost, and manufacturing difficulty. The extreme
complexity of modern aircraft structures makes optimal sizing of individual components particularly challenging. An
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understanding of basic structural concepts and techniques for designing efficient structuresis essential to every aircraft
designer.

7.2S0OLID MECHANICS

The most fundamental concept which must be understood in order to design and analyze structuresis the
physics which governs how a solid object resists or supports aload applied to it. The study of this phenomenon is called
solid mechanics or mechanics of materials. Solids are composed of molecules held together in a matrix by strong
inter-molecular forces. When an external force is applied to a solid, the moleculesin contact with the force are moved
by it, causing them to move relative to other moleculesin the matrix. The shift of the relative positions of the molecules
in the matrix causes the magnitude of the inter-molecular forces to change in away that tends to return the molecules to
their original relative positions. In thisway, the applied force is propagated through the solid object as changesin
intermolecular forces. If the object isfreeto move, the applied force will cause it to accelerate. On the molecular level,
the changes in inter-molecular forces cause each molecule to accel erate with the object. If the object is restrained, the
restraint applies forces to the object which counter the applied force, and these are communicated to each moleculein
the matrix by changes in intermolecular forces.

Stressand Strain

Figure 7.1 shows a restrained solid object to which an external force has been applied. The object is cut by an
imaginary line so that the intermolecular forcesin it may be examined. If noload is applied to the body, the
intermolecular forces within it arein balance, so that thereis no net force on any molecule. Thisisalso trueif the force
isapplied to arestrained body. However, it should be apparent that the forces between molecules on opposite sides of
the imaginary line will not be the same when aforceisapplied aswhen thereisno external force.  Summing the forces
on the portion of the body left of the line makes this clear:

(7.2)

where IEl isthe applied external force and DF, are the changes in the intermol ecular forces between molecules on
opposite sides of the line relative to the magnitudes of the forces when no external force is applied.

Restraint

Figure 7.1 Changesin Intermolecular Forces Dueto Applied L oad

The forces between the billions of moleculesin a solid object are commonly represented asa stress. A stressis
ameasure of the total Dfi per unit areawithin an object. Figure 7.2 illustrates the same situation as Figure 7.1, but
with the intermolecul ar forces represented as a stress.  Stresses such as this are usually given the symbal s .
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Figure 7.2 Internal Stressesin a Solid Object Dueto an External Force
Summing forces on the portion of the object left of theimaginary lineyields:

A F =-F+s A, ors=|% (7.0)
where A isthe cross-sectional area of the object where it is cut by the imaginary line.

The DF, are generated by shiftsin the relative positions of molecules. This change in molecule positions when

aforceis applied causes the solid object to change shape or deform. The amount of change in an object’s dimension per
unit length in that direction is called strain and given the symbol e. Strain is defined as:
eo DTl (7.2)

wherel isthe overall length of the object and Dl isthe change in its length when the force is applied.

If the force applied to the body is not too strong, then when it is removed, the molecules will return to their
original positions relative to each other. This processis called elastic deformation. Anyone who has flown on a
modern jet airliner has probably noticed the eastic deformation or flexing of its wings during flight.

Stress-Strain Relationship:Hooke's Law
Each material has a characteristic relationship between the stress applied to it and the amount of strain it
exhibits. For the situation shown in Figure 7.2, thisrelationship is given as:

e =S/E (7.3)

where E isthe modulus of elasticity characteristic of each material. The modulus of elagticity is also referred to as

Y oung's modulus after the English engineer Thomas Y oung who suggested the concept in 1807. Equation (7.3) is

often referred to as Hooke's L aw after another Englishman, Robert Hooke, who observed in 1678, “Ut tensio sic vis’ (as
the stretch so the force)." E isameasure of the stiffness of a material. Materials with very high values of E change
their dimensions relatively little when aforceisapplied. Table 7.1 listsvalues for E for some common aircraft
materials.

Table 7.1 Values of Young's M odulus for Some Common Aircraft M aterials*®

Material E, psi Material E, psi
4340 Stedl 29,000,000 Graphite/Epoxy 22,000,000
Stainless Stedl 26,000,000 Kevlar/Epoxy 12,000,000
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2024-T4 Aluminum 10,700,000 Fiberglass/Epoxy 5,000,000
7075-T6 Aluminum 10,300,000 Aircraft Spruce 1,300,000
Titanium 16,000,000 Balsa Wood 1,000,000

‘Note: The number s associated with some materials designate particular alloysand heat treatment.
Valuesfor composite materials are based on unidirectional lay-up with 60% of fiber contents.

Some of the materialsin Table 7.1 (graphite/epoxy, Kevlar/epoxy, and fiberglass/epoxy) are known as
composite materials or just composites. Composites are composed of very strong fibers embedded in a softer material.
The fibers give the composite very high stiffness, while the softer material gives it toughness and arigid shape that the
fibers by themselves would not have. Actually, wood is a naturally occurring composite material, with strong cellulose
fibers held together by softer material. Modern man-made composites imitate many of wood' s good characteristics, but
have greater strength and stiffness.

Composite fibers can be woven into cloth or mat to give the material good strength in all directions and good
resistance to shear, or they can be al placed parallel to each other (unidirectional, like wood) to produce the greatest
strength in one direction. The fibers may also be placed in the composite in layers, with the fibersin each layer oriented
differently. In thisway, the strength and bending characteristics of the composite can be tailored to the needs of a
particular design application. Composite materials have great potential for significantly reducing the weight and cost of
aircraft structures, if new design and fabrication methods can be developed which allow composites to perform to their
full potential.

Plastic Deformation

If the force applied to the solid is strong enough, it can cause the molecules to move so far from their original
relative positions that some intermolecular forces with other molecules become weaker and others which originally were
weak become stronger. Asaresult, when the external force is removed, the molecules may not return to their original
relative positions, but may remain in some new configuration in which they arein equilibrium. This process, called
plastic defor mation, causes the shape of the solid to change permanently. Plastic deformation of an aircraft structure
can serioudly affect its ability to function properly. The maximum structural limits on aircraft are always set to avoid
plastic deformation of the structure. The stress beyond which a material will undergo plastic deformation is called its
yield strength, sy, and the load limit for a structure beyond which it will be permanently deformed is called its yield
limit.

Failure

Very strong forces applied to a solid may cause some molecules to move so far from their neighbors that the
intermolecular forces between them disappear and the object develops cracks or even breaks apart. This situation is
called structural failure. Failure of aircraft structures frequently results in complete destruction of the aircraft.
Maximum structural limits on aircraft are set with afactor of safety relative to the loads which would cause structural
failure. Thisfactor of safety isusually 1.5 for aircraft, so that if aload factor (see Sections 5.11 and 5.12) of 12 would
produce structural failure, the maximum allowable |oad factor for the aircraft would be 8. Loads beyond which
structural failurewill occur are called ultimate loads, and the maximum stress which a material can endure without
falureisitsultimate strength, s,. Table 7.2 listsyidd strengths and ultimate strengths for some common aircraft
materials. Note that the very strong fibersin composite materials prevent them from yielding significantly before the
fibers break and the materiasfail.

Table 7.2 Valuesof Yield Strength and Ultimate Strength for Some Common Aircraft M aterials®**

M aterial Yield Ultimate M aterial Yield Ultimate
Strength, psi | Strength, psi Strength, psi [ Strength, psi
4340 Stedl 163,000 180,000 Graphite/Epoxy 170,000 170,000
Stainless Stedl 165,000 190,000 Kevlar/Epoxy 160,000 160,000
2024-T4 Aluminum 42,000 57,000 Fiberglass/Epoxy 60,000 60,000
7075-T6 Aluminum 70,000 78,000 Aircraft Spruce 9,400 9,400
Titanium 143,000 157,000 Balsa Wood 3,500 3,500
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Note: The number s associated with some materials designate particular alloysand heat treatment. Valuesfor composite materials based on
unidirectional lay-up with 60% of fiber contents.

Fatigue

Many materials, especially metals, will develop cracks and eventually fail after many cycles of having loads
applied and removed without ever being stressed beyond their ultimate strength.  This process of devel oping cracks due
to cyclic loading is called fatigue. Figure 7.3 shows atypical relationship between maximum loads and the number of
cyclesamaterial can endure before devel oping fatigue cracks.
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Figure 7.3 Fatigue Life asa Function of Maximum Cyclic Load for Typical Aircraft Metals

Two of the metalsin Figure 7.3 have fatigue limits, stresslevels below which the metals will not develop
cracks no matter how many cycles of loading they undergo. For some metals such as sted, this fatigue limit is quite
high, and useful aircraft structures can be designed so that their fatigue limit is never exceeded. For other materials
such as many aluminum alloys, however, the fatigue limit is so low that structures designed to never exceed the fatigue
limit are not practical. Asaresult, these structures must be designed to a specific service life, usually designated in
terms of a maximum number of flight hours. For example, the original design service life of the Cessna T-37 jet trainer
was 5,000 hours, which many aircraft reached after only ten years. Structural strengthening has allowed many of these
aircraft to servethreetimesaslong. Aircraft which have exceeded their design service life are sometimes still flown
without modification, but care must be taken to periodically inspect their structure for developing cracks. Some aircraft
are equipped with devices which record the loads applied to the aircraft in order to more accurately predict and monitor
structural fatigue.

Composite materials are not free from fatigue problems. One of the most serious fatigue failures in composites
is called delamination. Most composites are made up of many layers. The strong fibers almost always run within
layers, so the layers are held to each other only by softer material. Delamination occurs when minor damage or a
manufacturing defect causes a crack to develop between layers, and then grow during many cycles of loading.

Devel oping methods of reliably detecting and repairing delamination and other damage in composite structures is one of
the keys to unlocking the full potential composites have for saving weight and cost .

7.3 TYPES OF STRESS
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Theforce applied in Figure 7.2 tended to stretch or elongate the object. Thistype of load on a structureis
caled atensileload. Structures may be stressed in other ways, however. Figure 7.4(a) shows a compressive load (one
which tends to compress the structure) and Figure 7.4(b) shows loads which produce shear stressin astructure. A
shear stress tends to move different parts of a structure in opposite directions. Consistent with the symbol used for

aerodynamic shear stresses due to friction, structural shear stresses are given the symbol t.
Restraint

—> - —
Restraint

(a) Compression (b) Shear

Figure 7.4 Compression and Shear Stresses

Hooke' s Law for a structure loaded in compression is the same as for tensile loads. For shear, however, a
different form of (7.3) is used:

g=b% (7.4)

where g isthe shear strain and G is Young's modulus for shear, also called the modulus of rigidity. The magnitude of
the modulus of rigidity for most materialsis less than half the magnitude of their modulus of elagticity.

Bending

Figure 7.5 shows an object under abending load. Thisisreally the same situation asin Figure 7.4(b), rotated
90° to theright, but the object is along, slender beam, such as might be found in an aircraft wing. Because of the
beam’ s shape, the force applied at its end creates a very strong moment. The stresses which result from this bending
moment are much greater than the shear stresses due to the forcein the object. Figure 7.5 shows that the stressesin the
beam due to the moment are tensile at the top of the beam decreasing to zero midway in the beam cross section and
reaching a maximum compressive stress at the bottom of the beam. The midway point in the beam cross section where
compressive and tensile stresses are zero is called the beam’ s neutral axis. If the beam’s cross-sectional shapeis
symmetrical about a plane running down the length of the beam, then its neutral axislies on this plane of symmetry.
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Figure 7.5 A Beam With a Bending L oad

The magnitude of the compressive or tensile stress for any vertical (y) position in the beam cross-section is

given by:
=My "9

where M isthe moment in the beam due to theload and | is the area moment of inertia of the beam’s cross-sectional
shape defined by:

A

1°¢ y’dA (7.6)

Note that (7.6) applies only to beam cross-sections which are symmetrical about they axis. For the more general case of
asymmetrical cross sections, see Reference 2. Clearly, from (7.5) and Figure 7.5, the greatest tensile and compressive
stresses in the beam are at the top and bottom of the beam cross-section, farthest from the neutral axis. Shear stresses
dueto theload are also present, and should not be ignored.

7.4 LOADS

An aircraft structure must be designed to withstand a large number of different types of loads as shown in
Figure7.5. Some of these loads, such as catapult, towing, arresting, external stores, and landing gear loads are applied
to the structure at a few discreet locations. These are referred to as point loads or concentrated loads. Others,
primarily the aerodynamic loads, are the result of pressures and shear stresses distributed over the aircraft surface, and
hence called distributed loads. These loads are not distributed uniformly, and the locations on aircraft surfaces where
maximum pressure loads occur change as flight conditions change. Many of these [oads are unsteady, conducive to
structural fatigue. Before detail design of an aircraft structure can occur, the maximum magnitudes and frequencies of
application of these many loads which the aircraft must sustain in order to meet the design requirements must be
determined.
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Figure 7.6 Some of the Many L oads on an Aircraft Structure
Point L oads

The maximum magnitudes of most concentrated |oads can be determined fairly easily. Maximum catapult and
arresting gear loads are determined using (5.54) and (5.55). The takeoff distance equation is modified to include the
catapult force, Fea, With the takeoff thrust:

- 144" (7.7)
So =1 SC,__g(Ty +F,)
2
o 1AW g (7.8)
r SC__ s

Similarly, the landing distance equation is modified by replacing the relatively small aerodynamic and rolling friction
forces with the arresting gear force, F;:

_ 169 W,_2 (7.9)
rs CLW gF,,
_ leaw’ (7.10)
" rsC_gs

Towing loads are naturally significantly less than catapult loads. Assuming a maximum towing load equal to 50% of
the aircraft’s maximum takeoff weight would allow for the possibility of towing on steep inclines and uneven surfaces.
Roalling friction and braking loads are given by:

Frae =M N (7.11)

where m< 0.1 for afree-rolling whed and m< 0.5 for abraking whedl, and N is the portion of the aircraft weight
carried by each landing gear. Aircraft are normally designed to place 10-12% of the aircraft weight on the nose gear
and 88-90% distributed evenly between or among the main gear. However, the nose-down pitching moment created by
braking will increase the nose gear load, depending on the aircraft geometry. Likewise, any small turns made during
braking can place more than 50% of the aircraft weight on one main gear. Asageneral rulefor maximum rolling
friction and braking load calculations, allow for the possibility of 50% of the total weight being on the nose gear and
100% on each main gear. Maximum side loads (depicted in Figure 7.6) during turns are of approximately the same
magnitude as braking loads. Landing loads will be significantly higher than this.

Worst case landing loads require that the landing gear be able to sustain the forces necessary to absorb al of a
maximum specified sink rate in the length of the landing gear stroke as depicted in Figure 7.7. This can produce forces
on each landing gear which are four or more times the total aircraft landing weight, especially for carrier-based aircraft.
Landing gear for land based aircraft are generally designed for a maximum sink rate on landing of 12 ft/s, while carrier-
based aircraft are designed for 24 ft/s sink rates. During a bad landing with significant bank and/or sidedlip, alarge
portion of thisload may be sideload. Designers must make a tradeoff between the extra weight associated with
additional structural strength and heavier landing gear with longer stroke.
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No Load

Figure 7.7 Landing Gear Stroke

Point loads on the structure from externally- or internally-mounted stores, engines, equipment, passengers, and
payload are simply the weight of the item and any pylons, seats, mounting brackets, etc. multiplied by the maximum
load factor which the aircraft will sustain when these items are carried. Theload dueto drag of any external stores and
the thrust of engines must also be considered, especially if they are hung on long pylons which cause the forces to
produce strong twisting moments on the structure.

Many aerodynamic loads al so apply point loads to portions of the structure. This occurs typically because
lifting and control surfaces, though they sustain distributed aerodynamic loads, are designed to attach to the rest of the
aircraft structure at only afew points. These surfaces essentially collect the distributed load and concentrate it into a few
points. The maximum aerodynamic load on wing-to-fuselage attachment points results from the maximum lift the
aircraft is designed to generate. For an aircraft designed to sustain a load factor of nine, the design maximum lift may
be more than nine times the weight (depending on the magnitude and direction of trim lift generated by control
surfaces). The drag and pitching moment generated by the wing in this condition also add to the load on the fuselage.

Control surfaces place similar lift, drag, and pitching moment loads on an aircraft. In addition, control sticks,
linkages, cables, and actuators place loads on the aircraft structure due to the aerodynamic resistance to control surface
movements which they must overcome. Attachment points for control systems must be very rigid to avoid sloppinessin
the controls which reduces control effectiveness .

Distributed L oads

Not all distributed loads on an aircraft structure are aerodynamic. Fuel is often carried within thewingsin
rubber bladders, or in integral fuel tanks, portions of the structure which have been sealed against leaks. Other types of
liquids (water, fire-retardent chemicals, insect spray, etc.) may also be carried. Some of these liquids may be under
pressure, adding to the magnitude of the distributed load. Typically, though, pressurized liquids and gases are carried in
Separate pressure vessals, which load the aircraft structure at discrete points. In addition to liquids, some other types of
cargo (grain, gravel, etc.) also place distributed |oads on the structure.

Aerodynamic L oads

Pressure loads are generally of much greater magnitude than aerodynamic loads dueto shear. The highest air
pressures are generally at stagnation points, where at high speeds and low altitudes total pressures can be over 3,000 psf.
Low static pressuresin regions of high flow velocities also place distributed |oads on the structure.

Even when the pressure and shear |oads on an airfoil are represented as lift and drag point loads at the airfoil’s
center of pressure, they still must be considered as a distributed |oad across the span of thewing. Figure 7.8(a) shows a
typical spanwiselift distribution. Drag and pitching moment also have spanwise distributions. These distributions
typically have their maximum magnitudes when the aircraft is maneuvering at its maximum design load factor at low
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atitude and high speed. If the aircraft is banking or ralling, thelift distribution is no longer symmetrical, and the wing
generating the most lift often has a peak in thelift distribution near the deflected aileron. Figure 7.8(b) shows this
Situation. For asymmetrical maneuvers such as this, the maximum load factor limit is set by the maximum structural
load which can be sustained by the most heavily-loaded wing.

Lift Lift

UO A\
(a) Symmetrical (b) Asymmetrical (Ailerons Deflected)

Figure 7.8 Symmetrical and Asymmetrical Spanwise Lift Distributions

Gust Loads

For some aircraft, particularly transports, design maximum aerodynamic loads are not due to maneuvering but
result from encounters with gustsor air turbulence. Gusts result from uneven heating of the earth’s surface, which
produces strong vertical air currents and winds in the atmosphere. Gusts also result from the strong trailing vortex
systems shed in the wakes of large aircraft. The strongest gust 1oad which aircraft are designed to sustain is one due to
an aircraft flying into a strong vertical air current which abruptly changes its angle of attack and the lift it is producing.
Airline passengers are frequently reminded of the effects of vertical gusts when the pilot turns on the “ Fasten Seat Belts’
sign.

Figure 7.9 illustrates an aircraft which has abruptly encountered a vertical air current. Thecurrentiscalled a
shar p-edged gust because it does not have reduced velocities around its edges. Thiswould never happen in nature, but
most standards for gust loading are specified in terms of an equivalent shar p-edged gust. An equivaent sharp-edged
gust actually has higher velocities in the center and lower ones at the edge, but it is modeled for analysis purposes as
having uniform vel ocities which abruptly stop at its edge, and which produce approximately the same effect on the
aircraft asareal gust. Figure 7.9 shows the worst situation in terms of structural loads. The aircraft isin level flight
generating lift equal to its weight when it encounters a gust which is pure updraft (the air currentsin it are oriented
perpendicular to the horizon and moving upward.) The aircraft’s velocity vector is horizontal and much greater than
the gust velocity, so the primary effect of the vertical gust asit adds vectorially to the horizontal velocity vector isto

change the direction of the effective freestream velocity vector, V4 , (just as downwash does). The changein the

effective freestream direction changes the aircraft’ s effective angle of attack, a. . The effect of an updraft isto increase
a« and thereforeincrease lift. This sudden increase in lift can cause very heavy loads on the aircraft’ s wing structure.

DLift Due toGust

Lift Before Gust
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Figure 7.9 An Aircraft Encountering an Updr aft

The gust velocity is small relativeto V,, . Otherwiseit would cause such alarge changein angle of attack that
the wing would stall. For arelatively small Vy.«, the magnitude of the change in angle of attack, Da, is given by:

Da = tan’ 1?9% Q »VQ% (7.12)
v@ ¥

and the changein lift coefficient is:

DC, =C,_Da =C, ?9%9 (7.13)
a a ¥g
Thechangein liftis:
5 C.rV, WS
DL=DC_gS=C,_ ?M %}/zr V,2S= +S‘ (7.14)
¥

and the change in load factor is:

DL C_rV VS CL I Vo W

Dnz—=_—ta "o gt (7.15)
W 2w (W )
S
Assuming the load factor prior to encountering the gust is 1, the maximum load factor during the encounter is:
CL T Vo W
N, =1+Dn=1+ (7.16)

EGA

In some design specifications and regulations, (7.16) is modified with agust alleviation factor, Kg, which accounts for
the fact that true sharp-edged gusts do not exist and the actual response of the aircraft isless than predicted by the above
analyss.

K Ci, T Vue Ve
¢ =1+Dn=1+ (7.17)

474

An aircraft isjust aslikely to encounter a downdr aft as an updraft when flying through turbulent air. A
downdraft isavertical air current like an updraft, except that the direction of the air flow is downward. The reaction of
an aircraft to adowndraft is similar to an updraft, but since Vyu IS negative, the second termin (7.17) is negative as
well. Thefirsttermin (7.17) remains positive, so the magnitude of nyy iSless. However, since most aircraft have
lower negative structural limits, encountering a downdraft could still be a problem.

V-n Diagram
The V-n diagram discussed in Section 5.12 is often used to summarize the loads which the aircraft is designed
to withstand, and to verify that gust encounters within the aircraft operating envelope will not cause gust factors that
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exceed structural limits. Figure 7.10 is an example of this. Note that asymmetrical maneuvering load limits and gust
loads have been added to the diagram.

Altitude: SealLeve Positive Structural Limit
Weight: 5800 Ibs

6 + Clecn Conficiiration
viedl Lorniguraiuri
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|
Ky |
cug LO% : q Limit

4 | Positive Stall Limit
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Negative Stall Limit Asymmetrical ManeuveringLimit

4 | | | . ! Negative Structural Limit
100 200

True Airspeed, V, knots Corner Velocity

Figure 7.10 V-n Diagram With Gust L oads Superimposed

Figure 7.10 isfor amilitary jet trainer, so maximum structural limits are quite high. However, if Np,, were3
instead of 7, the aircraft would be gust limited at speeds above 270 kts. Thismeansthat if the aircraft flew faster than
270 kts and encountered a 50 ft/s equivalent sharp-edged gust, it would exceed its structural limits. Thisisacommon
situation for many light aircraft and airliners.

7.5 STRUCTURAL LAYOUT

Conceptual design of aircraft structures requires deciding where major structural memberswill be placed
within the aircraft. These are critical decisions, because a misplaced member can cause many headaches later in the
design process. Careful placement of structures can save significant structural weight, and can greatly simplify
manufacturing, operation, and maintenance of the aircraft.

Most aircraft structural components have names which were borrowed from ship structures. Figure 7.11
illustrates the major types of aircraft structural components. The main load-bearing membersin the wing are called
spars. Sparsare strong beams which run spanwise in the wing and carry the force and moments due to the spanwise lift
distribution. The chordwise pressure and shear distributions on each airfoil are carried to the spars by the wing skin and
airfoil-shaped structural frames called ribs. Theribs help the wing keep its airfoil shape, and together with the skin and
spars form tubes and boxes which resist wing twisting or torsion. The pressure and shear distributions on the wing skin
are collected by the ribs and transmitted to the spars. Theloads on most ribs are relatively small, though some may
carry concentrated loads from landing gear, engines, or external stores. Wing skins are usually quite thin, so they
frequently have additional stiffeners or stringers attached to them. Stringers help transmit the skin surface loads to the
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ribs and spars, and they help keep the skin from bending too much under load. Structural components of stabilizers and
control surfaces are given the same names as similar components in wings.

Longerons

Figure7.11 Types of Structural Components

Fuselages also have structural beams, frames, skins, and stiffeners. Fuselage frames are sometimes called
bulkheads, and they typically run perpendicular to the longitudinal axis. Fuselage beams are called longer ons, except
for the center beam which iscalled akeel. Kedsare used primarily on carrier-based navy aircraft, because they need a
strong structure to which they can attach catapult bars and arresting gear tail hooks. Other types of aircraft have fewer
beamsin their fuselages. A monocoque fuselage has no kedl, longerons or stringers at all, but gets all of its bending and
torsional stiffness from the tubes and boxes formed by its skin and frames. A semi-monocoque fuselage is more
common. It has some stringers and longeronsto stiffen the skin, but is otherwise similar to the monocoque design.

Conceptual Structure Design Guidelines
Every structure design problem is different, but the following general guidelines suggest pitfalls to avoid and
goalsto strive for when laying out an aircraft structure:

1. Never attach anything to skin alone. Even thick aluminum skin has relatively little strength against point loads
perpendicular to its surface. Pylons, landing gear, control surfaces, etc. must be attached through the skin to major
structural components (spars, ribs, frames, keels, etc.) within the structure.

2. Structural members should not pass through air inlets, passenger cabins, cargo bays, etc.

3. Magjor load-bearing members such as spars should carry completely through a structure. Putting unnecessary joints at
the boundaries of fuselages, nacelles, etc. weakens the structure and adds weight.

4. Whenever possible, attach engines, equipment, landing gear, systems, seats, pylons, etc. to existing structural
members. Adding structures to beef up attachment points adds weight. Plan the positions of major structural members
so that as many systems as possible can 